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ABSTRACT

DETERMINATION OF LOADS ON A FLEXIBLE WING
OF A FIGHTER JET VIA SURROGATE MODELS

Zafer, Ozgiir
M.Sc., Aerospace Engineering
Supervisor: Assoc. Prof. Dr. Melin Sahin

January 2023, 106 pages

This study presents the load analysis of a flexible wing for a fighter jet. The main
purpose is to demonstrate the application of a rapid methodology for aero-structural
coupling and the determination of flexible wing loads suitable for the initial design
stages of a fighter jet. The present methodology allows designers to include
flexibility effects early on and to explore the design space quickly for flexible wing
loads. The methodology uses an aerodynamic database obtained with high-fidelity
computational fluid dynamics (CFD) and loads at unknown flight parameters are
calculated with surrogate models. Surrogate models reduce the computational time
by replacing computationally expensive CFD simulations with approximate
functions which are much faster to evaluate. In order to acquire the loads on a flexible
wing of the fighter jet, required models for aero-structural coupling, namely;
aerodynamic, structural and surrogate models are developed. The aerodynamic
model of the generic fighter aircraft is a three-dimensional wing-body configuration
and aerodynamic analysis is conducted using Euler simulations in ANSYS Fluent.
The results obtained from the aerodynamic analysis are validated with the available

experimental results. On the other hand, the structural model is a two-dimensional



beam stick model (BSM) to decrease the computational time. The BSM generated
from a wing’s finite element model (FEM) and the modal properties of BSM are
tuned to achieve similar modal characteristics as that of the FEM. To generate an
aerodynamic database efficiently, surrogate models are also utilized and are then
compared in terms of the generation of the acrodynamic database with minimal CFD
simulations. According to this criterion, the surrogate model is selected for this

particular research problem.

The aeroelastic model is generated using the aerodynamic loads obtained from the
optimized surrogate model and mode shapes from the BSM. Flexible wing loads are
calculated from the present model and verified with Nastran FlighLoads (FLDS)
module which uses low-fidelity, linear aerodynamic theory to calculate aerodynamic
loads. Once the validation process is completed, the developed aeroelastic model
takes the high-fidelity CFD solutions as input to determine the flexible wing loads
and compares the final computed results with the FLDS. In conclusion, the proposed
methodology produces satisfactory results compared to the CFD simulations, hence,
it can be used in the early design phase to significantly reduce computational time

and cost.

Keywords: Load Analysis, Aero-Structural Coupling, Beam Stick Model,

Computational Fluid Dynamics, Surrogate Modeling

vi



0z

BiR SAVAS UCAGININ ESNEK KANADI UZERINDEKi YUKLERIN
VEKIiL MODELLER KULLANILARAK BELiRLENMESI

Zafer, Ozgiir
Yiiksek Lisans, Havacilik ve Uzay Miihendisligi Boliimii
Tez Yoneticisi: Dog. Dr. Melin Sahin

Ocak 2023, 106 sayfa

Bu caligmada bir savas ucagi esnek bir kanadinin yiik analizleri yapilmaktadir. Ana
amag, aero-yapisal etkilesimi i¢in hizli bir metodolojinin uygulanmasini ve bir savas
ucaginin ilk tasarim asamalarma uygun esnek kanat yiiklerinin belirlenmesini
gostermektir. Bu metodoloji, tasarimcilarin esneklik etkilerini erkenden dahil
etmelerine ve esnek kanat yiikleri i¢in tasarim bdlgelerini hizli bir sekilde
kesfetmelerine olanak taniyacaktir. Metodoloji, yliksek dogrulukta hesaplamali
akiskanlar dinamigi (HAD) ile elde edilen bir aecrodinamik veri taban1 kullanmakta
ve bilinmeyen ugus parametrelerindeki yiikler vekil modellerle hesaplanmaktadir.
Vekil modeller, pahaliya mal olan HAD simiilasyonlarmi, ¢ok daha hizli olan

yaklagik fonksiyonlarla degistirerek hesaplama siiresini de azaltmaktadir.

Savag ucagi esnek kanadmin yiiklerini elde etmek i¢in aero-yapisal etkilesim igin
gerekli modeller, yani aecrodinamik, yapisal ve vekil modeller gelistirilmistir. Jenerik
savas ucaginin aerodinamik modeli, li¢ boyutlu bir kanat-gévde konfigiirasyonudur
ve aerodinamik analizi, ANSYS Fluent ile Euler simiilasyonlar1 kullanilarak
gergeklestirilmektedir. Aerodinamik analizden elde edilen sonuglar, mevcut
deneysel sonuglarla da dogrulanmistir. Diger taraftan yapisal model, hesaplama

stiresini azaltmak icin iki boyutlu bir kiris ¢ubuk olarak da modellenmistir. Bir

vii



kanadin sonlu eleman modelinden (SEM) {iretilen kiris ¢ubugu modeli ve bu modelin
modal 6zellikleri, SEM'inkine benzer modal 6zelliklere ulagmak i¢in ayarlanmis ve
verimli bir aerodinamik veri tabani olugturmak i¢in vekil modeller kullanilmigtir. Bu
vekil modeller, minimum HAD simiilasyonlar1 ile aerodinamik veri tabanmin
olusturulmast agisindan da karsilagtirilmigtir. Bu kritere gore, bahsi gegen arastirma

problemi i¢in en uygun vekil model seg¢ilmistir.

Aeroelastik model, optimize edilmis vekil modelden elde edilen aerodinamik yiikler
ve kiris cubugu modelinden gelen mod sekilleri kullanilarak olusturulmustur. Esnek
kanat yiikleri, mevcut modelle hesaplanmis ve aerodinamik yiikleri hesaplamak i¢in
diistik dogrulukta, lineer aerodinamik teori kullanan Nastran FlighLoads (FLDS)
modiilii ile dogrulanmistir. Dogrulama islemi tamamlandiktan sonra, gelistirilen
aeroelastik model, yiiksek dogruluklu HAD c¢oziimlerini esnek kanat yiiklerini
belirlemek i¢in bir girdi olarak almis ve hesaplanan nihai sonuglar FLDS ile
kargilagtirilmistir. Sonug olarak, dnerilen bu metodoloji, HAD simiilasyonlarina
kiyasla tatmin edici sonuglar elde edilmis ve bu nedenle hesaplama siiresini ve
maliyeti onemli 6l¢iide azalttigi icin erken tasarim agamasinda kullanilabilecegini de

gostermistir.

Keywords: Yiik analizi, Aero-yapisal Etkilesimi, Kiris Cubugu Modeli, Hesaplamali
Akiskanlar Dinamigi, Vekil Modelleme
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CHAPTER 1

INTRODUCTION

1.1 Background and Motivation of the Study

Load assessment of aircraft and its components is essential to the aircraft
development process. At the preliminary design stage of aircraft development,
aerodynamic loads must be computed on the most current iteration of the external
shape to size the aircraft structure. The newly sized structure is then assessed for its
impact on the loads, aeroelastic and aerodynamic performance of the aircraft.
Therefore, load computations are central in the overall flight physics process and it
is vital for achieving a good level of accuracy to ensure the optimum weight,
performance, dimensions and safety of the aircraft. The operation envelope for a
fighter aircraft ranges from low subsonic with very high angles of attack to
supersonic high g maneuvers. Aerodynamic forces acting on the aircraft during these
extreme maneuvers cause large deformations of the elastic structure. Changed
external shape requires the recalculation of the aerodynamic forces. The wing is the
main component, which is exposed to the aeroelastic effects, and therefore there is a
need for integrating loads on a flexible wing into the fighter aircraft design process

in the early stages.

The accuracy of the load’s computations depends on the fidelity of the aerodynamics
methods used; ideally, wind tunnel models would provide the most accurate results

in the absence of flight test data. However, it is not feasible as the external shape and



structure are not mature enough for a wind tunnel or a flight test. The less accurate
but feasible option is to use low-fidelity panel methods. Still, these methods are not
capable of modeling aerodynamic nonlinearities such as shocks, separation and
vertical flows, which are all important characteristics of fighter aircraft flow regimes.
Another option is to use high-fidelity computational fluid dynamics (CFD)
computations which require long lead times and high computational resources for
the number of calculations needed for the load’s process. Since one of the options
lacks the necessary accuracy to model aerodynamics and the other option requires
high computational times and resources, and for this reason, there is a need for rapid
methodology with reasonable accuracy, and therefore in this study, it is proposed to
use a CFD-based surrogate model to overcome the constraint of high computational

cost and provide a similar accuracy level with high-fidelity solutions.

1.2 Objectives of the study

The main objective of this thesis is the development of a rapid methodology to
compute flexible wing loads of fighter aircraft using CFD-based surrogate models.
The models and tools required for achieving this main objective are summarized

below as:

e Constructing a high-fidelity acrodynamic model of a fighter aircraft to obtain
a better estimate of the aerodynamic loads in the flight conditions that the
fighter aircraft operates.

e Constructing a beam stick model for a fighter aircraft wing.

e Conducting high-fidelity 3D Computational Fluid Dynamics (CFD) analysis
and creating a database that includes the envelope of a fighter aircratft.

e Selecting the surrogate model and predicting the loads for the desired flight
conditions.

e Constructing an aeroelastic model for a fighter aircraft wing.

e Validating the aeroelastic model via a commercial finite element software

(MSC NASTRAN) used in the industry.



1.3 Limitations of the study

The main limitations of this study can be listed as follows:

e Aircraft is assumed rigid and viscous effects are neglected in aerodynamic
solutions (i.e. Euler solutions).

o  Wing sections are assumed to be rigid in chord-wise direction; hence change
in camber due to chord-wise bending of the sectional profile is not modeled.

e For the aero—structural coupling, a time-independent formulation is used.

e The induced incidence distribution is predicted via a numerical approach

applicable to non-planar wings.

1.4 Outline of the study

The organization of this thesis can be given as follows:

In Chapter 2, the literature survey about computational approaches for aero-
structural analyses for fixed-wing aircraft is given briefly. This section also provides
the types and properties of established computational methods in the industry. High-

fidelity-based rapid computational methods are also presented in this chapter.

In Chapter 3, the proposed CFD-based rapid methodology for aero-structural
coupling and determination of flexible wing loads, is described in detail. The
methodology allows designers to include flexibility effects at the early stages of

fighter jet design.

In Chapter 4, the aerodynamic model of the generic fighter aircraft is constructed
and the aerodynamic analyses are performed to calculate aerodynamic loads for

different Mach and angle of attack (AoA) combinations.



In Chapter 5, the structural model of the generic fighter aircraft wing is presented. A
beam stick model is generated at the elastic axis of a finite element model (FEM).

and then compared with FEM in terms of natural frequencies and mode shapes.

In Chapter 6, aerodynamic loads for each node of the stick model for all Mach and
Ao0A combinations are generated. The tools and surrogate models utilized in this
study are also explained. Afterward, the database structure and each surrogate
model’s performance of generation of the aerodynamic database are given. Finally,

the surrogate model for the research problem is selected in this chapter.

In Chapter 7, aerodynamic loads from the surrogate model and the eigenvalues and
corresponding eigenvectors of the beam stick model are coupled through a code
written in Python programming language. The loads on the flexible wing for
different flow regimes are presented and then the results are then compared with an

established approach used in the industry.

In Chapter 8, the general conclusions are presented and recommendations for future

work are provided.



CHAPTER 2

LITERATURE REVIEW

2.1 Introduction

This chapter summarizes the studies that have been carried out in connection with
the topic of this thesis. First, general information about the initial design phase of the
fighter aircraft is given. Second, established approaches to aero-structural analysis
in the design phases are explained. This part presents low-fidelity panel and high-
fidelity coupling methods of Computational Fluid Dynamics (CFD) and
Computational Structural Mechanics (CSM). The third part presents high fidelity-
based rapid approaches for aero-structural analyses. In the literature, this is also
known as surrogate models. Surrogate models include data fit, projection-based

reduced order, and hierarchical models.

2.2 Initial Design for a Fighter Aircraft

Aircraft design stages are divided into three parts in the literature: conceptual design,
preliminary design, and detail design [1]. In the conceptual design phase,
requirements guide the process. All of the designs first try to meet requirements. In
this stage, initial estimates of the aircraft's weight, size, and performance are
conducted. Trade-off studies are performed among the design alternatives satisfying
the requirements. The resulting conceptual design aircraft is further analyzed in the
preliminary design phase to make necessary changes and perform optimization
studies. In this stage, high-fidelity analyses and wind tunnel tests are carried out to
obtain more reliable data and freeze the aircraft configuration. Detail design is the

phase where the designed parts are started to be manufactured. Experimental tests



and high-fidelity computational simulations are continued in this phase but also

ground, and flight tests are performed during this phase.

In the initial design stage, aircraft weight is one of the most critical parameters that
should be determined because it affects its performance in many aspects. It is vital
to design an aircraft as light as possible but strong enough to endure the forces it
experiences during its lifetime. The load analysis determines the forces acting on the
aircraft during maneuvers, turbulence, landings, and ground operations [2].
Therefore, it is essential to conduct load analysis in the initial design stages. For
conventional aircraft, a loads envelope may require the order of 100000 simulations
to find all critical load cases. For unconventional aircraft with little or no engineering
experience available, up to 10 million computations may be required [3]. Load
analysis can be performed by assuming the structure is rigid or flexible. Although
assuming a rigid structure decreases the complexity of the problem, this may cause
expensive modifications in the later stages. Deflection of the structure tends to
redistribute the aerodynamic load significantly. Structural members must be
designed for the aerodynamic load distribution related to the deformed structure, not
the initial shape [4]. In order to determine these aero-structural coupling effects, the
most reliable data sources are flight tests or wind tunnels. However, it is not feasible
to use those in the preliminary stages since the external shape and structure are not
mature enough. Therefore, in these stages, it is feasible to use computational

approaches.

2.3 Loads Analysis for Fixed-Wing Aircraft

In the previous section, the initial design phase of the fighter type of aircraft is
described. This section, on the other hand, discusses the research on load analysis
for fixed-wing aircraft in the literature. In the literature, for fixed-wing aircraft
usually, load analysis is applied to either the transport or fighter type of aircraft.
Another classification type is the assumption of rigidity where the load analysis is

conducted on rigid aircraft which does not consider the structure's deformation.



The second type assumes the aircraft structure as flexible and the loads analysis
performed on this type can be named as aero-structural analysis because it considers
both the aerodynamics and the structures of the aircraft. These classifications show
the studies conducted based on the fixed-wing aircraft type and the structure rigidity

assumption.

Table 2.1 Load analysis types for fixed-wing aircraft

Rigid Flexible

Transport | [3],[22],[24],[39],[40],[41],[42] | [3].[4].[47],[48],[49],[50],[52],[53]
[43],[44],[45],[46]
Fighter [38],[51]1,[54] [36],[37]

In the literature, loads analysis is mainly conducted on the transport type of aircraft
and analysis of the fighter type of aircraft is limited. This thesis focuses on the load

analysis of flexible fighter aircraft loads.

2.4 Established Computational Approaches for Aero-Structural Analyses

Acroelasticity studies the interaction between aerodynamic, elastic, and inertial
forces acting on a structure. It is classified as static and dynamic aeroelasticity in the
literature. Figure 2.1 shows the Collar’s aeroelastic triangle, which demonstrates the
interaction between aerodynamic, elastic, and inertial forces. Static aeroelasticity is
due to the interaction between elastic forces and aerodynamic forces. This influences
the lift distribution on the aircraft and can cause statically unstable conditions such
as divergence and control surface reversal. The interaction between elastic,
aerodynamic, and inertial forces is considered in dynamic aeroelasticity. Dynamic
aeroelasticity includes the phenomena of flutter. Flutter is a dynamically unstable
self-excited vibration in which the structure extracts energy from the air stream and

can cause catastrophic structural failure [5].
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Figure 2.1 Collar aeroelastic triangle [5]

Aero-structural analyses can be performed on different fidelity levels
computationally. Figure 2.2 shows different complexity levels used to model the
interaction between fluids and structures. Aerodynamic data may be used in multiple
levels of fidelity in aircraft design stages. They are starting with low-fidelity Lookup
tables for the high-fidelity Navier-Stokes solutions. In the arrow direction, the
complexity of physics is increasing for fluids. Similarly, the data for structures can
be obtained starting from the shape functions assumed with low-fidelity detailed
three-dimensional finite elements. In the arrow direction geometry complexity

decreases.
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Figure 2.2 Varying levels of complexity in modeling for fluids and structures [7]

By changing the complexity used in the fluids and structures, the accuracy and the
computational time generally increase. In the design cycle of an aircraft, there are

established methods that use different levels of fidelity.

2.4.1 Low-Fidelity Methods in Aero-Structural Analyses

Linear analytical and transonic small disturbance methods generally have low
fidelity in aeroelastic problems. One of the most used commercial tools using low-
fidelity methods to solve aeroelastic problems is MSC Nastran and MSC FlightLoads
[6]. For aerodynamic calculations MSC Nastran uses the Doublet-Lattice method
(DLM) for subsonic flows and uses ZONAS51 for supersonic flows [6]. The theory
for DLM is presented in [9],[10],[11],[12],[13] and it uses linearized aerodynamic

potential theory. The undisturbed flow is uniform and it can be either steady or



varying harmonically. All lifting surfaces are assumed to lie nearly parallel to the
flow. On the other hand, ZONAS51 is a supersonic lifting surface theory that accounts
for the interference among multiple lifting surfaces. It is a linearized aerodynamic
small disturbance theory that assumes all interfering lifting surfaces lie nearly
parallel to the flow. Like the DLM, the linearized supersonic theory does not account

for any thickness effects of the lifting surfaces. ZONAS1 is presented in [14].

2.4.2 High-Fidelity Methods in Aero-Structural Analyses

Low-fidelity methods in the aero-structural analyses use linear potential flow theory
or transonic small disturbance theory in their aerodynamic solutions. These methods
assume linearity; however, this assumption has the disadvantage of neglecting
significant effects such as transonic flow, stall, and friction drag in the case of
aerodynamics [3]. Because these methods cannot predict the non-linear effects
encountered by the aircraft in the non-linear flow regimes, high-fidelity methods
need to be used [15]. The accuracy of the aeroelastic model can be increased by using
high-fidelity aerodynamic models based on the Navier-Stokes equations or Euler
equations [16]. Navier-Stokes equations solve for viscous flows, and Euler equations

assume inviscid flow and are reduced forms of the Navier-Stokes equations.

2.5  High-Fidelity-Based Computational Rapid Approaches for Aero-

Structural Analyses

In the previous sections, low and high-fidelity approaches in the aero-structural
analyses are described. However, these approaches have their limitations. Low-
fidelity methods are linear and cannot capture non-linear effects, which are essential
for the design of a fighter aircraft. On the other hand, high-fidelity methods can
capture the non-linear effects, but they need high computational resources. One high-
fidelity aero-structural analysis could take days to perform aerodynamic-structure

iterations [4].
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High-fidelity-based rapid approaches are not trying to solve the differential
equations but instead use the high-fidelity methods’ solutions to create a model.
Hence, this approach is data-based and rapid because it can find the desired
parameter much faster than high-fidelity methods. In the literature, this type of model
is known as the “surrogate model” [8]. The main advantages of using surrogate
models are their simplicity and ability to handle complex problems regardless of the
nature of the problem and the source from which the modes of the system originate
[17]. Surrogate models are categorized into three main classes: data-fit models,

projection-based reduced models, and hierarchical models [20].

2.5.1 Data Fit Models

Data-fit models include response surface methods that use interpolation or regression
of simulation data to fit a model for the system output as a function of the parameters.
A key benefit of data-fit approaches is that the offline process of deriving the
surrogate model is non-intrusive. The high-fidelity model can be run in “black-box”
mode, where the sole task is to specify input parameters and generate the
corresponding system output predictions. [21]. In the literature, for aerospace
applications, data-fit models include linear interpolation [4], Kriging

[22],[24].,[25],[26], radial basis functions [24],[25] and neural networks [23].

2.5.2 Projection-Based Reduced Order Models

Projection-based reduced-order models take high-fidelity solutions and project
solutions into low-dimensional subspaces. One of the potential advantages of a
projection-based reduced model is that it retains the underlying structure of the
model. This advantage is significant for dynamical systems because the model can
be used for the prediction of the future state of a dynamical system. In the aerospace
industry, projection based reduced order models are used for time-independent

computational fluid dynamics solutions to calculate aerodynamic loads
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[3],[18],[19],[28] and for time-dependent aero-structural coupling cases [27],[29].

They are also handy for control applications and is used in stall control [30],[31].

2.5.3 Hierarchical Models

Hierarchical surrogates are derived from higher-fidelity models, simplifying physics
assumptions, coarser grids, alternative basis expansions, and looser residual
tolerances [21]. Hierarchical surrogate models also include multi-fidelity methods,
combining low and high-fidelity solutions. In the literature, it is used for combining
the experimental and computational results [32]. Hierarchical surrogate models are
also used in the aeroelasticity literature to predict the flutter point of aircraft
[33],[34],[35].

2.6 Conclusions

This chapter briefly describes the initial design for fighter aircraft and how load
analysis plays a role in the design phases. Rigid and flexible aircraft load analyses
for fixed-wing aircraft are described and the need for flexible aircraft load analysis
in the preliminary design stages is emphasized. Afterward, established
computational approaches for aero-structural studies are reviewed and categorized
as the fidelity level of the fluid and structural modeling. Because low-fidelity
methods cannot capture the non-linear aecrodynamic phenomena such as shocks,
separations, and vortices and high-fidelity techniques require high computational
resources and times, there is a need for a rapid approach that can capture the
aerodynamic non-linearities. Therefore, high-fidelity-based rapid computational
approaches are introduced next. These approaches are also known as surrogates in
the literature and are divided into three categories. Data-fit models are response
surface methods that use interpolation or regression of simulation data to fit a model
for the system output as a function of the parameters. Projection-based reduced-order

models take high-fidelity solutions and project solutions into low-dimensional
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subspaces with low-dimensional representation. It can protect the underlying
structure of the model while decreasing the computational cost. Hierarchical models
are derived from high-fidelity models by using approaches like simplifying physics
assumptions, coarser grids, and looser residual tolerances. Among the various
computational approaches, this thesis lies in the data-fit models under the high
fidelity-based rapid computational approaches for the aero-structural analyses
category. High-fidelity CFD solutions are the basis for the data-fit model. With this
model, all the required analyses for the initial design stages can be conducted while

computational cost is significantly reduced.

And therefore, this thesis aims to propose a rapid computational methodology for
integrating the aero-structural analyses into the early stages of the fighter aircraft

development process.
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CHAPTER 3

PROPOSED METHODOLOGY

3.1 Introduction

This chapter introduces and explains the proposed methodology for aero-structural
coupling for a generic fighter wing. First, descriptions of acrodynamic and structural
modules are given. Afterward, surrogate models used with aerodynamic analyses
results are explained. Finally, the aeroelastic module is described, which shows the

coupling between aerodynamic and structural modules.

3.2 Aero-Structural Coupling of a Generic Fighter Wing

The proposed methodology is an approach to predict flexible wing loads. This
methodology is proposed in [4] to optimize flexible wing twists using rapid
computational methods. The method is called as rapid because this method is much
faster compared to computational fluid dynamics (CFD) and computational
structural mechanics (CSM) coupling. CFD-CSM coupling takes sixty hours and the
proposed rapid method only takes one second for this particular study [4]. The study
uses the rapid methodology to a transport type of aircraft for a fixed Mach (M)
number and changes the angle of attack (AoA) values. For finding the unknown AoA
values, linear interpolation is used. This study aims to extend the proposed
methodology for changing AoA and Mach numbers and apply it to a generic fighter
wing. Because fighter aircraft can operate at high Mach numbers and AoA values,
they experience more severe conditions than transport aircraft and it is essential to
investigate these high AoA and Mach number values. The method will cover all of
the regimes that a generic fighter aircraft operates for finding the flexible wing loads.

The method requires aerodynamic and structural models of the generic fighter wing
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to determine flexible wing loads. In addition to these models, as the approach aims
to predict two unknown parameters (M, AoA), more complicated but still rapid
models called surrogate models are used in this methodology. Finally, the aero-

structural coupling can be performed by using these models.

The proposed methodology uses rigid aircraft aerodynamic solutions for its
aerodynamic model. For this reason, the aerodynamic model of a generic fighter
consists high-fidelity CFD database obtained for a rigid generic fighter aircraft at
different Mach and AoA values. The database includes Mach numbers for subsonic,
transonic, and supersonic regimes and high AoA values are also investigated. Data
are generated with an Euler solver in commercial software. Instead of just modeling
the wing, the fuselage is modeled in order to include the aerodynamic effects
between the wing and fuselage. After obtaining the solutions for the aircraft, the wing
part is mainly focused. Details about the aerodynamic model of a generic fighter are

given in Chapter 4.

In the proposed methodology, the basic assumption is that there is no chordwise
bending of the wing profile and the change in the local lift is purely a function of
structural twist and induced incidence. Hence, the methodology uses a beam stick
model (BSM) to represent the wing along the span. The BSM is created from a
generic fighter wing's finite element model (FEM). When a wing undergoes a
twisting motion, coordinates form a line in 3-dimensional space along the span about
which the wing profiles rigidly rotate. This line is known as the elastic axis of the
wing [61]. The nodes of the BSM are placed on this elastic axis. Furthermore, it is
assumed the structure is linear and the deformation at any point on the wing can be
defined by superpositioning the natural modes of the structure. Bar elements are
generated from BSM nodes and material properties are tuned to achieve modal
characteristics, namely the natural frequencies and corresponding mode shapes,
similar to the baseline full FEM. Details about the structural model of a generic

fighter wing are given in Chapter 5.
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After the BSM nodes are determined and high-fidelity CFD solutions are obtained,
they can be used by surrogate models. In this study, surrogate models are used to
predict the sectional forces and moments along the generic fighter span. Figure 3.1

shows the planform section sand BSM nodes for a generic fighter wing.

Z m

Section1 Section 2 Section m

Figure 3.1 Generic fighter wing planform and BSM Nodes

From the CFD solutions, pressure distributions are obtained and forces and moments
on the BSM nodes are then calculated by integrating the surface pressures on the
wing from the CFD solutions with a post-processing tool. An initial aerodynamic
database is created for each section and (Mach, AoA) combination for surrogate
models. Table 3.1 shows the database structure for n number of Mach and n number
of AoA combinations for m sections over the wing where the total number of
combinations is represented with k. Additionally, in this table, the first and the
second subscripts indicate the angle of attack value and the section number

respectively and the superscript shows the Mach number value.
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Table 3.1 Aerodynamic database structure

Section 1 Section 2 Section m
My, AoA, Z Z z
M, AoA, Zy Zy Zy
M, AoA, Zph Zy Zn
M,, AoA, Zyn Zn Zym

After an initial CFD database is formed, surrogate models predict the forces and
moments for unknown Mach and AoA combinations in a rapid way. These models
are data-fit models that include response surface methods using interpolation or
regression of simulation data to fit a model for the system output as a function of the
parameters. There are many types of surrogate models used in engineering and the
majority of them are covered in this study. Details about the examined surrogate
models and their performance in determining aerodynamic loads are given in

Chapter 6.

The final step of the methodology is to couple the aerodynamic and structural models
and therefore an aero-structural coupling code is developed for this iterative process.
The coupling code takes the aerodynamic loads at BSM nodes and natural
frequencies and corresponding mode shapes of BSM as inputs. As a result of aero-
structural coupling, the structural twist distribution of the wing is obtained. As each
section's local AoA values are dependent on the induced incidence value, a numerical
approach developed for non-planar wings for arbitrary loading is used to determine
the induced incidence values [54]. The aerodynamic loads change for each section

in every iteration and are evaluated with surrogate models. This coupling process
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continues until the algorithm converges. The details about the aero-structural

coupling process are given in Chapter 7.

3.3 Conclusions

In this chapter, the proposed methodology for the determination of flexible wing
loads for a generic fighter aircraft is briefly introduced. It can be seen from the
proposed methodology that one can predict the flexible wing loads of a generic
fighter aircraft over the all-flight envelope that a generic fighter can possibly operate.
The main advantage of this methodology is to be able to predict flexible wing loads
rapidly without compromising the accuracy that could be obtained via high-fidelity
CFD solutions.
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CHAPTER 4

AERODYNAMIC MODELING AND ANALYSES OF THE GENERIC
FIGHTER AIRCRAFT

4.1 Introduction

In this chapter, the aerodynamic modeling and analyses performed on the generic
fighter aircraft are explained in detail. The generic fighter is a realistic-size
aeroelastic test case developed for academic studies [58]. Firstly, the generic fighter
aircraft model is described, which includes the configuration and the aerodynamic
mesh. Afterward, the aerodynamic analyses are conducted by using the commercial
CFD software ANSYS Fluent. Aerodynamic analyses are presented by considering
two different parameters: Mach and angle of attack (AoA). This study aims to cover
all the regimes in which the fighter type of aircraft operates. Therefore, a wide range

of Mach and AoA combinations are examined in aecrodynamic analyses.

4.2  Aerodynamic Model of the Generic Fighter Aircraft

4.2.1 Configuration of the Generic Fighter Aircraft

The configuration of the fighter aircraft is called the generic fighter configuration
and is created for building a realistic-size aeroelastic test case. The geometry is based
on publicly available data for the F-16 and therefore the general dimensions of the
configurations are similar to the F-16. However, several modifications are made to
give the model a closer representation of the F-16. Improvements in the geometry

include changing the twist at the wing tip and root. Also, to reduce the size of the
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computational model, the tailplane is removed [58]. Figure 4.1 shows the generic
fighter configuration and its dimensions.

Tip: NACA64,204 Section
setat-2.4° to horizontal

——

1.13V

2.589m

Root: NACA64,204 Section
set at -1.0° to horizontal

P —

14.472m

Figure 4.1 Generic fighter configuration and dimensions [58]

4.2.2 Aerodynamic Mesh of the Generic Fighter Aircraft

Generic fighter configuration is meshed with an H-type block structured grid around
the wing and a C-type block topology is applied around the fuselage [58]. The
surface mesh has 15432 cells and 16387 nodes in total. Figure 4.2 shows the surface
mesh of the generic fighter aircraft. In the volume mesh of the generic fighter, there
are 600024 cells and 631973 nodes in total. Figure 4.3 shows the volume mesh of
the generic fighter and Figure 4.4 shows the mesh of the fluid domain.
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Figure 4.2 Generic fighter surface mesh [58]

Figure 4.3 Generic fighter volume mesh
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Figure 4.4 Mesh for Fluid Domain

For the generic fighter aircraft, there are multiple meshes generated. Figure 4.5
shows these meshes and compares them with the experimental results taken at Mach
0.85 with an AoA of 2.12°. Figure 4.5 compares different meshes generated for the
generic fighter and it is evident that, among the meshes, Euler Final — Coarse Grid

is in agreement with the experimental one. In this study, this mesh is utilized.

e Euler - Initial 1  , |- == Euler - Initial
At o Experiment i At " o Experiment i
Euler Final - Coarse Grid (| Euler Final - Coarse Grid |]
—--—-—-—-Euler Final - Fine Grid —-—-—-—- Euler Final - Fine Grid

05} 05}

05F 05F

X/C

Figure 4.5 Surface pressure comparison for generic fighter M=0.85, AoA=2.12° at
59% span (left), at 85% span (right) [58]
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4.3  Aerodynamic Model of the Generic Fighter Aircraft

4.3.1 Solver Settings of Fluent

The choice of solver settings in Fluent has been based on the existing literature and
guidelines for modeling large air spaces. In this thesis, one essential aspect of the
setting is the governing equations used to solve the aerodynamic problem. Figure 4.6
shows the hierarchy of the governing equations. According to this figure, going up
in the pyramid means increasing complexity and more accurate flow physics, which
is named high-fidelity throughout the thesis, as going down in the pyramid,
computational cost decreases. The figure also mentions the dates on which the
governing equations are used in the industry. In the generic fighter, Euler equations
are used and they are suitable for it in terms of complexity. For aeroelastic purposes
of a fighter aircraft, non-linear acrodynamic phenomena are dominant. Therefore, it

is essential to take these non-linearities into account during the analysis.

/\

IV. RANS (1990s)

/ + Vtscous\

III1. Euler (1980s)

/ + Rotation \

I1. Nonlinear Potential (1970s)

/ + Nonlinear \

1. Linear Potential (1960s)
/ Inviscid, Irrotational \
Linear

Figure 4.6 Hierarchy of governing equations [59]
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After deciding the governing equations used in the problem, the following solver

settings in Fluent are used in the 3D cases throughout this thesis:

e Double Precision

e Steady Condition

e Pressure Based

e Node Based Solver

e Second Order Upwind Discretization for Momentum, Turbulence and
Energy Equations

e Coupled Algorithm

e Under-relaxation factors for momentum, pressure, density, body forces,
energy, and temperature, are equal to 0.3, 0.3, 0.8, 0.9, 0.65, and 0.65
respectively

e Flow Courant number is 20

e Convergence criteria of 10

4.3.2 Analysis Results of Fluent

In this section, aecrodynamic analysis results are presented according to the Ansys
Fluent settings described previously. Firstly, convergence monitoring is conducted
for continuity, velocities in three directions and energy equations which are the
equations used in Euler simulations. In order to be confident with the analysis,
residuals are also checked. The convergence criterion is satisfied when velocity
residuals are below 1073 [55]. Figure 4.7 shows the residuals for all of the five
equations used in the Euler simulations for the increasing number of iterations.
According to the convergence criteria, residuals are far below 10~} and for continuity
equation, it becomes constant after about 500 iterations. For velocities, it becomes
constant after about 750 iterations. Therefore, these results can be considered

converged results.
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Figure 4.7 Residuals vs iteration number

After presenting the converged residuals, in order to show the analysis results are
almost identical to the previously obtained results for the generic fighter, similar
figures like Figure 4.5 are plotted. This time, Euler results are obtained from Fluent
and experimental result data are added. Figure 4.8 and Figure 4.9 present the surface
pressure distribution comparison for two different span locations. From these figures
it can be observed that Fluent CFD results and experimental results are similar for

59% and 85% span. The difference in coefficient of pressure (C,) is less than 0.1 for

both surfaces.
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Figure 4.9 Surface pressure comparison for generic fighter M=0.85, AoA=2.12° at
85% span
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This study aims to find wing loads for all of the regimes that fighter aircraft can
operate. Because fighter aircraft operate at subsonic, transonic and supersonic flow
regimes, analyses are conducted from 0.4 Mach to 1.8 Mach. Figure 4.11 presents
the lift coefficient (CL) vs. AoA plot for different Mach numbers. Figure 4.11 and
Figure 4.12 show the plots for the Mach value that is lower or higher than 1,
respectively. In the analysis, the AoA is lower in the supersonic regime and higher
in the subsonic regime and stall AoA value for subsonic regime is around 35° for
F-16 aircraft [60]. For this reason, the AoA values are taken from 0 to 30 degrees at
the subsonic regime and 0 to 16 degrees at the supersonic regime with the increment

of 2 degrees.
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Figure 4.10 CLvs. AoA curve for different Mach numbers
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Figure 4.11 and Figure 4.12 demonstrate that, in the supersonic regime, Cr vs. AoA
curve is almost linear, on the other hand, Cr vs. AoA has a non-linear behavior for
the subsonic regime. These previous plots show the total Cr values for the full
configuration. Figure 4.13 demonstrates the three different sections taken at the root,

middle and tip portion of the wing and Figure 4.14 presents the Cp values

corresponding to each section for different Mach numbers.

Figure 4.13 Root (black), mid (red) and tip (blue) sections on the generic fighter
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Figure 4.15 to Figure 4.23 show the surface pressure distribution contours for
selected Mach numbers to represent all three regimes. For this reason, 0.6, 0.9 and
1.4 Mach numbers are chosen. In these figures, left side represent lower surface and
right side represents the upper surface of the generic fighter. White color corresponds
to zero C,,, warm colors (red, yellow) correspond to the compression zones and cold

colors (blue, purple, green) correspond to the suction regions.
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Figure 4.15 Surface C,, distributions at Mach 0.6 for 0°, 2° and 4° AoA
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Figure 4.16 Surface C,, distributions at Mach 0.6 for 6°, 8° and 10° AocA
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Figure 4.17 Surface C,, distributions at Mach 0.6 for 12°, 14° and 16° AoA
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Figure 4.18 Surface C,, distributions at Mach 0.6 for 18°, 20° and 22° AoA

For Mach 0.6, the wing's leading-edge portion is under compression at 0° AoA
because of a negative wing twist on both the root and tip. After 0° AoA, vortex flow
becomes dominant at the subsonic region with AoA increment. Figure 4.15 and
Figure 4.16 A vortex is produced from the strake region and flows towards to root
portion of the wing. Also, a wing leading edge vortex is formed after 6° AoA. At
higher AoA values, vortex bursts; thus, the vortex can produce more suction on the
wing and lift. In addition, an interaction is observed between the strake and wing
vortex after 8° AoA. It increases vortex strength, but it also causes to change vortex

path of the wing and earlier vortex bursting.
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Figure 4.20 Surface C,, distributions at Mach 0.9 for 6°, 8° and 10° AocA
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Figure 4.21 Surface C, distributions at Mach 0.9 for 12°, 14° and 16° AoA

Pressure coefficient distribution on the surface at the transonic region is represented
from Figure 4.19 to Figure 4.22. The transonic region is highly non-linear because
of the shock waves. A normal shock is seen on the wing close to the wing's trailing
edge at even low AoA values and the strength of shock increases with AoA
increment. Also, a vortex flow occurs after 4°- 6° AoA. The supersonic flow in Mach
1.4 is given in Figure 4.22 and Figure 4.23. It has a linear behavior compared to the
0.6 and 0.9 Mach distributions. In addition, vortex flow is observed after 2° AoA,
but vortex is produced with lower strength compared to subsonic and transonic due

to reducing rotational flow at supersonic conditions.
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Figure 4.23 Surface C,, distributions at Mach 1.4 for 6°, 8° and 10° AocA
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4.4 Conclusions

In this chapter, a generic fighter aircraft acrodynamic model and its analysis results
are explained. The results are shown to be converged via residuals are found to be
less than 10 for all residuals. In addition, pressure distributions on wing sections
are shown to closely agree with F-16 experimental results. In order to investigate all
of the regimes that a fighter aircraft operates, aerodynamic solutions are obtained for
Mach numbers from 0.4 to 1.8. In the results, the coefficient of lift is investigated
and it has been seen that supersonic regimes have a linear behavior. However,
subsonic and transonic regimes show a non-linear behavior for generic fighter
aircraft. To investigate where the non-linearity comes from, the full aircraft's
pressure distributions for all the different regimes are presented. Pressure
distributions demonstrate that the non-linear aerodynamic phenomena such as shock
and vortex are dominant in generic fighter aircraft and are needed to be considered

in the initial design stages.
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CHAPTER S

STRUCTURAL MODELING OF THE GENERIC FIGHTER AIRCRAFT
WING

5.1 Introduction

In this chapter, the structural modeling of the generic fighter aircraft wing is
elaborated. In the first section of the current chapter, the finite element model (FEM)
of a generic fighter aircraft, an aeroelastic test case for academic studies is discussed
in detail [58]. Later in this chapter, the basic process for creating the beam stick
model (BSM) for the present case is explained. Moreover, the modal analysis of the
BSM is conducted and the validation of the eigenvalue solution with the global finite

element model (GFEM) is presented in this chapter.

5.2 Finite Element Model of the Generic Fighter

The finite element model of the generic fighter aircraft is built in Patran structural
module as proposed in [62]. The structural model comprises four components,
namely; the fuselage, wing, pylon and stores. The wing and the fuselage are modeled
with shell elements (CQUAD4), whereas the pylon and stores are represented as
lumped masses in the current structural FEM. The wing is divided into three sections;

as root, pylon and tip. Figure 5.1 shows the structural model of the generic fighter.
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Figure 5.1 Structural finite element model for the generic fighter [58]

5.3  Beam Stick Model for Generic Fighter Wing

There are various structural model reduction techniques used in acrospace industries
for analysis purposes and data sharing. The generation of beam stick model from

GFEM is widely used for aerospace research [63].

The methodology proposed in the current study works with the beam stick structural
model. The current section focuses on the generation of BSM from the subject
aircraft's complete structural finite element model. The basic rules and guidelines in
[63] generate a BSM from the GFEM. For the current study, only the wing section
is utilized for the development of the BSM. The flow chart for the development of
the BSM is shown in Figure 5.2.
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Figure 5.2 Equivalent beam reduction procedures [63]

The elastic axis of any structural component plays a critical and vital role in
aeroelastic studies. The elastic axis is the points on the wing that produce almost zero
or negligible twist upon applying force [63]. The initial step for generating BSM is
to calculate the elastic axis of the generic fighter aircraft wing. A unit torque is
applied to the wing structure and the grids with zero transverse deflections are
obtained. In MSC Nastran structural module, a unit moment is applied on wing
sections and the deflections are plotted. The interpolation element RBE3 is used to
obtain the slope and twist at spanwise sections on the elastic axis. Figure 5.3 and
Figure 5.4 show the elastic axis of the wing. The red and black QUAD elements
show the deflected shape of the structure, whereas the red diamond shape grids
represent the line with zero deflections. These highlighted grids form the elastic axis

of the wing structure and these grids are ultimately used for the generation of BSM.
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Figure 5.3 Top view for undeflected wing (red) and deflected wing (black) with
BSM nodes

Figure 5.4 Isometric view for undeflected wing (red) and deflected wing (black)

with BSM nodes
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The next step is to select the number of nodes to develop a BSM that should represent
the aircraft's actual wing structure. In the FEM, there are 17 nodes along the span
and to represent each node of the FEM, 17 BSM nodes are placed. Because this
structural model is used in the aero-structural coupling, it should be able to represent
the lift distribution along the span correctly. Therefore, lift along the wing span is
used as a criterion to finalize the grid points for BSM. In Figure 5.5, lift distribution
along the span for three different number of structural nodes are examined. It is
evident from the figure that the lift calculated with 17 grid points seems more
reasonable and closer to the actual lift, i.c., with 100 nodes. From the current lift

analysis, it is concluded that 17 nodes shall be used to generate the beam stick model.

Node Number
- 5
150 4 —— 17

— 100

Lift [kN]

Sp.mim]

Figure 5.5 Lift distribution along the span for different numbers of beam stick
nodes

Once the number of grid points is finalized for the generation of BSM, the next step
is to calculate the equivalent structural beam stiffness. Namely, the flexural rigidity
(EI) and torsional rigidity (GJ). Once the elastic axis is defined, with MSC Nastran
analysis, the slopes and deflections of BSM nodes are obtained. For finding the EI,
a transverse force P is applied at the tip and for a beam segment between points A

and B formula is given as
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1 (B
Elyz = ng Mds (5.1)

where M is the bending moment and Af is the slope difference between points A and
B. For a beam segment length integral is taken and the ds value is the arc length

given as

ds = /dx? + dy? (5.2)

Similarly, for finding the torsional rigidity formula is given as

1 pB
G]AB = EIA TdS (53)

where T is the torque and Ag is the twist difference between points A and B.
According to these formula, flexural and torsional rigidity values for each node along

the span are obtained and shown in Figure 5.6.
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Figure 5.6 Flexural and torsional rigidity of BSM

After obtaining the bending and torsional stiffness from the structure, material
properties are tuned to find similar modal characteristics with the FEM [70]. The

finalized beam stick nodes on the FEM are shown in Figure 5.7.
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Figure 5.7 Beam stick nodes on the FEM

In order to represent the BSM similar to the 2-D FEM at the trailing and the leading
edge of the wing but at the same y coordinate locations, RBE2 elements are placed.
RBE?2 elements are rigid body elements to add infinite stiffness to the placed points.
Figure 5.8 shows the BSM nodes and RBE2 elements. With RBE2 elements placed,
the BSM model is finalized and can be compared with the finite element analysis

(FEA) results of 2-D FEM in terms of modal characteristics.
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Figure 5.8 BSM nodes and RBE2 elements and leading and trailing edge of the
wing

5.4 Validation of the Generated Beam Stick Model

The proposed methodology in current research uses a stiffness matrix, eigenvalues
and corresponding eigenvectors of the BSM. In order to efficiently use these
matrices, validation of BSM is essential to be carried out. For validation purposes, a
modal analysis of the BSM is conducted and the results of which are compared with
that of the actual FEM. Nastran Sol 103 is used for the modal analysis. Table 5.1
shows the natural frequencies for the analysis of 2-D FEM and the BSM. Natural
frequency values of BSM and FEA of the 2-D FEM show that the eigenvalue solution
is in good correlation with each other. Mode shapes are shown in Figure 5.9 where
red color shows the undeflected shape and the black color shows the deflected shape
of the wing. Mode shapes examined for FEM and BSM are in close agreement and

it can be concluded that the developed BSM can be used for the subsequent analysis.
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Table 5.1 Natural frequencies of the FEA of the 2-D FEM and BSM

Modes FEM (Hz) BSM (Hz)
The First Bending 4.89 4.84
The First Torsion 15.82 15.41
The Second Bending 22.95 22.29

Figure 5.9 (a) The First Bending mode (b) The first torsion mode (c) The Second
bending mode for FEM (left) and BSM (right)
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5.5 Conclusions

In this chapter, the generation of the beam stick model from the FEM of generic
fighter aircraft is discussed in detail. FEM of the generic aircraft contains all the
important structural components. However, only the wing structure is utilized for the
current research work. The FEM of the wing structure has been reduced to the elastic
axis in order to generate the BSM. Techniques for calculating the elastic axis,
equivalent bending and torsional stiffness are discussed in detail. Based on the
calculated stiffness and elastic axis, the beam stick model is generated and later on,
the validation study of the developed beam stick model is presented. The validation
study concludes that the BSM's eigenvalue solution agrees with the FEM and can be

used for the proposed research methodology.
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CHAPTER 6

AERODYNAMIC DATABASE GENERATION FOR GENERIC FIGHTER
VIA SURROGATE MODELS

6.1 Introduction

In engineering, a surrogate model is also referred to as a response surface or
metamodel, it reflects the idea that it is a model of an underlying model. One of the
most common use of surrogate models is to replace a known expensive
computational model when a large number of repeated evaluations are needed, such
as for optimization or uncertainty quantification. Another common application is
when it is needed to obtain a continuous function from a fixed set of data, such as
when the data is obtained from physical or computational experiments or from legacy

code.

For surrogate models, there are two concepts, namely; the construction and
evaluation of the model. In this thesis, the evaluation of the model is referred to as
“prediction” and construction of the model is referred as “training”. Given n, inputs

and n,, parameters, the prediction is the evaluation of

y=fl,w) (6.1)
where x € R™ is an input vector and y € R is the output variable and w € R™ is the
vector of model parameters. The objective of the training is to compute model

parameters w that satisfy

y=flw),1<i <n, (6.2)

where (X1, ¥1), ..., (fnt, ynt) are the n, training points.
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Surrogate modeling approaches can be divided into two main classes. It is named as
interpolation if the surrogate model matches with the true function at every point
given and it is named as regression when it does not match. Regression approaches
used in this study includes linear regression, polynomial regression and artificial
neural networks (ANN). Interpolation approaches, on the other hand, are inverse
distance weights, radial basis functions, kriging and regularized minimal energy

tensor-product splines [24].

This study uses surrogate models to obtain a continuous function from a fixed dataset
obtained from expensive CFD simulations. With this continuous function, surrogate
models create an aerodynamic database that can get the aerodynamic loads at any

given input parameter space in which that surrogate model is created.

6.2 Aerodynamic Database Generation Methodology for Generic Fighter

The proposed methodology is an approach to predict the load distribution along the
wing span. The given method requires each section's local angle of attack (AoA)
values and Mach numbers. In each iteration of the aero-structural coupling, the local
AoA values change, i.e. the local AoA values cannot be determined beforehand.
Therefore, there is a need for a continuous function in terms of AoA and Mach values

all over the flight envelope of a generic fighter.

A conventional aircraft load envelope may require about 100000 of simulations and
an unconventional plane can require up to 10 million [3]. CFD solutions with Euler
equations for generic fighter aircraft take approximately 15 minutes with a 4.10 GHz
processor with four cores. Figure 6.1 illustrates the computational time needed for a
number of simulations with 15 minutes of simulation time. Figure 6.1 shows that for
a hundred thousand simulations, it takes about a thousand days which is also
approximately three years. Therefore, generating the required acrodynamic data with

CFD alone is physically impossible. The computational time can be reduced with the
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high-performance computing (HPC) abilities, however, with HPC the order for
computational time for one simulation is in minutes and it cannot provide the

required aerodynamic data in reasonable time periods.

10°

—
(=]
Y

-
<,

102

10!

Computational Time[days]

10°

102 10° 10* 10° 108 107
Number of Simulations

Figure 6.1 Computational time — number of simulations for CFD simulations in this
study

Due to the computational limitations of the CFD, surrogate models are used to create
a database. In this study, surrogate models are used as data-fit models requiring a
fixed dataset to be created. Fixed datasets are created with CFD and surrogate models
are trained in these points and all of the other points are called “test” points, where
surrogate models are making their predictions and these points are unknown to the
surrogate models. Surrogate models are making their predictions much quicker
compared to the CFD analysis. Therefore, aerodynamic databases required for a load
envelope can be generated within a reasonable amount of time. The aerodynamic
database needs a fixed number of CFD solutions and test points are predicted with
surrogate models. Mach and AoA values that CFD solutions are taken have already
been mentioned in the aerodynamics chapter. Figure 6.2 illustrates the aerodynamic
database generated for generic fighter. This database is a representative database

aiming to cover flight regimes that F-16 like aircraft operate. It starts from 0.4 Mach
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and goes up to 1.8 and the AoA values are higher at the subsonic regime than the
supersonic one [60]. The aerodynamic database can be generated with the design of
experiment types such as Latin hypercube sampling, optimal space-filling, box-
Behnken and uniform sampling. This study generates the aerodynamic database

uniformly at subsonic and supersonic regimes.
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Figure 6.2 Aerodynamic database generated for generic fighter

In order for surrogate models to work, they require an initial training dataset and test
dataset. For that purpose, some points should be selected as training datasets where
the surrogate models are trained. Figure 6.3 shows the initial training and test points.
Training points are located at the maximum and minimum AoA values for each
Mach number. These points are selected to prevent surrogate models from
extrapolating the data and only interpolate the data because it is known that the
prediction accuracy of this type of data-based model is reduced with extrapolation
[25]. Randomly selected initial training points and their accuracy results are given in

Appendix A.
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Figure 6.3 Initial training and test points for aerodynamic database

In this database, surrogate models try to predict forces and moments of beam stick
model (BSM) nodes explained in structural modeling of the generic fighter aircraft

wing. Figure 6.4 demonstrates the cut planes on the generic fighter wing.

Figure 6.4 Cut planes on the generic fighter wing
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For 17 sections of the generic fighter wing, forces and moments are calculated with
a post processing tool Paraview [56] by integrating the pressure distributions of the
CFD solutions. As Euler CFD solution takes 15 minutes with the specified
computing abilities and a surrogate model prediction takes seconds when creating a
database, the most critical parameter is acquiring the fewest number of CFD
solutions and predicting the test points with surrogate models. According to this
criterion, Figure 6.5 presents a flowchart for creating a database with surrogate

models.

[ Initial train, test |
data split

:

[ Train surrogate |
model at training [«
L points )

\

Predict loads at
test points

Transfer the test
point with largest
relative error to the
training set

Meet stopping
criteria ?

Optimized
Database

Figure 6.5 Flowchart for optimized database generation
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In this flowchart, the first step starts with the initial database mentioned. Surrogate
models are trained with the initial training dataset. Afterwards, surrogate models
predict all of the test points. After predictions are made, the level of accuracy should
be evaluated. In the literature, there are many types of accuracy measurement for
surrogate models. Some of the famous ones are mean squared error (MSE),
coefficient of determination (R?), root mean square error (RMSE) and relative
maximum absolute error (RMAE). For this study, relative maximum absolute error
is used. This accuracy measurement type is selected to ensure that there is a threshold
value that the relative difference is always smaller than it. The equation for the
relative maximum absolute error percentage is given as;

max
RMAE % = (

i=1:N

”y;ﬂ)*loo (6.3)

where N is the number of points, y; is the predicted value and the J; is the true value
of the function at that point. This formula calculates relative error percentages at
each prediction point and determines the maximum value.

The algorithm developed requires a stopping criterion and the criterion is selected as
a threshold value which is taken as one percent. Hence, until the surrogate model
prediction error is less than one percent for all points, the algorithm continues to
iterate. It transfers the test point where the maximum error occurs to the training set
through the iterations. This algorithm is implemented in [68]. After the stopping

criterion is reached, the optimized database is obtained.

6.2.1 Aerodynamic Database Generation with Surrogate Modeling

Toolbox

The surrogate modeling toolbox (SMT) is an open-source Python package that
contains a collection of surrogate modeling methods, benchmark problems and

sampling methods. This package provides a library of surrogate models that is simple
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to use and therefore it is also suitable for this research problem. Figure 6.6 shows the

architecture of the SMT.

+ problems
+ sampling_methods
+ surrogate_models

+ set_training_values()

+ update_training_values()

+ —call_() + set_training_derivatives()

# _evaluate() + update_training_derivatives()
+ predict_derivatives()

+ predict_output_derivatives()
+ predict_variances()

+ predict_values()

+ train()

# _predict_derivatives()

# _predict_output_derivatives()
# _predict_values()

# _predict_variances()

\# _train()

+ _call_()
# _compute()

Figure 6.6 SMT Architecture [57]

In the SMT, all surrogate-modeling methods that explained previously except the
ANNS are present. Therefore, ANNs will be examined by different tools. Figure 6.7
illustrates all surrogate modeling methods included in the SMT with their advantages

and disadvantages.
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Method Advantages (+) and disadvantages (—)

Kriging + Prediction variance, flexible
— Costly if number of inputs or training points is large
— Numerical issues when points are too close to each other

KPLS + Prediction variance, fast construction
+ Suitable for high-dimensional problems
— Numerical issues when points are too close to each other

KPLSK + Prediction variance, fast construction
+ Suitable for high-dimensional problems
— Numerical issues when points are too close to each other

GE-KPLS  + Prediction variance, fast construction
+ Suitable for high-dimensional problems
+ Control of the correlation matrix size
— Numerical issues when points are too close to each other
— Choice of step parameter is not intuitive

RMTS + Fast prediction
+ Training scales well up to 103 training points
+ No issues with points that are too close to each other
— Poor scaling with number of inputs above 4
— Slow training overall

RBF + Simple, only a single tuning parameter
+ Fast training for small number of training points
— Susceptible to oscillations
— Numerical issues when points are too close to each other

IDW + Simple, no training required
— Derivatives are zero at training points
— Poor overall accuracy

LS + Simple, fast construction
— Accurate only for linear problems

QP + Simple, fast construction
— Large number of points required for large number of inputs

Figure 6.7 Advantages and disadvantages of surrogate modeling methods in SMT
[57]

In this study, kriging (KRG), Regularized minimal energy tensor-product splines
(RMTS), radial basis functions (RBF), inverse distance weighting (IDW), least
squares (LS) and quadratic polynomials (QP) are investigated. Because, in this study,
the number of training points and input dimensions are not high, Kriging partial least
squares (KPLS) and their derivatives (KPLSK, GE-KPLS) that are suitable for high-

dimensional problems are not investigated.
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LS method is also known as the linear regression model and it fits a linear line, QP,
on the other hand, uses a second order polynomial function. IDW calculates
unknown points with a weighted average of training points and RBF uses
interpolation functions as a linear combination of basis functions dependent on the
distance of test points to training points. KRG is a generalization of RBF which
interprets the interpolation function as a stochastic process. The function value of
each training point is treated as a random variable that is correlated to the other
training points. RMTS uses basis functions to calculate unknown test points and is
developed for high number of training points where the computational time of KRG
is relatively slow [24]. Figure 6.8 shows the elapsed time for each surrogate
modeling method and the maximum relative error percentage for changing the
number of the training dataset. The number of training points is increasing according
to the flowchart for creating the aerodynamic database. According to the
methodology for aerodynamic database creation, Table 6.1 is obtained and it presents

the number of points used to create a database for each surrogate modeling method.

The surrogate modeling methods use a full database and do not take flow regimes
into account. To investigate each flow regime separately, for subsonic, transonic and
supersonic Mach numbers at three different databases are created with same
algorithm and each surrogate model performance is then presented in Appendix B.
As most of the surrogate models used in this study determine unknown points by
weighted average, the performance of surrogate models is similar with three different
databases. Therefore, single database that does not consider flow regimes is used
throughout the study. Additionally, response surface results of all surrogate models

inside SMT are given in Appendix C.
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Figure 6.8 Comparisons of surrogate modeling methods in SMT

Table 6.1 Number of points used to create an aerodynamic database

Surrogate Model Number of Training Points
Used / All points

LS 133/141

QP 127/141

IDW 124/141

KRG 771141

RBF 125/141
RMTS 104/141
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Among the methods investigated in SMT, KRG uses the fewest points to create an
optimized database according to the stopping criterion. The methodology closer to
KRG is RMTS with 104 points and all other methods use above 120 points to create
an optimized database. When the elapsed time comparison is made for surrogate
models, KRG is the slowest one. On average, it takes 0.2 seconds. Even though KRG
is the slowest, elapsed time to train and make predictions is negligible compared to
the one Euler CFD solution time. Therefore, the most critical comparison criterion
is usage of fewer points. Due to this reason, KRG is selected as the surrogate
modeling method in the SMT for this research problem. Also, in the previous
researches, KRG is introduced as the most accurate method for a small to a moderate
number of training points (< 1000) and is commonly used in engineering problems

[24].

6.2.2 Aerodynamic Database Generation with Artificial Neural Networks

The surrogate modeling toolbox includes many surrogate modeling methods except
artificial neural networks (ANN). The most important difference between the ANNs
and other surrogate models examined is that ANNs are non-linear surrogate models
and therefore, they are inspected separately in this section. Many programming
languages include ANNs in their libraries and this study compares famous ones

within Python and MATLAB programming languages.

Python programming language has many machine learning frameworks and one of
the famous ones is called PyTorch [64]. PyTorch is free and open-source software
and it has built-in neural network structures, so users do not need to build them from
scratch. In the ANNSs, there are many parameters that are needed to be tuned to
optimize the ANN performance and they are called hyperparameters. In this study,
following hyperparameters, namely; number of layers, number of neurons per layer,

training iterations, optimization algorithm and activation functions are investigated.
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Before creating a database with ANN, the best parameters are selected with sklearn
GridSearchCV [66]. It is a Python programming language module that tries all of the
parameters one by one and it determines the best combination of parameters with the
accuracy metric implemented. Table 6.2 presents the parameters examined in this
study. Highlighted ones with the red color are the values that provide the best

accuracy result and hence, the final ANN is created with those values.

Table 6.2 Hyperparameters investigated in PyTorch

Hyperparameter Values

Number of layers 2,5,10,100
Number of neurons per layer 10,100,1000,10000
Number of training iterations 10,100,1000,10000

Optimization Algorithms Adam, Stochastic Gradient Descent (SGD)

Activation Functions Tanh, Rectified Liner Unit (ReLLU), Sigmoid

Number of layers, number of neurons per layer and number of training iterations are
not increased to too large values due to training time. As the best results in terms of
accuracy are obtained with Adam optimization algorithm, ReLU is selected as an
activation function. Same methodology for creating an aerodynamic database is
followed in the ANN with PyTorch and Figure 6.9 shows the result in terms of
number of points used to create the database and the elapsed time to both train and

make predictions with ANN.
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Figure 6.9 Maximum relative error (left) and elapsed time (right) - training points
for ANN with Pytorch

For ANN with PyTorch, training time is now in the order of seconds and the
maximum relative error distribution for the changing number of training points is
higher than that of the SMT methods. In total, this method uses 127 points out of 141

points.

Another tool for the ANN is MATLAB. It has its own ANN tool called neural net
fitting inside the neural network toolbox [65]. It can solve the input-output fitting
problem with a two-layer feed-forward neural network which is suitable for this
research problem. In MATLAB, hyperparameters are different than PyTorch. By
default, it has one hidden layer and an output layer and uses a sigmoid transfer
function. Table 6.3 demonstrates the hyperparameters in the neural net fitting and
highlighted ones with red color are the selected parameters in terms of accuracy
metric defined by MATLAB [65]. In MATLAB, the number of neurons per layer
can be changed. Other parameters that can also be changed are training and
validation data percentages. The training data percentage is the ANN to be trained
and the validation data percentage is the data that ANN is making predictions. There

are two optimization algorithms examined. The Levenberg-Marquardt algorithm is
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recommended for most problems by MATLAB for some noisy and small problems,
and Bayesian Regularization is recommended, but it is mentioned as taking more

time to obtain a solution [65].

Table 6.3 Hyperparameters investigated in MATLAB ANN Toolbox

Hyperparameter Values
Number of neurons per layer 10,100,1000,10000
Training data percentage 30,50,70,90,95

Validation data percentage 70,50,30,10,5

Optimization Algorithm Levenberg-Marquardt, Bayesian Regularization

The number of neurons per layer is taken same as PyTorch and the training test split
for the data is found optimal for 90-10 split. For the optimization algorithm, as
MATLAB suggests, Bayesian regularization found more accurate for the small
dataset. Figure 6.10 demonstrates the result in terms of number of points used to
create the database and the elapsed time to both train and make predictions with

ANN.
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Figure 6.10 Maximum relative error (left) and elapsed time (right) - training points
for ANN with MATLAB

ANN with MATLAB show slightly better accuracy than PyTorch, MATLAB uses
122 points out of 141. However, the computational cost is increased almost ten times
compared to the PyTorch ANN, because it takes 17 seconds to train the ANN and

makes predictions.

6.3 Comparisons of Surrogate Modeling Methods

In this study, the main aim is to create an aerodynamic database with surrogate
modeling methods with the fewest number of points to decrease the overall
computational cost of CFD. Therefore, the number of points used is the most critical
parameter. Another comparison is made with average elapsed time values for each
surrogate modeling method. From the SMT best-performed method, KRG is taken
and ANN with PyTorch and MATLAB is compared. Table 6.4 shows the summary

table for these two surrogate modeling methods.
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Table 6.4 Comparison of average elapsed time and number of training points used

for KRG and ANN
Number of Training Points = Average Elapsed Time
Surrogate Model
Used / All points [s]
KRG 77/141 0.2
ANN (PyTorch) 127/141 2
ANN (MATLAB) 122/141 18

According to the convergence criterion, KRG uses only 77 points to create an
aerodynamic database. However, ANN with PyTorch and MATLAB uses much
more points compared to the KRG. Another significant difference is that KRG makes
its predictions much faster than others. Even though ANNs are suitable for fitting
non-linear data, it performs better with large datasets. This study dataset is small and
therefore ANN is not good at capturing the behavior. This aspect of the ANN is also
illustrated in the literature and Figure 6.11 demonstrates an example of the

performance of ANNs and the data volume.
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ANN used in this study is considered a shallow neural network because the hidden
layer number used is small. Other surrogate modeling methods examined in this
study correspond to the simple statistical learning methods. It can be seen that simple
statistical learning models perform better until some threshold value with a small
data volume. The data volume threshold value is not a general value but problem
specific and the data volume can be considered small for the problem investigated in
this study. Therefore, simple statistical learning models perform better compared to

neural networks.

Another advantage of using simple statistical methods in the SMT compared to the
ANNs is that ANNs have many hyperparameters to tune to obtain the optimized
model for the problem. On the other hand, surrogate models in the SMT do not

require tuning on many hyperparameters and can simply be used for any problem.
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6.4 Conclusions

This chapter examines surrogate modeling methods for creating an aerodynamic
database for a generic fighter aircraft. In this study, surrogate modeling methods in
the SMT library and a non-linear surrogate model ANN are utilized both with
PyTorch and MATLAB. Because the most time-consuming part of the aerodynamic
database generation is CFD analysis, the main aim is to create a database with
minimal CFD analysis and utilize surrogate models to generate all test points. With
this criterion, the surrogate model is selected as KRG for this problem. KRG uses
the fewest points to create an aerodynamic database in less than a second. In addition,
KRG is found to be more accurate and fast compared to the ANN. This behavior is
also mentioned in other research studies and the main reason is suggested as the data
volume. As KRG is performed better compared to the other surrogate models for the
aerodynamic database generation, it is also the suitable surrogate model to predict
load distribution along the span of the generic fighter wing in aero-structural

coupling.
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CHAPTER 7

AERO-STRUCTURAL ANALYSES OF THE GENERIC FIGHTER WING

7.1 Introduction

In the current chapter, the aero-structural coupling of the generic fighter wing is
discussed by developing all the models, namely; the aerodynamic model of the
generic fighter, the structural model of the generic fighter wing and the surrogate
model for the aerodynamic database generation. In this part of the study,
aerodynamic loads acquired using the kriging surrogate model are transferred onto
the structural model and aero-structural coupling is performed. Nastran Flight Loads
(FLDS) module is used to validate the proposed methodology. Once the validation
is performed, the high-fidelity CFD-based aerodynamic loads are used to determine

the flexible wing load distribution.

7.2 Aero-Structural Coupling of the Generic Fighter Wing

The proposed method is an iterative process and utilizes the aerodynamic loads
obtained from the surrogate model and the structural model's modal characteristics
to determine the aircraft's flexible wing loads. The method can effectively determine
the load distribution by getting the structural twist distribution along the wing span.
Figure 7.1 illustrates the flowchart of the proposed methodology.
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Figure 7.1 Flowchart for the proposed methodology

Aero-structural coupling is a technique that couples the aecrodynamic model to the
structural model for subsequent aeroelastic analyses. In the current work, the aero-
structural coupling is carried out by writing a script in Python programming
language. It requires two inputs: the aecrodynamic loads at beam stick model (BSM)
nodes and natural modes from the BSM [69]. The surrogate model is used to obtain

aerodynamic loads at specified nodes rapidly. The aerodynamic database required
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for building the surrogate model is obtained with aerodynamic analyses conducted
on ANSYS Fluent [56]. In addition, the structural input required for the coupling
script is obtained from the generated BSM. The output of this coupling process is the
structural displacements and loads distribution on the flexible wing. The
mathematical model described herein is used in the coupling to determine structural

displacements.

Let [Z] be the six-dimensional load matrix obtained with three-dimensional force [F]

and moment matrix [M]

[Z] = ([F],[MD" (7.1)

Let [¢p] be the eigenvector and [K] be the stiffness matrix and {u} is the displacement

vector.
[K] {u} = [Z] (7.2)
By using the coordinate change,
{u} = [¢]{q} (7.3)
and by pre-multiplying with [¢]T
[]7[K] [d]{a} = [$]"[Z] (7.4)
[K] {a} = [Z] (7.5)

where [K] is the generalized stiffness matrix, the displacements are obtained as

follows.

@} = [K]" [2] (7.6)

{q} is the displacement vector containing nodal translation and rotations.
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Displacements contain the twist value for each section and the twist values are the
input used in the following process. New twist values are obtained from a rigid wing
database and do not include the induced incidence effects. The sectional-induced
incidence is a function of the coefficient of lift span-wise distribution and changes at
each iteration of this loop. Therefore, induced incidence effects are added to the twist
values and they are computed using a numerical approach applicable to non-planar

wings with an arbitrary loading [54].

The equation for induced incidence € is given as:

e= 24 (7.7)

Voo

_ (b/2 (ar/ay)dy
Vi= ) 4/ (Yo-y) (7.8)

where induced velocity V; and free stream velocity V,, and circulation I is used along
the span. Induced incidence values are used as
a’m = a+ Ae (7.9)

€oTT is the absolute incidence with induced incidence correction and « is the

Here, a
absolute incidence, whereas, Ae is the change in the induced incidence calculated

with below equation

Ae = €9 — gflex (7.10)

where €9 is the induced incidence of a rigid shape and €/%®* is the induced
incidence of a flexible shape of a wing section. With the local incidence correction,
new twist distribution is obtained. Twist distribution determines the new AoA values
for each section and can be given to the surrogate model to compute new
aerodynamic loads. These iterations continue until the wing shape does not change
anymore. The convergence criterion is the change in the wing tip twist value. Let 0;
is the tip twist value at ith iteration and 6;,, is the tip twist value at next iteration.
Computations stop when the absolute difference is less than a specified tolerance

value and formula for that is given as
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;41 — 6;] < Tol (7.11)

For this study, tolerance value is taken as 0.01°. When the proposed methodology is

converged, load distribution along the span of a flexible wing is obtained.

7.3 Validation of the Proposed Methodology

The proposed methodology is validated with Nastran FLDS module [51]. FLDS uses
MSC Patran as the pre- and post-processor and MSC Nastran as the solver. It can
calculate both the rigid and flexible structure loads. Therefore, it is an appropriate
tool for validation studies. FLDS uses Doublet lattice method (DLM) for subsonic
flows and ZONAS5]1 for supersonic flows [6]. The aerodynamic theory is linearized
potential flow and geometry is modeled as two-dimensional. Figure 7.2 illustrates
the generated two-dimensional FLDS configuration and three-dimensional generic
fighter configuration. The axes system is also shown here to present the forces and

moments which will be referred in the following sections.

Figure 7.2 Generic fighter configuration (red) and FLDS configuration (black)
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The FLDS model is two-dimensional; therefore, the three-dimensional components,
such as canopy and fuselage depth, cannot be modeled in the FLDS. On the other
hand, parameters important in the calculations of the wing loads, such as wing span,
wing chord and the wing area are the same for both models and the top view is used
for comparison purposes. It is evident from the top view that both models are almost
identical. For the FLDS model, a mesh convergence study is also conducted by
changing the mesh size on the wing. Mesh at the fuselage is kept constant because
only the loads at the wing are considered in this study. Figure 7.3 demonstrates the

different mesh densities for the model.
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Figure 7.3 (a) 240 panels (b) 480 panels (c) 960 panels (d) 1920 for the FLDS
model
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Mesh numbers are doubled for each model and it has 240, 480, 960, 1920 panels
respectively. Figure 7.4 presents the mesh convergence study effect on the wing F,

(i.e. force along z axis).
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Figure 7.4 F, vs number of panels

The line plot reveals that the total wing F, does not change between 960 and 1920
aerodynamic panels and hence the mesh is converged [6]. Considering the mesh
convergence study results, the model with 1920 panels is selected as the final Nastran
FLDS model. Moreover, the total wing F, and wing My (i.e. moment about y axis)
values are compared for Nastran FLDS and ANSYS Fluent results. For simplicity,
ANSYS Fluent is referred to as Fluent and Nastran FLDS is referred to as Nastran
in the following figures. Figure 7.5 illustrates the F, and My values for selected Mach

numbers with changing the AoA values.
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Figure 7.5 Wing F, and My values for changing AoA

Nastran utilizes the linearized aerodynamic theory; therefore, it generates a linear
line for both F, and My values. At Mach 0.6, results up to 12° AoA are similar and
after 12° AoA, Fluent Euler results are not linear anymore and the difference
increases. A similar trend is also observed at 0.9 Mach for F,, but My is entirely
different because of non-linearities like shocks and vortices dominating at 0.9 Mach.
At Mach 1.4, both trends are linear, but at higher AoA values difference is increasing
due to the slope difference of these linear curves. Another comparison carried out is
the center of pressure difference between Nastran and Fluent. Center of pressure (cp)

location equation can be written as,

xcp = _F_z (712)
My
Yep = . (7.13)

As the Nastran uses the linear flow theory, the My, F, and the center of pressure
values do not change significantly with the change in angle of attack, whereas, in

Fluent the values dependent upon angle of attack. Figure 7.6 and Figure 7.7 show
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the center of pressure locations at the wing for different Mach numbers and constant

AoA values. The BSM is also presented with red color.

5.0

4.5

4.0

3.5 BSM

ylm]

3.0 mA N B
2.5

2.0

7 8 9 10 11
X[m]

Figure 7.6 Center of pressure locations and the BSM on the wing for different
Mach numbers at AoA = 4°
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Figure 7.7 Center of pressure locations and the BSM on the wing for different
Mach numbers at AoA =16°
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All of the center pressure locations are in front of the BSM and this creates positive
twist values, which is tend to increase the angle of attack values. The center of
pressure location calculated by Nastran changes drastically for a supersonic Mach
number of 1.4, but there is almost no change between 0.6 and 0.9 Mach. On the other
hand, the center of pressure locations calculated via Fluent is changing more
compared to that of Nastran. When the center of pressure shifts backward, it gets
closer to the BSM and the distance between the center of pressure and the BSM

decreases. Hence, the moment arm and the local twist value also decrease.

Having presented the aerodynamic load comparison between Nastran and Fluent
results, the next step is to validate the proposed methodology with Nastran data.
Nastran can compute both rigid and elastic wing loads and can be used to build a
surrogate model to calculate the elastic wing loads with the given methodology. The
proposed methodology is named as the “Rapid Method” in the following sections.
The Rapid Method can be used with and without induced incidence correction to
investigate the effect of the induced incidence correction compared with Nastran
results. Figure 7.8 demonstrates the F, and My distributions for the wing for different

Mach numbers.
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Figure 7.8 F, and My distributions for the wing for different Mach numbers and
Ao0A =4°
The trends are similar when the results are examined for Mach 0.6 and 1.4. All lines
coincide because, at 0.6 Mach, loads are smaller than the other Mach numbers, and
at 1.4 Mach, the center of pressure location is closer to the BSM. Hence moment arm
is shorter. There is almost no change between rigid and elastic wing loads, which

indicates that the generic fighter wing is almost rigid.

The most significant difference between rigid and elastic wing loads can be seen at
the Mach 0.9 results. This Mach number is used to decide whether to use the induced
incidence corrections. As the corrections are applied, Rapid Method results have
shifted closer to the Nastran elastic results. Hence it is concluded that corrections are

necessary for this particular research problem.

For all the Mach regimes, the results are in good agreement. Therefore, the Rapid
Method is validated and can be used with an aerodynamic database obtained with

higher-fidelity Fluent analyses.
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7.4 Aero-Structural Analysis Results of the Generic Fighter Wing

The aeroelastic model is previously used with the database created with Nastran and
is also validated. The next step is to obtain the same results for different Mach
numbers representing subsonic, transonic and supersonic flow regimes with a
database created with Fluent. Figure 7.9 and Figure 7.10 present F, and My
distributions for different Mach numbers and AoA values. For both of the solvers,
rigid and elastic wing loads are provided. Fluent results are acquired via the Rapid
Method that uses the kriging surrogate model. On the other hand, Nastran results are

directly obtained from the solver output files.
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Figure 7.9 F, and My distributions for the wing for different Mach numbers at AoA
= 40

The first comparison is made at 4° AoA for different Mach numbers. At 0.6 Mach,

as it is in the linear region, Nastran and Fluent results are close to each other. In

addition, at Mach 0.6, elastic wing loads are almost identical to rigid wing loads. A

similar trend with Mach 0.6 is observed at 1.4 Mach. At Mach 0.9, the influence of

the aerodynamic non-linearities is significant. Therefore, Fluent and Nastran F, force
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magnitudes are not close enough to each other and additionally, elastic increments

are most noticeable at this Mach number.
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Figure 7.10 F, and My distributions for the wing for different Mach numbers and
AoA =16°
Another comparison is made at AoA 16°. At this AoA, Nastran and Fluent results
are not close enough because, at Mach 0.6, this AoA is no longer in the linear region.
For all Mach numbers, wing F, distributions and wing My distributions have a visible
difference. The difference is expected because the inspected AoA value is dominated
by a non-linear aerodynamic effect, which cannot be captured by Nastran but can be
added with higher-fidelity simulations such as Euler simulations. The difference
between elastic and rigid loads calculated through Nastran and Rapid Method is
maximum at Mach 0.9. Table 7.1 elaborates on the rigid and elastic wing F, values

for both Nastran and Fluent results.
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Table 7.1 Total wing F, forces [kN] for different Mach and AoA values

Mach | AoA° | Nastran Rigid | Nastran Elastic | Fluent Rigid | Fluent Elastic
0.6 4 68.5 70.1 77.6 78.4
0.9 4 181.9 196.1 260.0 275.4
1.4 4 222.2 225.2 226.2 227.2
0.6 16 274.1 280.7 183.0 183.7
0.9 16 727.9 784.1 640.2 610.6
1.4 16 889.1 900.8 717.0 735.3

At Mach 0.6 and 1.4 for AoA 4°, the total wing F, difference between rigid and
elastic is around 1% because the force is smaller at Mach 0.6 compared to other
Mach numbers and the moment arm between the center of pressure and BSM is
smaller at 1.4 Mach. At 0.6 Mach for 16° AoA, the difference is more significant in
Nastran results than in Fluent because the center of pressure is not changing with
AoA at Nastran. However, in Fluent, the center of pressure shifts backward,
shortening the moment arm. The most significant difference between rigid and
elastic wing loads can be seen at Mach 0.9, which is about 10% for Nastran and 5%
for Fluent. In the Fluent, elastic loads are smaller than the rigid loads, but it is the
opposite for Nastran. This difference is due to the force decrease after the 16° AoA
in Fluent, which cannot be seen at the Nastran because it always increases linearly.
The results indicate that difference at Mach 0.9 cannot be neglected and is essential.
Therefore, including flexibility effects in the analysis in the early stages of design is

necessary.

The final comparison is made in terms of elapsed time for the CFD-based Rapid
Method and the Nastran FLDS software to compute the elastic wing loads. Table 7.2

shows the time comparison between them.
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Table 7.2 Elapsed time comparison for FLDS and Rapid Method

Model Elapsed time [s]
Nastran FLDS 1
CFD-based Rapid Method 1

When computational costs are compared, on average, both provide results in 1
second making both methods very fast. The CFD-based Rapid Method utilizes the
aerodynamic analysis results of Euler simulations and the kriging surrogate model
for unknown AoA values. According to the results, it can be deduced that the CFD-
based Rapid Method is an effective alternative to the Nastran FLDS because it does
not increase the computational cost. Moreover, the Rapid Method has also the
capability of including the non-linear aerodynamic phenomena that Nastran FLDS

cannot capture.

7.5 Conclusions

This chapter elaborates on the proposed methodology for calculating the elastic wing
loads. The methodology is also validated with a commercial tool Nastran FLDS
which uses low-fidelity linearized aerodynamic theory. In the validation process, it
is demonstrated that induced incidence correction in the method provides better
results and agrees well with the FLDS results. After completing the validation,
higher-fidelity Euler simulations are introduced to the CFD-based Rapid Method to
determine flexible wing loads. The FLDS module utilizes the linear aerodynamic
theory in non-linear regions. On the other hand, the CFD-based Rapid Method

includes non-linear aerodynamic effects in the flexible wing load calculation.
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Therefore, the difference in the computed results increases with the Fluent in these
non-linear regions. In this study, subsonic, transonic and supersonic flow regimes
are investigated. The difference between flexible and rigid loads for Mach 0.6 and
1.4 is within 2%, which can be considered negligible increment in the design stages.
However, at 0.9 Mach, the flexible load's increment is significant. The reason is the
center of pressure location and the stiffness of the wing. As the wing for the generic
fighter is almost rigid and has high stiffness, the difference between rigid and elastic
loads is less for shorter moment arms and loads that are not large enough to produce
considerable twist at the wing. Finally, the computational cost for Nastran FLDS and
the Rapid Method is compared in terms of elapsed time. On average, the elapsed
time for the Rapid Method is identical to that of Nastran FLDS, which makes this
method appealing to designers and engineers who want to explore the entire design

space at the initial fighter development stages.
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CHAPTER 8

CONCLUSIONS

8.1 General Conclusions

In this thesis, several surrogate models are investigated for generating an
aerodynamic database for a generic fighter aircraft. This database represents the
fighter aircraft's flight envelope, including subsonic, transonic, and supersonic flow
regimes and high angle of attack values. Because the CFD simulations are
computationally expensive, surrogate models are compared in terms of their ability
to generate the aerodynamic database using the fewest CFD solutions. According to

this criterion, Kriging is selected as the surrogate model for this research problem.

The aerodynamic loads for the rigid wing are also generated by using the Nastran
Flight Loads (FLDS) module and is used in the aeroelastic model. The flexible wing
loads are calculated using a surrogate model and compared with those calculated via
FLDS. It is observed that the proposed methodology provides similar results to that
of the FLDS, which verifies that the presented method can be used for subsequent

loads analysis.

The given method is also utilized to compute the flexible wing loads with high-
fidelity CFD obtained with ANSY'S Fluent. Non-linear aerodynamic phenomena that
cannot be modeled or captured in FLDS are also acquired with the given
methodology. With the implementation of this so-called rapid method to aero-
structural coupling, the level of accuracy in CFD analyses is achieved with the
significantly reduced computational cost making this methodology suitable for the

initial design stages of a fighter jet.
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8.2

Recommendations for future works

The recommendations for the future work of this study can be listed as follows:

In this study, Mach and angle of attack are the only input parameters for
surrogate models. Other parameters, such as sideslip angle and control
surface deflections can also be added to the surrogate model to capture all the
parameters at the design phase for the completion of the load cycle.

This study is applied to the wing only and therefore, other lifting surfaces,
such as the horizontal and vertical tail can also be investigated.

Currently, aerodynamic solutions are taking Euler solutions into account.
High-fidelity solutions like Reynolds-averaged Navier-Stokes (RANS)
simulations can also be performed, especially for stall and separated flow
conditions at high AoA and transonic conditions.

Two-way fluid structure interaction can be performed to compare its results

with the proposed methodology.
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APPENDICES

A. Initial Training and Test Points for Aerodynamic Database Generation

In the surrogate modeling part, initial training points are selected at the minimum
and maximum AoA values to prevent extrapolation. In this part, two randomly
selected initial training points and test points named as case A and case B are
demonstrated, allowing surrogate models to extrapolate as well. In Figure A. 1 and
Figure A. 2, the number of points used according to the algorithm described in

section 6.2 is also listed in Table A.1 and Table A.2.
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Figure A. 1 Randomly selected initial training and test points for aerodynamic
database (Case A)
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Figure A. 2 Randomly selected initial training and test points for aerodynamic
database (Case B)

Table A.1 Number of points used to create an aerodynamic database with initial
training points (Case A)

Number of Training Points

Surrogate Model
Used / All points

LS 135/141

QP 133/141

IDW 127/141

KRG 84/141

RBF 129/141
RMTS 111/141
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Table A.2 Number of points used to create an aerodynamic database with initial
training points (Case B)

Number of Training Points

Surrogate Model
Used / All points

LS 135/141

QP 132/141

IDW 126/141

KRG 83/141

RBF 133/141
RMTS 117/141

B. Aerodynamic Database Generation with Three Different Databases

In this part, the surrogate models are trained in three different databases, which are
divided according to the flow regime, namely subsonic, transonic and supersonic
regimes. Subsonic regime is taken as below 0.8 Mach, between 0.8 and 1.2 is
selected as transonic and above 1.2 Mach is referred as the supersonic region.
Figure B.1 illustrates these regions. Surrogate models are trained for each regime
with the same database generation algorithm and the number of points used for each

surrogate model is given at Table B.1.
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Figure B.1 Aerodynamic database divided according to flow regimes

Table B.1 Number of points used to create an aerodynamic database with three
different databases

Number of Training Points

Surrogate Model
Used / All points

LS 133/141

QP 127/141

IDW 125/141

KRG 79/141

RBF 127/141
RMTS 109/141
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C. Response Surfaces for Surrogate Models

In this part, response surfaces for each surrogate model and the used sample points
are given in Figure C.1 to Figure C.6. Sample points are the values obtained directly
from the CFD analysis. The response surfaces show the predictions made by the
surrogate model. In order to use the same amount of training points, each surrogate

model is trained with 80/141 points.

e Sample Points

0.150

0.125

0.100

0.075

0.025

Mach 2 18 0

0.000

Figure C.1 Response surface of LS
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Figure C.2 Response surface of QP
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Figure C.3 Response surface of IDW
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Figure C.4 Response surface of KRG
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Figure C.5 Response surface of RBF
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Figure C.6 Response surface of RMTS
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