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ABSTRACT

CONCEPTUAL INTERNAL DESIGN AND COMPUTATIONAL FLUID
DYNAMICS ANALYSIS OF A SUPERSONIC INLET

ALEMDAROGLU, Mine
M. S., Department of Aerospace Engineering
Supervisor: Prof. Dr. Yusuf OZYORUK

May 2005, 144 pages

In this thesis, the conceptual internal designhef &ir inlet of a supersonic, high
altitude, solid propellant ramjet cruise missilgpeyformed. Inviscid, compressible
CFD analysis of the designed inlet is made in orgeobtain qualitative and
guantitative performance characteristics of theetinht different operating

conditions.

The conceptual design of the inlet is realized Bjng analytical relations and
equations, correlations derived from numerous alkel past experimental data and
state-of-the-art design examples. The performastimation of the designed inlet
at different operating conditions is done by usome and two dimensional gas
dynamics equations. The results of the performastienation study are compared
with the results of the CFD analysis and theseltesue discussed in detail. A
commercial tool, CFD-FASTRAN is used for the CFD analysis. Inlet flow
phenomena such as, different shock patterns andk spasitions, performance

degradation at off-design operating conditions iatet unstart are observed.

Keywords: Supersonic Inlet, Ramjet, CFD, Inlet Barfance Characteristics,

Operating Conditions, Unstart



Oz

SESUSTU BR HAVA ALI GININ KAVRAMSAL iC TASARIMI VE
SAYISAL AKI SKANLAR DINAMIGI ANAL izi

ALEMDAROGLU, Mine
Yiksek Lisans, Havacilik ve Uzay MuhendisBolimu
Tez Yoneticisi: Prof. Dr. Yusuf OZYORUK

Mayis 2005, 144 sayfa

Bu tezde, sesustl, yuksek irtifada seyir eden, yakith ramjet motorlu bir seyir
flzesinin hava alinin kavramsal i¢ tasarimi yapigor. Tasarlanan bu sesustu
hava alginin deisik calisma durumlarindaki nitel ve nicel performans
Ozelliklerinin belirlenmesi amaciyla, viskositesskistirilabilir Sayisal Akskanlar

Dinamigi analizi gerceklgtirilmi stir.

Hava alginin kavramsal tasariminin gerceitielmesi sirasinda, analitik
bagintilardan ve denklemlerden, korelasyonlardan vecglitasarim érneklerinden
yararlaniimgtir. Bir ve iki boyutlu gaz dinardi denklemleri kullanilarak,
tasarlanan hava &lnin de&isik calisma kaullarindaki performansi tahmin
edilmigtir. Bu calsmasinin sonuglari Sayisal Akanlar Dinamgi analizinin
sonuglari ile kanlastiriimistir. Bu sonuglar detayli olarak tawtmistir. Sayisal
Akiskanlar Dinamgi analizi CFD-FASTRAN ticari yazilimi kullanilarak
yapiimstir. Bu analizlerin sonucunda, glg¢ik sok diizenleri vesok konumlari,
tasarim dy calsma kaullarinda performans azalmasi ve havagiain

baslamamasi gibi ¢gtli hava algi aksi ile ilgili olgular gézlemlenmitir.

Anahtar Kelimeler: Sesistii Hava @l Ramjet, Sayisal Akkanlar Dinamgi,

Performans Ozellikleri, Caima Kasullari, Baslamama
\'
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CHAPTER 1

INTRODUCTION

1.1 Objective of the Thesis

The objective of the thesis is twofold. The firdbjective is to perform the
aerodynamic internal conceptual design of a supérsalet for an air to ground,
high altitude, supersonic, integrated-rocket rangjetise missile operating on a
solid propellant ramjet at its sustain phase. Tiigctive consists of applying a
conceptual design methodology based on analyticathods and correlations,
starting from a set of overall system design rezuents. The second objective is
to perform the inviscid Computational Fluid Dynami¢CFD) study in order to
obtain major performance parameters, shock patndsflow properties at on-
design and various off-design operating conditidifse results of the CFD study
will be compared to the analytical results, whiciti e discussed along with the

found trends in flowfield behavior.

1.2 Motivation and Overview

Cruise Missiles are guided weapon systems in whtodynamic lift is used to
cruise at a certain altitude during a long periddheir flight. Powered by air-
breathing engines, they have the advantages of Hange, short flight time and
high terminal speed which also have advantageousecpences in terms of
effectiveness against air defense systems. In tedeyrld, the necessity of being
in the right place at the right time is pin-pointddough the threat of mobile

weapons that can be driven to a suitable launeh s#t up, launched and departed



before sufficient time to respond. These highly i®land difficult to locate
weapons have dwell times of under 10 minutes. SUcme Critical Target”
threats can be eliminated by high altitude supecstmise missiles capable of high
supersonic speeds with rapid reaction capabilifidse advantage of launching
these missiles from air, surface or under-seaglat beyond the range of relevant

defense systems is defined as stand-off capafiljity

Ramjet propulsion has gained importance as sustafrsupersonic cruise missiles,
which have to satisfy the requirement of combiriomg range and high speed. The
major advantages of ramjet propulsion is its sing@astruction and high specific
impulse whereas its drawback is that the ramjetnengannot be started at zero
velocity. This disadvantage can be resolved withatidition of an integrated boost
motor generating a sufficient thrust which can &reg¢e the missile to its ramjet
take-over speed. This could be achieved by meaashobster motor which would
be separated at burn-out. However this design gordtion has the disadvantage
of added inert mass as well as the additional designplexity of a reliable stage
separation system. In order to overcome this dralybthe Integrated Rocket
Ramjet was introduced. This concept consists a@mbwstor that serves initially as
a rocket combustion chamber for the integral bapated after booster burnout as a

ramjet combustor [2].

Inlets are principle components of all air-breaghiengines which are used to
inhale air from freestream. Inlets are used touddfair from freestream velocity to
a lower velocity required by the engine for accasiphg efficient combustion.
The inlet design goal is to diffuse the exact amairair required by the engine at
the required thermodynamic state; to perform thiSusion process with a
minimum loss in total pressure; to deliver the @rthe engine with tolerable
amounts of flow distortion at the combustion chambatrance plane; and to

minimize the inlets contribution to the externahgliof the aircraft [3].



Supersonic inlets are composed of supersonic @iffukroat and subsonic diffuser
components. These components are located in thdsron the streamwise
direction. Inlets may be grouped under nine difi€éreategories: their operating
Mach number regime, family, geometry, supersonituser form, supersonic
compression complexity, supersonic compressionctiine, location on vehicle

body, number and interface with combustor [3].

Inlet performance parameters are closely relatatig¢coverall design goals of the
inlet. In industrial applications, these performamparameters are measured by the
inlet aerodynamicist and are of interest to theirenglesigner who is concerned
about designing an engine to operate on the airtlelivered by the inlet and a
following duct. The most important performance paegers are the total pressure
recovery, the capture area ratio, the flow distortand the drag force on the inlet.
All of these inlet performance parameters are ¢yoseupled with the operating
characteristics of the inlet. For prescribed frezsnh conditions, the supersonic
inlet could be operating under subcritical, criticar supercritical conditions
depending on the position of the terminal normalckhOperational characteristics
are also classified depending on the operating Maamber: On-design Mach
number operation, above-design Mach number operatia below-design Mach

number operation [3, 4].

Conventional inlet design process generally cossi$tdesigning the inlet at one
design point. The selection of this design poirtbased on the trajectory analyses
and the engineering experience of the designerdorfance analysis is the
indispensable stage of the design process. Atstiaige the inlet performance is
mapped at various deviation conditions from theigfegoint and idealized
standard day conditions. By means of these analylsegperformance at different
points of the trajectory can also be determinedndy clearly be interpreted from
the operational characteristics of the inlet, tihajeneral the inlet performance is
very sensitive to changes in its operating condgicAnalyses to determine the

performance of an inlet should be performed ated#ifit operating conditions in



order to understand the performance trends andiétmhbehavior at various cases

that can be encountered during missile flight.

Before the flight test of the missile, test proaesuthat can be accomplished on the
ground are applied. Analytical, empirical or expental procedures can be used
in the solution of inlet development problems. Grauests are usually very time-
consuming and are associated with high cost. Nesleds, with the advent of more
sophisticated computers and progress in compufeabd#y, choice of engineers
has shifted to maximizing the analytical and corapahal procedures. By this

means, it is possible to save a significant amoiitiine and money [5].

1.3 Literature Survey

Valuable text books and working group reports tbhaver a broad range of
information in a wide context of subjects on supars missile inlets are available
[3, 4, 6] and are most helpful for the understagaificoncepts closely investigated

hereby.

Research studies that deal with inlets focus ofermiht aspects of the subject
matter depending on their specific research ohjesti Therefore it is rather
difficult to classify them under more general headi Only some selected studies

related to the subject are presented here as f&illow

Fleeman [7] presented valuable information abontjetiinlet/airframe integration

and conceptual design sizing criteria for supersanlets. In this same context,
Goldsmith [8] discussed general principles of ietattesign, performance and
integration with the airframe and emphasized retean internal and external flow

in pitot intakes.



The development of different methods in order targify the total pressure
recovery of inlets is a quite common focus of iegrfor researchers. A study was
conducted by Azevedo et al [9]. with the purposejadntifying the inviscid total
pressure losses associated with shock wave sysbeistgg in high Mach number

flows.

For many inlets, the supersonic diffuser is comgdoeé several wedges. The
problem of optimizing the wedge angles to obtainimum total pressure loss was
investigated by Safarik and Polak [10].

An alternative to using analytical methods or senpbrrelations during the design
process, instead of using analytical methods omlgintorrelations viscous or
inviscid computational tools or semi-empirical flesolvers can be used. Ahsun
[11] used viscous and inviscid computational tdolslesign an actively stabilized
supersonic internal compression inlet that can stéthd flight velocity,
temperature and angle of attack perturbations erieced in atmospheric flight.
Details and validation methodology for the Eulemssmpirical simulation for
three dimensional inlets (2ES3D) were presentedrght et al. [12].

In a series of studies, Knight et al. [13, 14, 16] performed inlet design using
automated optimization. They linked together a sempirical flow solver and an
improved Genetic Algorithm within an automated Idag, 14]. They obtained a
geometry model for a supersonic missile inlet bynbiming an efficient simple
physical model analysis tool and a sophisticate® Gfavier-Stokes analysis tool
[15]. They performed three dimensional optimizatioh a supersonic inlet by
linking together an optimizer and a simulation towb an automated optimization

loop. They verified the results by using a full NavStokes solver [16].

Inlet buzz (or unstart) is an extremely importagpect that should be carefully
avoided in the control of an inlet for ramjet apption. Related to this subject

matter, some aspects of supersonic inlet staklitjwg with the consideration of



buzz-triggering mechanisms and the problem of setdldw regulation were
discussed by Connor [17]. Pordal [18] presentedrméation on the transient
behavior of supersonic flow through inlets via tingying analysis. Pamadi [19]
conducted an experimental study on a two dimenkiem#éernal compression
supersonic inlet and determined its stable flowgeaand derived a correlation
relating inlet geometry, shock stand-off distancel dreestream Mach number.
Unsteady pressure behavior in a Ramjet/Scramjet Imlas analyzed by Rodi and
Texler [20] by obtaining time accurate pressure sueaments during and after
inlet unstart. Miller and Smith [21] numericallyviestigated the unstart caused by
back pressure on a high speed inlet and comparedesbults with Schlieren
images. New boundary conditions, that allow to ienpént Boundary Layer bleed
and compressor face conditions and to be usednfoeasing the accuracy of
numerical unsteady supersonic inlet analyses weneldped by Mayer and
Paynter [22]. Knight et al. [23] examined the angieattack induced unstart of the
High Speed Civil Transport Inlet by using a thréeehsional time-accurate
Navier Stokes solver. They presented the resulbmgalwith the qualitative

comparison of the flowfield phenomena with the expental observations.

The inlet operability with angle of attack has als®en an important matter of
consideration to researchers. Knight et al. [24gdeined the maximum angle of
attack value that a High Speed Civil Transporttliclen sustain before unstart by
using a three dimensional Navier-Stokes solverthigdvalue was compared with
the experimental results. A computational fluid dgrics analysis of the X-29 Inlet
at very high angles of attack (50-90 degrees) inclwtilow calculations were

compared with wind tunnel data was performed byd@&ihand Hill [25].

Several more numerical studies were conducted tiéh purpose of obtaining
important inlet performance parameters. Chan anand.i[26] performed a
numerical investigation of a Supersonic Mixed Coasgion Inlet in order to obtain
relations between combustion chamber entrance geegsure and total pressure

recovery and to analyze flow distortion levels. Magiance of inlet performance



parameters with leading edge sweep and freestreach Mumber was investigated
by Holland and Perkins [27]. In their study, theypanded the two dimensional
oblique shock theory to account for three dimeralicffects and compared the

results with other numerical results.

The extension of the ramjet technology to vehiélgisg at hypersonic speeds is
the supersonic combustion ramjet (scramjet) concEpeé study dealing with a
number of optimization problems of a ramjet inletluding the optimization to
obtain maximum total pressure recovery was preWopsesented in this section
[10]. A study dealing with the optimization of tvebmensional scramjet inlets for
maximum total pressure recovery was also perforimedSmart [28]. Hsia [29]
performed an inviscid analysis of a dual mode sghainlet and concluded by
comparing the results with test data that thissod analysis was capable of
predicting the inlet performance trend. Ajmani ét [80] performed a two-
dimensional numerical analysis for a hypersonietitd compare the performance
of different turbulence models. Cockrell and Huebr[81] performed a
computational analysis of a body mounted scramjet.i They also conducted an
internal drag analysis by using the results anceerental data. Ender et al. [32]
developed a MATLAB routine that optimizes the twmdnsional hypersonic inlet
consisting of three fixed ramps and which is alapable of computing effective
inlet height, inlet length and nose height valudsclv allow the oblique shock to
attach to the cowl lip at the selected design Maatber.

1.4 Outline of the Thesis

Chapter 1 of the thesis gives a brief overview metifundamentals, design and

tests. In this chapter, a literature survey orsthigect matter is also presented.

In Chapter 2 inlet fundamentals, inlet performapeeameters and inlet operating

characteristics are briefly defined and discussed.



Chapter 3 is about the design of a specific intahcludes the problem definition,
the design requirements and specifications, examimaf the effect of the inlet
size on the engine performance and a competitdy sithe selection of the design-
to condition and the design parameters and thegsii the inlet is also explained

in this chapter.

Chapter 4 is about performance estimation of th&gded inlet. The analytical
equations and the procedure applied to obtainrtle¢ performance parameters and
flow variables at certain stations of the inletvatious operating conditions are

presented in this chapter.

Chapter 5 describes the CFD method applied ands divief information on the
flow solver used. The model preparation processieppo the inlet flow problem

is described in this chapter.

In Chapter 6, the results obtained through the GiRBlIyses are presented. This
chapter also contains comparison of these resilstiae analytical result and their

discussions.

Chapter 7 presents some conclusions about therpregaly and suggests some

future work directions.



CHAPTER 2

THEORY

2.1Inlet Fundamentals

In order to successfully design an inlet, it iseedgl to understand the working
fundamentals of the inlet components the signifieanf the inlet performance
parameters and the flow phenomena taking placerdus operating conditions.

This chapter gives brief explanation on these siibje

Inlets are one of the principle components of albaeathing engines. They are
required to diffuse air from freestream velocityatdower velocity required by the
engine for accomplishing efficient combustion. Thiet is required to supply the
exact amount of air required by the engine at ddsuelocities. It is also required
to perform this task with a minimum loss in tota¢gsure, to deliver the air to the
engine with tolerable amounts of flow distortion the combustion chamber
entrance plane, and to minimize the inlets contiaiouto the external drag of the

missile [3].

In a ducted rocket, namely solid propellant ramketcapplication, the integrated
rocket ramjet concept is applied as follows: Thegife is accelerated to ramjet
take-over velocity by the rocket motor containedhi@ ramjet chamber. After burn-
out of the rocket motor (end of boost phase) tlokegbmotor nozzle is ejected. The
rocket motor combustion chamber now becomes thgtarombustor. The oxygen
deficient solid propellant burns within the primasgmbustion chamber (the gas

generator) and the fuel rich combustion produatsexthausted into the secondary



combustion chamber. Here these fuel rich combugiroducts mix and afterburn
with the air supplied by the air inlets [2]. A s&etof the operation of the integrated

rocket ramjet is given in Figure 2.1 [2].
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Figure 2.1 Sketch of the operation of the integtaiteket ramjet

It is useful at this point to draw attention to wimg ramjet engine cannot be started
(cannot produce thrust) at zero velocity. At zeetouity, i.e., when the vehicle is
at rest, there is no air flow through the inlet dhnel internal engine pressure is the
same as the ambient pressure. Due to the lackcof@ressor component between
the inlet and the combustion chamber, unlike twwbepgines, the engine pressure
level cannot be raised above the ambient pressawe thus the ramjet engine
cannot produce thrust at zero velocity. The totakpure recovery phenomenon of
the inlet is also closely related to this fact. Famjet engines where there is no
compressor component, the energy available to dk wan be increased by
minimizing total pressure losses. This is why tb&lt pressure loss is mostly
referred to as the total pressure recovery terth@fnlet. An increase in the total
pressure recovery, corresponding to a decreadeeitotal pressure losses, results
in an increase in engine thrust. This effect ofttial pressure recovery term/Py

is noticed in the non-dimensional thrust coeffitigiven by Eqn. (2.1) for a ramjet
engine. The other equations that describe the tagmgine performance are the

continuity Egn. (2.2) and the specific fuel constimpEqgn. (2.3).
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In Equations (2.1) to (2.3)n represents the nozzle efficiencyyCrepresents the
nozzle mass flow coefficient, f/a represents thé twair ratio, g is the freestream

dynamic pressure, andh, is the mass flow rate of fueli, represents the

freestream mass flow rate of air. The tergiFg represents the total pressure ratio
across the inlet and the termy/P,, represents the total pressure ratio across the

combustor.

In order to better illustrate the flow stationsttlapear in these equations, the
Brayton cycle on which the ramjet engine operatessogiven in Figure 2.2, and
the sketch of a typical ramjet engine consistingmin-line inlet, a combustor and

a nozzle is given in Figure 2.3.
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Figure 2.3 The Brayton cycle

Two very important equations related to one-dimamsi flow are presented
hereby. These two equations are valid under thengssons of steady, adiabatic,
reversible, one-dimensional flow and air is a pdrfggs. Along with appropriate
modifications they can be applied to the flow thglbuan inlet although, one-
dimensional flow techniques are generally insuéinti to obtain quantitative
measures of the compression process through tee Adcordingly, combinations
of one and two-dimensional and sometimes three{aineal techniques are

applied when performing complete analyses. For riiéson, in this thesis, first

12



combinations of one and two-dimensional equatiaesused for the design and
performance estimation of the inlet. Then, CFD wsed are conducted to obtain

the major performance parameters of the designed inlet.

Figure 2.4 Ideal (isentropic) supersonic diffuser

Considering the streamtube shown in Figure 2.4,[38ng which the flow is

guasi one-dimensional; we can write:
PA. = constant (2.4)

The ratio of the critical cross sectional area hy &ross sectional area in the

streamtube is given by Eqn. (2.5).

A

“3(m, ):ﬁ£2+(y—1)|v|2)z(y—l) 2.5)

During the design process Eqn. (2.4) and Egn. (2.bp@icombined with the two
dimensional Rankine Hugoniot relations to accownttiie total pressure losses in

the supersonic diffuser.

The supersonic inlet is composed of a supersoffiigsér, a throat and a subsonic
diffuser. The compression process takes place thrthug supersonic diffuser. The
transition from supersonic to subsonic flow usudlies place across a normal
shock that stands in the throat (namely the minimam®a) during on-design

operating conditions. At the subsonic diffuser thewf is decelerated to an
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acceptable Mach number for the combustion chamhbee. éxternal wall of the
supersonic inlet is called the cowl. The most upstrend of the cowl is called the

cowl lip.

2.2 Flow Physics Through the Supersonic Diffuser

Most common supersonic diffuser shapes are present&igure 2.5 [3], while
three different compression forms are shown in FEed6 [4]. These compression

forms are all external, all internal and mixed compoassi
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Figure 2.5 Supersonic diffuser shapes
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Inlet unstart can be described as the flow physies occurs when the normal
shock moves upstream from the throat plane due to sstuelhinces such as wind
gusts or combustor pressure oscillations. The adgantf all external compression
is that it allows flow spillage in cases of unstartd the normal shock can be
stabilized at an upstream condition where the fmtessure recovery value will be
nearly the same as the critical total pressurevexgovalue. If the shock is

swallowed by the inlet, this is defined as inlestaet. For the case of all external
compression, after the disturbance is removed, tle¢ swallows the shock and

restart takes place.

If the flow compression process is desired to béh external and internal or
desired to be all internal, an implementation ofialde geometry is required. In
order to start an unstarted inlet, the throat amasst be large enough to pass the
entrance area mass flow at a total pressure thegspomnds to the value behind a
normal shock at the entrance Mach number, allowingllew of the external
shock. On the other hand, if the starting contracticea ratio of an inlet exceeds
the required value at a specified Mach number, nitet will be able to start only

with the aid of some variable geometry device.

The third classification of supersonic diffusersaiscording to their compression
complexity. A good parameter for comparing the pennce of supersonic inlets
with different compression complexity is the totakessure recovery across the

supersonic diffuser. In Figure 2.7 [2] the maximumegsure recovery values
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through series of oblique or conical shocks anderninal normal shock in

axisymmetric supersonic inlets is plotted against tbestream Mach number.
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Figure 2.7 Comparison of the total pressure recovalyes obtained with different compression
complexity

As can be seen from Figure 2.7, for high supersitlaich numbers and application
to compact missiles, multiple compression surfaoelsvariable geometry diffusers
are capable of attaining the highest possible tpi@ssure recovery levels.
Nevertheless, their complexity increases weight aondt. In some cases, the
designer sacrifices some amount of total pressecevery to benefit from the

advantages of lower weight less cost and simpler de&ign[

The fourth and final classification of supersoniffusers is according to their
family. The axisymmetric family consists of round lmalf-round cross sectional
area shapes. The two-dimensional family consistsgofare or rectangular cross
sectional area shapes. The three-dimensional fagnimgists of elliptical or scoop

cross sectional area shapes.

2.3 Flow Physics through the Throat and the Subsonic Bfuser

Under normal, design operating conditions, the ttemsifrom supersonic to
subsonic flow in an inlet occurs across a normatkthat stands at the throat. In

inviscid flow the normal shock stands as a singéevor discontinuity. However,
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in viscous flow, due to the boundary layer growibngl the walls of the supersonic
diffuser and the interaction of the normal shocthwihese boundary layers, a series
of discontinuities, called a shock train is formedthisTshock train which extends
into the subsonic diffuser adds to the unfavorapftessure gradient in the
streamwise direction (increases momentum loss imdary layer) and causes the
boundary layer to separate from the walls of thdsenic diffuser. This
phenomenon leads to a decrease in total presstoeeny, along with a distorted
flow profile that can degrade combustion efficienBye to this phenomenon, the
subsonic diffuser is generally designed with eropiriprocedures that must
incorporate analytically intractable shock-boundamer interactions [3]. A sketch

of the normal shock interaction with the boundary layeiven in Figure 2.8 [3].
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Figure 2.8 Normal shock-boundary layer interaction

The disadvantageous consequences of this problanbeaeduced by stretching
the throat region in the streamwise direction, tedain length in which the entire
shock train would be contained. The total pressecewery is maximum for throat
lengths equal to or slightly greater than the shoaia length. If the throat section
length is chosen equal to the shock train lengthpttundary layer will be attached
to the subsonic diffuser walls and this will yieth attached and a relatively
undistorted flow profile.

2.41nlet Performance Parameters

Inlet performance parameters related to internalvflare the total pressure

recovery, the capture area ratio and the flow distor The inlet performance
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parameter related to external flow is the drag doon the inlet and the inlets

contribution to the missiles lift to drag ratio.

2.4.1Total pressure recovery

The total pressure recovery term is actually ndtiteough the understanding of
the term defining the efficiency of the compressmocess taking place in the
ramjet engine. The most natural definition of e#fiy of the ram compression
process is:

_ work donein compressia
kineticenergyavailable

(2.6)

g

At high freestream speeds and particularly for ssg@c flow, a more convenient
measure tham,, is the simple ratio of the mean total pressurthatcombustion

chamber entrance plane to freestream total presdimis term, designated as
Pw/Pyo, i1s widely known as total pressure recovery and lsansometimes also

designated ag, n, or PR.

The total pressure recovery term has a significamtribution to the engine net
thrust. Minimizing total pressure losses in thetimeans increasing total pressure
recovery, and accordingly increasing the energylabi@ to do work and the
engine thrust. The variation of the thrust coeéinti with inlet total pressure
recovery is plotted in Figure 2.9. During the getieraof this plot constant values
were assumed for the other flow variableg/& = 0.8,y = 1.4,y6 = 1.2, My =3.5,
Mg = 0.27, R/P2 = 0.9y = 0.97, A/A. = 0.5, A/JAR = 0.3).
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Thrust Coefficient vs. Inlet Total PRessure Recovery
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Figure 2.9 Thrust coefficient vs. inlet total presstecovery graph

2.4.2Capture area ratio

All important internal flow phenomena and the emtdrdrag depend critically on
the relative amount of flow through the inlet. Knagithe relative amount of flow
through the inlet is important because of sevarasons. The first reason is that all
performance parameters are functions of the flowuhh the inlet. The second
reason is that, if the flow through the inlet isolam, it is possible to avoid
undesirable flow physics. Another reason is the ipdigg of evaluating the one
dimensional Mach number at any duct station in otdecorrelate to subsonic

diffuser performance.

The capture area ratio designated kyAd also known as mass flow ratio (MFR)
is defined as the ratio of flow being ingestedhe tlow that would be ingested at
datum conditions. MFR depends on the operating tondof the inlet. The inlet is

required to deliver (to the combustion chamber)eakact amount of air needed by

the engine. The capture area is a measure of how weetethilirement is satisfied.
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2.4.3Steady state flow distortion

Flow distortion is a performance parameter desugitthe general health of the
inlet flow. The source of total pressure distortican either be the geometric
design, the aerodynamic design or both. The interactf the inlet shock and the
boundary layer on the compression surface may resflitivinseparation behind the
normal shock. Duct flow separation may be causethéyhoice of a too high rate
of diffusion (cross sectional area change) or thesgnce of sharp bends. Total
pressure distortion can also be caused by mistitade (incidence or yaw) or by
mismatching between engine and inlet airflows wluabse departure from critical

operation (either subcritical or supercritical opergtion

When both the static temperature and pressuresstareed to be constant across
the compressor face, both the velocity and Mach mundan be considered as
functions of total pressure only. Therefore, theriistion of total pressure is the
only measurement that needs to be made. The mossmriehd quantitative
distortion parameter used in the inlet design éssteady state flow distortion. This
parameter was used in the earliest experimentsletsiconducted in the 1950s [4].
It is designated by £and is represented by Eqn. (2.7).

D :ﬁzpthax_P

t2min 27
= P (2.7)

t2mean

2.4.4Drag force on the inlet

Although the drag force on the inlet is composegressure drag, viscous drag and
momentum drag, the additive (spillage) drag (a siegoay of pressure drag) is the

component about which the inlet designer is mostiycerned. Additive (spillage)
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drag, includes the drag force applicable to the wapstream tube boundary,

experienced during the inlets’ operating regime belwevdesign Mach number.

2.5 Operating Characteristics

2.5.10perating conditions at 0 degrees incidence and yaw

The operating conditions of a supersonic inletudel the on-design and off-design
operating conditions. The on-design operating camis sometimes also referred
to as, the design-to condition in supersonic intetdture. The design-to condition
can be defined as the condition for which the in¢etdesigned. The on-design

condition of a typical ramjet inlet has the followingalrcharacteristics:

e On-design Mach number operation: Operation at the freestream Mach
number for which the compression surfaces were designed.

* Shock on lip operation: Operation with the supersonic compression
surface shock intersection point on the cowl lig, ifdets containing one or
several wedges in the supersonic diffuser component.

» Critical operation: Operation with the terminal normal shock locatethie
throat section of the inlet.

Off-design conditions of a typical ramjet includepsrcritical operation and

subcritical operation.

» Supercritical operation: To decrease the engine thrust (namely, to
decrease the total pressure recovery below theatnitalue) the fuel to air ratio
must be decreased. At such a condition, the terrmoamnal shock moves
downstream from the throat section into the sulesdiffuser. In the subsonic

diffuser, the diverging geometry allows the flowaocelerate to higher Mach
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numbers and correspondingly lower total pressutevery values are yielded.

This operating condition is known as “Supercritical Opega€ondition”.

» Subcritical operation: This condition is attained when the terminal ndrma
shock is positioned forward of the throat. This dbad is mostly also referred
to as the “inlet unstart” condition. The terminalrmal shock moves forward
from the throat due to; combustor pressure osidfiat errors in metering fuel
flow, perturbations from standard atmosphere, relatedhot and cold
atmospheric conditions, wind gusts, viscosity effea#ferential thermal

growth, ablation of thermal protection material.

In subcritical operating condition, as long as #rninal normal shock maintains a
stable position in the supersonic diffuser, the gtibal total pressure recovery
remains nearly the same as the critical total pressecovery value [3]. Subcritical
operation is carefully avoided in the control ofialet for the ramjet application.

One method to avoid the possibility of subcritiopkeration during the flight, is to

size the exit nozzle throat at a value larger tiinet for critical pressure recovery.
By this means, at heat release values corresponditite design-to value of the
fuel to air ratio, the inlet can achieve a certaimoant of its critical total pressure

recovery and a supercritical margin is built into the glesi

Inlet Buzz: Inlet buzz can be described as the instability loWfin subcritical
operation below some value of the flow ratio, in foem of an oscillation of the
shock system. Buzz is initiated when the inlet lnee® choked because of massive
flow separation. The terminal normal shock is pusbpdtream, away from the
entrance channel on the compression surfaces, er twdspill the unpassed flow.
A drastic change takes place in the flow situatc@using the separation and
attached flow is re-established, yielding, a greetliyuced static pressure created
by the starving engine. Correspondingly, the norrhatk is sucked back into the
subsonic diffuser. Just when the system stabilizegaration reappears and the

whole process repeats itself. This is why buzz is amgillation and it is
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characterized by low frequency and high amplitutle The cause of the separation
(the buzz-initiating mechanism) may be the shoclkeMaoundary layer interaction,
the diffuser flow separation or the shock waverietence ahead of the inlet [4].
There are several different approaches to whatbinez initiating (triggering)

mechanisms are.

The Ferri and Nucci approach is illustrated in Feg@.10 [2]. Ferri and Nucci’s

postulate can be summarized as follows. Assumingthieastatic pressure across
the cowl station CLB is uniform, the total pressunésegments CL and LB have
different values. The total pressure of segment €the one associated with a
normal shock at freestream Mach number. The totdgure of segment LB is the
one associated with an oblique shock and a strbngksat a Mach number less
than the freestream Mach number. The condition tepdo instability is the

reaching of a compression limit. If the static pteesat the cowl station, becomes
equal to the total pressure of segment CL, the famnoss CL stagnates. This

stagnation requires flow reversal. Hence; instabilityuogc

Figure 2.10 Inlet at buzz initiation

A different approach to the inlet instability (iblbeuzz) problem, is the Orlin and
Dunsworth approach. Orlin and Dunsworth stated tiwatrate of change of inlet
static pressure at the cowl station with mass ftietermined the flow stability
through the supersonic diffuser. Orlin and Dunswadtfined inlet buzz by
introducing the pressure slope criterion. Orlin dddnsworth postulated that,

stable flow broke down when the slope of the stat&ssure characteristic at entry
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passed from negative to positive as flow ratio wekiced [2, 6]. This breakdown

condition can be represented as in Eqgn. (2.8);
i

{5
A

It is stated in inlet literature that theressure slopeis small and negative

=0 (2.8)

throughout the subcritical regime for external-coegsion inlets as long as the
shock intersection point is outside of the entrgaintube [6]. A positive slope is
obtained when with increasing flow spillage, the dhmtersection point moves

inside the entry streamtube and brings air of lower totsqure into the inlet [6].

Buzz can cause structural damage to the inlet, yt afso cause compressor surge
or ramjet flame out [4]. Therefore attaining stabitev regulation is extremely
important. However, the inlet designs which have stibal stability; yield critical
total pressure recovery values less than that eaachieved with “no stability”
designs [2]. Since, there is no analytical technjopoeided to design high stability
inlets, the designer has to rely on his/her expeeeand wind tunnel tests. Of
course, this causes great risk and most of the timeases the program cost.
Furthermore, most of the times, in industrial apgilmns, due to cost and weight
constraints, variable-geometry devices are not implged into the design.
Because of all these reasons, mostly, the inlet desigrefers to design a high
performance inlet with no stability in subcriticalperation. Meanwhile, the
designer implements into the design a shock positcontrol, to ensure

supercritical operation and at the same time to avdidrgical operation.
Hereby completing the discussion on inlet buzznihe different operating modes

of an all external, isentropic surface, ramjet ide0 degrees incidence and yaw is

given in Figure 2.11 [3].
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Figure 2.11 The nine operating modes of a typicajeainlet

The on-design operating condition is the sketchtipogd in the center of the 3 by
3 operating conditions matrix of Figure 2.11. Thisdition, corresponds to a full
capture resulting in no flow spillage and no additidrag. There are 8 possible off-

design operating conditions.

Examining Figure 2.11 it is easily noticed that @t-design Mach number
supercritical operating conditions the capture aatia is also equal to 1, and there
is no flow spillage or additive drag because thgessonic diffuser flow picture is
the same as the on-design critical operating cmmditflow picture. During the on
design Mach number subcritical operation, if the termioamal shock maintains a
stable position, the uncompressed freestream #ospilled over the outside of the
cowl and the capture area of the inlet is less than 1@dlitivee drag is present [3].
At above design Mach number, the wedge shock anatdhgression fan focal
point move inside the cowl lip. At this conditioretibapture streamtube consists of
an externally compressed flow along with an uncasped freestream flow. At
above design critical operating condition althoubk captured freestream tube

consists of an externally compressed flow alondp it uncompressed freestream
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flow, full capture is present and the capture aed@ lis equal to 1. During above
design supercritical operation, the merger of thdgeeshock and the compression
fan produces a new shock, which is always stronigen the wedge shock and
which can reflect from the cowl wall [3]. Neverthsde the capture area ratio is
equal to 1. At above design subcritical operatiohpfathe freestream tube cannot
be captured, the capture area ratio is less thamd. the inlet spills air over the

cowl lip, causing additive drag.

At below design Mach number, the wedge shock andcgmepression fan focal
point merge outside of the cowl lip, correspondintjile capture area ratio is less
than one. The inlet spills air over the cowl lip aadditive drag is present. The
external flow picture is the same for the belowigiescritical and below design
supercritical cases. At the below design subcritaq@rating case the amount of
flow spillage is increased when compared to theowebesign critical and
supercritical cases. This is because of the cureechal shock standing upstream

of the cowl lip.

To summarize, the qualitative performance of a sgec inlet as a function of the
terminal normal shock position and the freestreaaciMnumber is given in Figure
2.12 [3].

ESSURE RECOVERY

Figure 2.12 Qualitative performance as a functioteohinal normal shock position
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2.5.20peration at incidence

Operation at incidence is common to high altitudghly maneuverable air-to-air
missiles. In such attitude, the inlets behavior isnmhated by the state of flow

around the entry lip.

Firstly, the characteristics of axisymmetric inlefgerating at angle of attack will
be discussed. Interpretation from Figure 2.13 [ap&to the understanding that,
though the flow picture is symmetric at zero degraegle of attack, this symmetry
is destroyed when the inlet is rotated to angleatthck with the freestream
direction [3].

My =

M DESIGN MDESIGN

Figure 2.13 Axisymmetric inlet at incidence

The windward side of the shock sheet crosses thd p plane in a manner
similar to operation above the design Mach numBégrThe leeward side of the
shock sheet lies forward of the cowl lip plane &mio operation below the design
Mach number [3]. Hence, the inlet spills air on tkeward side. Because the flow
will adjust to produce a constant strength shock, tdrminal normal shock is
skewed, so that critical total pressure recoveacltieved with the leeward side of
the shock in the throat and the windward side efghock in the subsonic diffuser
[3]. There is a loss in inlet performance and thisshy axisymmetric inlets are not

preferred for any mission where maneuvering flight isiireql.
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Second, and finally the characteristics of two disxemal inlets operating at angle
of attack will be examined. Figure 2.14 [6] shows theasured pressure recovery
of a representative double-wedge intake over aeasfgpositive and negative
angles of attack and at two Mach numbers. In Figduk4, the analytically
calculated critical total pressure recovery valass shown with dashed lines and

the measured values are shown by solid lines.

"/ﬂ——:?a;
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Figure 2.14 Total pressure recovery and shock watterpa of a 2-D double wedge inlet at
incidence

Depending on the operating Mach number and thelémcie angle 2-D Double
wedge inlets may exhibit increasing performancenduoperation at incidence this

is why 2-D inlets are preferred for missions where mamauydight is required.
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CHAPTER 3

DESIGN

3.1 Problem Definition

The inlet to be designed, is the inlet of a guidedh faltitude, supersonic, air-to-
surface cruise missile. The propulsion system isfittissile is an integrated rocket
ramjet. After being launched from the carrier aftrthe climb phase begins and
the missile is accelerated to ramjet takeover vigldy the solid propellant rocket
booster. After burnout of the solid-propellant beogsthe solid-propellant ramjet
engines operation begins. The climb and accelergiltase continues (with the
ramjet engine operating) until the cruise altitusleeached. Then, the cruise flight
phase which is the phase with the longest durdiegins. At the end of the cruise
phase the ramjet engines operation is terminatedtla@ power-off dive flight

phase begins. The design of the supersonic inlsticii a missile will be realized
by using analytical relations and equations, coticia derived from numerous
past experimental data and state-of-the-art desgamples. The conceptual

trajectory of the missile is given in Figure 3.1 angufée 3.2.
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The inlet design parameters that will be decided on arétlowing:

« Family: axisymmetrical, two-dimensional or three-dimensional

» Geometry: fixed or variable

e Supersonic Diffuser Form: all external compression, all internal

compression or combination

e Supersonic Compression Complexity: normal shock, single surface,

isentropic surface or multiple surfaces

* Supersonic Compression Directionoutward, inward or downward

* Location on the Vehicle Body: nose, chin, cheek, top, bottom, side,
forward, mid or aft

* Number: single, dual, three or four

* Interface with Combustor: in-line or off-set.

After deciding on the design parameters listed abtw sizing of the inlet will be
realized. After sizing is completed, in order toidate the design (to determine
whether the requirements are satisfied) a perfocamagstimation study will be
conducted by utilizing analytical relations, equasicand correlations. In order to
provide more reliable and realistic values of perfance parameters a CFD
analysis will be performed. This analysis will afgovide insight to flow behavior

via resulting flow pictures.

3.2Requirements

As in all design processes, the inlet design progesalso governed by the
requirements. The total system (missile) designirements impose the engine
design requirements. In turn, the inlet design resoénts are derived from the

engine design requirements. These derived inlet desigireatents are:
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» Capture of exact amount of air.
e Minimum loss in total pressure.
* Tolerable amount of flow distortion.

» Least possible external drag to the system.

3.3 Total System Design Specifications and Selection ibfe Design-To

Condition

The designed inlet should work in accordance with tamjet engine throughout
the ramjet powered flight phase. If the missile wasched directly at its cruise
altitude, then the inlet design-to condition wougldbviously the cruise condition.
Nevertheless, in the case where the missile is bddsom launch altitude to a
ramjet takeover altitude the selection of the des$mcondition is not so obvious.
The methodology followed for the selection of thesign condition, is as follows
in most industrial applications: Three or more gedb conditions are chosen. The
inlet is designed at these design-to conditions, thedperformance of the missile
with these designed inlets is investigated by ¢tajy analyses. As a result the
optimum design-to condition is determined. Thus, thket designer cannot

determine this optimum design-to condition solely lim/herself. This is an

iterative procedure between the inlet designer #wedtrajectory planner. In the
context of the present design study, only the fiosip of this iteration will be

performed, since the aim is simply to provide a methmgiofor design.

From the desired trajectory of the missile given iruFég3.2, it is seen that the dive
phase is the power off phase of the mission. Thexekelection of the design-to
condition according to the dive phase is irrelevagvertheless, the power on
cruise phase is the longest duration flight phdsthe mission. During cruise, the
missile travels at its highest velocity and highattude. Therefore, as the starting
and first point of the iterative loop, it is reasbleato select the cruise condition as

the design-to condition. After performing total smt (missile) performance
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analyses with the inlet designed according to tisdition, if it is seen that this
design does not satisfy the climb phase requiresnehtthe mission, several
solutions to this problem can be implemented. Omhgtisa is to increase the mass
of the booster by extending the weight limits, rder to increase the altitude of the
ramjet takeover point. Then, to work with the tragegtplanner to see if this
solution improves the total system performance. Aeotsolution is to impose
some constraints on the launch altitude of theieraaircraft, so that launch is
realized from a higher altitude and the altitudetlod ramjet takeover point is
increased.

There are no currently available analytical methtmlperform a high stability

design. Due to this reason, in this study, the metloggathat will be used, is to
design an inlet that will yield maximum total press recovery at the design-to
condition and then to investigate this inlets sifybat various operating conditions.
In this scope, the performance of the inlet at angfleattack will also be

investigated.

In the light of above discussions, the cruise Magmiper, the cruise altitude, and

zero degrees angle of attack parameters are selecteddesite-to condition.

The total system (the missile and the launchingqulia) design specifications, that

will be an input to the inlet design problem are theofelhg:

¢ Cruise altitude = 16 km
¢ Cruise Mach number = 3.5

e Circular missile body, dimensions as shown in Figure 3.3
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Figure 3.3 Side view drawing of the missile bodyr(ensions in mm)

* Due to launcher constraints, missile width< 0.69 m; meiggight< 0.39 m
* Cruise thrust = 5000 N

e Solid propellant: hydroxyl terminated polybutadienealuminum,
magnesium and boroncarbide and its chemical composs %35 Mg, %35
B4C and %30 HTPB (§1¢00.15) [36]

« Equivalence ratio = 0.8. [36]

« Specific impulse = 800’

* Combustion chamber entrance Mach number = 0.3.

3.4 The Effect of Inlet Size on Engine Performance

Before performing the inlet competitor study and #lizing of the inlet, it is found
useful to perform a trade study to obtain an ideauahow the inlet size affects the

engine performance.

For any combination of freestream Mach number,quresand temperature values,
along with the selection of the fuel, and the sikzéhe ramjet engine and inlet, it is
possible to map the performance of the ramjet engirany possible fuel flow rate.
This performance map consists of the non-dimensithmast coefficient, the ratio
of total pressure at the engine throat to the tpteksure at freestream, and the

Specific Fuel Consumption.
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With the purpose of obtaining the performance caispa of two different ramjet

engines, one having a relatively smaller inlet, tiéowing analysis is conducted.
The Thrust Coefficient versus Engine Total Pres®ago graph is generated both
for the engine with the small inlet and for the ieegwith the relatively larger inlet.

For common Thrust Coefficient and Engine Total Bues Ratio values, the total
temperature at the engines nozzle throat, and tggnemozzle throat area is
obtained for both the engine with the smaller et the engine with the larger
inlet. Once these values are obtained, the spdagicconsumption values of each

engine are calculated.

The engine having the smaller inlet, will further be notated as Engine 1 and is
assumed to be composed of an inlet having a coyd & reference area ratio of
0.3. The engine having the larger inlet, will furtberbe notated as Engine 2 and is
assumed to be composed of an inlet having a coyd & reference area ratio of
0.35.

The calculations are done for a freestream Machbeurof 2.5, a sea level static
pressure value of 10353Pa and a sea level statjpet@ture value of 288.15K. The
specific heat ratio of air at the freestream) {s 1.4 and specific heat ratio of air at
the nozzle exit stationyd) is assumed to be 1.2. The nozzle mass flow coeffici
value (Gm) is assumed to be 0.97. The nozzle efficiency vaideis assumed to
be 0.97. The capture area ratio/®), of the inlets of both engines is assumed to
be 0.9. The exit area and the reference area ofdrmjimes are assumed to be’1m
The selected fuel is the JP-5 fuel, and its tentiperarise curves are given in
Figure 3.4 [3]. These curves are used to deterntirefuel-to-air ratio and the

engine total temperature ratio.
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Figure 3.4 Temperature rise curves of JP-5 Fuel

In order to generate the thrust coefficient versogine total pressure ratio graph,
the thrust coefficient and total pressure ratiaugalof Engine 1, are calculated for
4 different total temperature values at the notiateat, coupled with 3 different
nozzle throat area to reference area ratios. Sigifdre thrust coefficient and total
pressure ratio values of Engine 2, are calculated! fdifferent total temperature
values at the nozzle throat, coupled with 4 differeozzle throat area to reference

area ratios. These values are represented for each emgiaklé 3.1.

Table 3.1 Nozzle throat total temperature and eaga values for Engine 1 and Engine 2

Engine 1 (A/Ag=0.30) Engine 2 (AYAr=0.35)
Nozzle Throat Total | Nozzle Throat Area Nozzle Throat Areg
Nozzle Throat Total
Temperature to Reference Area Temperature (%) to Reference Area
(Te) Ratio (A/Ag) P ¢ Ratio (A/Ag)
1759 K 0.3 1759 K 0.35
1981 K 0.325 1981 K 0.40
2203 K 0.35 2203 K 0.45
2426 K 2426 K 0.50
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Egn. (2.1) and Eqgn. (2.2) is used to obtain the vatfieke thrust coefficient and

the engine total pressure recovery for each of the cagas igi Table 3.1.
A MATHCAD code is developed for performing the calculatiolbe thrust

coefficient versus engine total pressure ratio lgsapbtained for Engine 1 and

Engine 2 are given in Figure 3.5 and Figure 3.6.
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At the points marked on both Figure 3.5 and Fiddife corresponding to a thrust
coefficient value of 0.356 and an engine total pressatio of 0.549, the specific
fuel consumption values are calculated for bothignd and Engine 2 using Eqn.

(2.3). The results are given on Table 3.2.

Table 3.2 SFC values of Engine 1 and 2 at commastlzoefficient and total pressure recovery

point
) Engine 1 Engine 2
Calculated Properties
(AJAR = 0.30) (AJAR = 0.35)
Thrust Coefficient (Cg) 0.356 0.356
Engine Total Pressure Ratio (R/Py) 0.549 0.549
Nozzle Throat Total Temperature (Tis) 1981 K 1759 K
Nozzle Throat Area to Reference Area Ratio
0.35 0.383
(As/AR)
Specific Fuel Consumption (SFC) 2.8 ((kg/hr)/IN) 2.4 ((kg/hr)/N)

Assuming that, the Thrust Coefficient required taimain a cruise condition is
0.356, and the maximum allowable engine total pressatio is 0.549, it can easily
be depicted from the results on Table 3.2 thattHersmaller inlet an engine nozzle
throat size smaller than the engine nozzle thnzat required for the larger inlet is
sufficient. It is also understood that, the smalhet requires the engine to operate
with a higher fuel flow rate (a higher nozzle throatal temperature value) and

correspondingly, with a higher specific fuel consummpti

The inlet designer has an important choice to mdke inlet designer either
chooses to design a larger and more economicalnen@n terms of fuel
consumption), or a smaller, presumably lighter inghitimore economical engine
with the potential for less drag. The advantages disadvantages of the smaller
and larger engines (Engine 1 and Engine 2 resgdy}iare summarized in Table
3.3.
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Table 3.3 Trade study for engines 1 and 2

) Engine 1 Engine 2
Properties - -
Advantage Disadvantage Advantage Disadvantage
Size Smaller Larger
Weight Lighter Heavier
Specific Fuel
] More Less
Consumption
Potential For
Less More
Drag

3.5 Competitor Study

The purpose of performing a competitor study isbemefit from the existing
designs of the inlets of ramjet missiles under olgplent. The inlets of ramjet
missiles are classified in this competitor studgaading to the missions of the

missiles.

3.5.1Surface-to-air ramjet missiles and their inlets

The BOMARC B of the United States Air Forceas/10 km ranged missile. Its
propulsion system, consists of a solid-fuel rocketthe boost and ramjet engine
for sustain phases. The BOMARC is capable of a maxinaelocity of 3.0 Mach.

It has two axisymmetric inlets each mounted in-line whth two ramjet engines.
The TALOS is also a U.S anti-aircraft missile. It®gulsion system consists of a

sustainer ramjet and a separate booster. This eligg@ks a nose mounted

axisymmetric inlet.
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Figure 3.7 Surface-to-air ramjet missiles and theats

3.5.2Air-to-surface ramjet missiles and their inlets

The advanced strategic air launched missile (ASAld¥xthe U.S, had a major
innovation, which was its integrated rocket/ramjetgulision system. It had a chin
mounted three-dimensional inlet and high maneugegapability. The cruise

speed for ASALM missions was planned to be Mach 4.5 forgerah480 km.

The Russian Krypton missile, one of the first t@ tise integrated rocket ramjet
concept, allows a supersonic speed of Mach 2 dutiegflight and utilizes 4

axisymmetric inlets. The Krypton has a range of 70 km.

The Russian Moskit, is propelled by a dual (rogkét-engine operating by the
same principle as the Krypton's engine. It utilizésaxisymmetric inlets. The
ramjet enables the Moskit to achieve speeds asdsgiiach 3. The system has a
range of 150-250 km.
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The French ASMP missile also uses the integrateletoramjet concept. It has
high maneuverability. It utilizes dual, side mount@d-dimensional inlets. It has a

maximum velocity of Mach 3 and its range is 100 to 300km.

ASALM on carrier aircraft during validation tests

KRYPTON

Figure 3.8 Air-to-surface ramjet missiles and theirtale

3.5.3Air-to-air ramjet missiles and their inlets

The ALVRJ (air launched low volume ramjet) of theSlJJused the concept of an
“integral rocket” to reduce volume. The ALVRJ demtrated successful transition
from rocket to ramjet operation with cruise at &exp in excess of Mach 2.5 and
flights at sea level and 10000 m. It utilizes 4 wwimetric inlets and it has a range
of 160 km.

The METEOR is a missile being developed under aeocuirprogram in the U.S.
Meteor is a new concept in air-to-air weapons, eyiphg advanced air breathing

motor technology. It will provide Eurofighter witthe capability to deal with
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projected air-to-air threats. The METEOR will havenanimum range of 100km
and a maximum velocity of Mach 4. Due to the higlglanof attack and high
maneuver capability requirements, it will use duaheek mounted, two-

dimensional inlets.

METEOR * >

Figure 3.9 Air-to-air ramjet missiles and their inlets

3.6 Selection of the Design Parameters

. Family

In Figure 3.10 [2] it can be seen that axisymmeimiet performance decreases
rapidly with increasing angle of attack. In contrastthe axisymmetric inlet, the
two-dimensional and chin inlet designs show indrepsnlet performance with

increasing angle of attack.
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Figure 3.10 Performance comparison of 2-D, chinatisymmetric inlets

It is also recognized in the Competitor Study Sectthat missiles with high
maneuverability capabilities have two-dimensiomaéts, such as the ASMP and
the METEOR due to higher attainable total pressw@eovery values during
operation at incidence. Therefore it is decided, ttinet designed inlet will be a two-

dimensional inlet.

. Geometry

It is known that variable geometry devices can tlyeianprove the performance
and stability of the inlet. Nevertheless, they iasethe weight, the complexity of
the design and the design cost. In order to befrefih the advantages of low
weight and cost and to keep the design simple,sésring point, it is decided that

the designed inlet will be a fixed geometry inlet.

. Supersonic diffuser form

It is known that, the advantage of all external tgpenpression over all internal or
mixed type compression is that the flow can belexpiin the cases of unstart,
causing a stabilizing effect. Whereas, with all in&¢ror mixed compression type
inlets, if the contraction area ratio limit is erded the inlet can only be started
with the aid of variable geometry devices. Therefaris decided that the designed

inlet will be an all external compression type inlet.
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. Supersonic compression complexity

It is known that for supersonic inlets, the hightesal pressure recovery values are
obtained with inlets having isentropic supersornifuders because the compression
process is achieved through a series of compresseres. Nevertheless, the
manufacturing of this type of diffuser is very d@ifilt and the manufacturing cost is
high. It is also known that the total pressure recp\evel closest to the level of

isentropic inlets can be obtained with multiple wedge mquec diffusers.

Efficient inlet integration for supersonic missilesquires at least one oblique
shock prior to the inlet normal shock, for good inlet tptalssure recovery at Mach
numbers greater than 3. In Reference [7] it is asggested that, for Mach
numbers greater than 3.5, two oblique shocks pridhéoinlet normal shock are
desirable for total pressure recovery. Thereforés decided that, in the present
study, the supersonic diffuser of the designed imdt be a double wedge

supersonic diffuser.
. Supersonic compression direction

In Figure 3.11 [4], the effect of inlet inversios shown. It can be seen that
inversion increases the total pressure recovergl le the two-dimensional inlet
during angle of attack operation. It is decided tinat inlet will be a downward

compression inlet.
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Figure 3.11 Increase in total pressure recovery wwiét inversion
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. Location on the vehicle body and number of inlets

The inlets location on the vehicle body should leeided on according to the
number of inlets. The number of inlets is determideding the sizing study, in
accordance with the engines airflow requirementiantbnstrained by the missile
diameter and launcher interfaces. It can be coedufilom the results of the
Competitor Study that, two-dimensional downward cospion inlets are either
dual side mounted or dual cheek mounted. Side mduntets used in the ASMP
yield good performance during the angle of attapleration which is required
during the air-to-surface mission. However for ahair missions, a wider angle of
attack operating range is required and cheek mduntets are used as in the case
of METEOR. This characteristic is also justified by Fey3.12 [4].

0-8 S‘DEVALL'TUQWY @
0.7 ,—_ﬂo\ \ \ \lﬂ?%‘%ﬂj
PR y \‘ \ )
AR AR SNBSSV
/4 $“
AN
Mo=2'5 \
04 i 7
/ C(|]W|. LE i
03 J ECUMPRESSWN SURFACE SIDEWALL-TO-BODY
-10 28 0 5 0 0 15 20

Figure 3.12 Total pressure recovery levels at aofgitack of side and cheek mounted dual inlet
configurations

Another important parameter in the design of a m@ec inlet is the lift-to-drag
ratio. Side mounted inlets have the advantage of prayidihigher lift-to drag ratio
(by means of contributing to the body lift) whemumared to axisymmetric inlets.
It is advantageous to benefit from this featureeesdly in order to increase the

range that can be traveled during the cruise flight@has
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It is most probable that the designed inlet comfigjon of the air-to-surface missile

will be dual, side mounted but the decision will be firedizvith the sizing study.
. Interface with the combustor
Since the inlet to be designed is not an axisymmetet, rather it is a two-

dimensional inlet, it will be off-set and the intecé with the combustor will be a

dump pipe.

3.7 Sizing of the Inlet

3.7.1Calculation of the mass flow rate of air at the dagn-to condition

The design-to condition is the cruise condition. Mech number at this condition
is 3.5, the altitude is 16000 m and the thrust vaus00N. The chemical reaction

that occurs in the combustion chamber is,
0.35 Mg + 0.35 BC + 0.3 GHgOp 15+ X O, — 0.35 MgO + 0.7 BO; + 1.55 CQ + 1.8 HO
Where the value of is calculated as:

_ 035+3[0.7+2[155+18- 030015
2

X = 3.6525moles

Therefore, it is determined that far mole of fuel 3.6525 molesof oxygen is
needed. Next, the molecular weight of 1 mole of falefl 1 mole of oxygen is

calculated from the atomic weights of the elements gietovh

48



Atomic weight of Mg : 24.305 gr, atomic weight of B:811 gr, atomic weight of
C:12.011 gr, atomic weight of H:1.00794 gr, atomic weight d5®994 gr. Thus,

Molecular weight of 1 mole of fuel = 0.35 x (24.3050)0.35 x (4 x 10.811 +
12.011) + 0.3 x (4 x 12.011 + 6 x 1.00794 + 0.15 x 15.9994) = 44.8 gr

Molecular weight of 1 mole of £= 2 x 15.9994 = 32.0 gr
Thus, for 44.8 gr of fuel, 116.9 gr ob@ needed.

The mass flow rate of fuel required at the desmeédndition is determined from

the cruise thrust level using Eqgn. (3.1).
F=m [l [g (3.1)

_ 5000N
800s ! [0.7575m/ s?

=0.6405kg/s

m

Where, the value of the gravitational constant at 16f0@Mitude, is obtained from
the US76 Standard Atmosphere Model [37].

It is readily determined that for 44.8 gr of fuel619 gr of Q is needed.
Correspondingly, the mass flow rate of @eded for 640.5 g/s of fuel flow rate is

calculated.

m,, neededfor cruiselevel = %%169 =167139/s

This value corresponds 637213 =522 moled s of O,.
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Next, the amount of air which contains 52.2 molé<eg is calculated. For this
purpose the chemical composition of air at 16,006 rabtained from the US76

Standard Atmosphere Model [37] and is given below.

Chemical composition of 1 mole of air at 16,000 Ititwade is; 0.78084 moles AN
0.20948 moles € 0.00934 moles Ar, 0.00032 mol g@nd 0.00002 moles Ne.

The amount of air which contains 52.2 moles ef€ralculated.

numberof molesofair whichcontainsrequired amountof O, =
522
0.20948

= 2493 moles

The molecular weight of 1 mole of air is first aallgted in order to obtain the

weight of 249.3 moles of air by using the atomidgheés of the constituents.

Molecular weight of 1 mole of air = 0.78084 x (214&) + 0.20948 x (2 x 16) +
0.00934 x (39.95) + 0.00032 x (12 + 2 x 16) + O@DOR (20.18) = 29.0 gr

Thus, weight of 249.3 moles of air = 7222 gr

Therefore, the required mass flow rate of air atser is;m,, = 7.222kg/s

The obtained values of the mass flow rate of Iﬁu\e,l) and mass flow rate of air

(h,, ), are stoichiometric values. By using these valthes,stoichiometric fuel to

air ratio can be determined.

m, ).
(i] _ (). _06405ka/s oo 52)
stoich

a (mair )stoich 1.222 kg/ S
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The equivalence ratio of a fuel is described asr#étie of the realized fuel to air

ratio to the stoichiometric fuel to air ratio. Ifermula is given in Eqn. (3.3).

2)
(o).

The realized mass flow rate of air is calculatedibyg Eqn. (3.3).

p= (3.3)

® | —

m
m, = 06405 =9.027kg/s

’[{ f j ~ 08x0.089
a stoich

Thus, the mass flow rate of a('nhair) required by the engine is obtained to be about

9.027kgl/s.

3.7.2Calculation of the freestream tube area at the degn-to condition

The freestream tube area corresponding to 9.0/ &gair is calculated by using
Eqn. (3.4).

A) — air = alr (3.4)
Py  PMya,

The values of the freestream density and freestrga@ed of sound at 16000 m
altitude are obtained from the US76 Standard Atrhesp Model [37].

_ 9.027
0.16€x 3.5x 29E.07

A, = 0.0525m’
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Therefore, the cross-sectional area of the captstezhmtube at the design-to
condition should be 0.0525’m

Given that the missile diameter is 0.38 m, a simglet with a cross sectional area
of 0.0525 M would be too voluminous. However, two inlets eagith cross
sectional areas of 0.0262would fit and not be too voluminous. Thereforeisit
hereby decided, in accordance with Section 3.6 ttieaie will be two side mounted
inlets. It is observed from competitor study thet heights of side mounted inlets
are smaller than the missile diameter. It is detitteat this feature will also be
implemented into this design. Nevertheless, ilss &nown that, in order to reduce
parasitic side wall surface area it is preferre¢thioose the width to height ratio
larger than 1 [3]. In this design case this coroesis to an inlet width larger than
0.16 m. Unfortunately, the maximum possible inleidty, due to launcher
constraints is 0.155 m. Therefore implementingrdet iwidth to height ratio larger
than 1 is impossible. Due to these reasons, theechimlet width is 0.15 m and the

chosen inlet height ig'(?%sz= 0.175m

3.7.3Sizing of the supersonic diffuser

The supersonic diffuser is a double wedge diffuBestly, the wedge angles that
would yield a maximum total pressure recovery thgfotwo oblique shocks and a
terminal normal shock located in the entrance planealculated. For this purpose,
a MATLAB code is written. In this code the values of thepaanglesd; and &,
(shown in Figure 3.13) are varied frorf tb 9¢°, and the total pressure recovery
values through two oblique shocks and a terminaiab shock, corresponding to
each respective combination@fandd;, is calculated. The calculations are done at
the design-to condition. The inlet stations in tiegation of the “Wedge Angles”
MATLAB Code are also shown in Figure 3.13.
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Figure 3.13 Supersonic diffuser wedge angles anastati

For calculating the Mach numbers and the totalqueesratio values at each station

the Rankine-Hugoniot Relations given in Eqn. (3db(3.9) are used.

M %sin? B -1

tang = 2cotf
| A Miz(y+0052,3i)+2

M. =M, sing,

y _
Ria _[[y-1, 2 2Ly \y 2 _y-l =
R, |\r+1 (y+1m,* ) \y+1 ™ y+1
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The results are given in Figure 3.14 where thd fssure recovery value )
is plotted for combinations of wedge anglés &nd d,). It can be seen that the
maximum total pressure recovery is obtained witirsh wedge angled;) of 16,
along with a second wedge angde)(of 21° and the value of the maximum total

pressure recovery is 0.6099. The results are givéable 3.4.

Table 3.4 Design parameters of the supersonic diffuser

First Wedge Angled;) 16

Second Wedge Angl&) 2r
First Oblique Shock Angle3() 30.22
Second Oblique Shock AngIB.j 43.67

Freestream Mach Number (M 3.5
Mach Number Behind 1st Oblique ShockijM 2.5446
Mach Number Behind 2nd Oblique Shock,jM 1.6304
Mach Number Behind Terminal Normal ShocksjM 0.6595
Total Pressure Ratio Through 1st Oblique ShogkRE) 0.8294
Total Pressure Ratio Through 2nd Oblique ShogkRD 0.8323
Total Pressure Ratio Through Terminal Normal ShogkRp 0.8836
Overall Total Pressure Ratio ) 0.6099
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Figure 3.14 Total pressure recovery with differeetige angles




Now that the wedge angles are selectdg-X6° and 3,=21°) the supersonic
diffuser can be sized. Recalling that, at the degsigconditions the intersection
point of the oblique shocks should be at the cagvahd by using the geometric
relations derived from Figure 3.15:

H, =2 = 0175m
W

L, =—Ho

ip =0.300m
tang,

L, tan(8, +6,)-H,
L = =02
supwedss — tan(, +6,) - tand, 38m

L =L, L =0.063m

supwedgea lip supwedgéd

- A _ 2
A= $00-75) 0.052154m

_ AflSin(ﬁl _61) — 2
A = —sin(180— ,32) =0.01858m

A, = A, sin(8, - 6,) = 0.0071435m?
Hy = An - 0.048m
W

ch

L =
supwedgeb tar‘(90— (91 +6, ))

codd, +6,)=0.029m

Lsup = Lsupwedga + LsupwedgéZa + Lsupwedgéb = 0329m
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Figure 3.15 Associated dimensions of the supersonigsgiff

3.7.4Sizing of the constant area throat

In order to minimize disadvantageous effects of #teock-boundary layer

interaction, a constant area throat is implemema the design. Experimental
data for obtaining the shock train length of thastgular design condition is not
available. Nevertheless, in scores of other expamits) it was determined that a
minimum radius of curvature equal to four channgights provides the shortest
practical axial distance in which to complete thet[3]. This distance is claimed
to yield the minimum possible external drag, angceiit minimizes the axial

distances, it introduces an advantage of low weidlterefore, a radius of

curvature equal to four channel heights is impleteennto the design. However,
during viscous CFD analyses and wind tunnel tésthould be checked whether

the length of this constant area turn is longen tie shock train length.

The inlet is an all external compression type infBtus, to avoid any internal
contraction the inner body must also be turnedhatsame rate as the inner cowl

surface. Using the geometric relations derived fileigure 3.16 the constant area
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throat is sized. The resulting side view sketctihef supersonic diffuser with the
throat is given in Figure 3.17.

cx=(H,, +4H, )sin(d, +4,) = 0.143m
cy=(H, +4H,)-(H, +4H,)codd, +J,) = 0.048m
ix = 4H,, sin(d, + J,) = 0.115m

ly = 4H,, —4H,, codd, +J,) = 0.038m

inner body

cowl lip

cowl surface ‘

Figure 3.16 Schematic of the dimensions of the cohataa throat
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Figure 3.17 The supersonic diffuser and the throatédsions in mm)

3.7.5Sizing of the subsonic diffuser

In order to size the subsonic diffuser, it is finsécessary to calculate the
combustion chamber entrance area (or namely tlet @it area). This area is
obtained by using Egn. (2.4). However, it was skate Section 2.1 that, one
dimensional flow techniques are generally insuéiti to obtain quantitative
measures of the compression process through tle @d that accordingly
combinations of one and two dimensional and sonegtirthree dimensional
techniques are applied when performing completelyaea. Therefore, when
calculating the total pressure ratio value by @), two dimensional Rankine-
Hugoniot relations are used. By this means, a coatioin of one dimensional and

two dimensional flow techniques is incorporatea itite design.
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Figure 3.18 Schematic of the inlet stations

Eqn. (2.4) is written between stations 0 and “dindwn in Figure 3.18.

I:)tO A\:O = tch Ahch

where from Egn. (2.5),

A A
KO -y - y+l
Z0 2
1 (2+(y-)M,7 20D
M, y+1
Inserting Eqn. (3.11) into Egn. (3.10),
PIS
- ~c 3 to
A:h ZO I:)tch mo

Where;

I:>tch - I:>tch E!t t2 tl

Fo Ps R Ri Ry

w

(3.10)

(3.11)

(3.12)

(3.13)

In Egn. (3.13), RY/P = 1, with the inviscid assumption used for conuapsizing.

Calculated from Rankine-Hugoniot Relations and give Table 3.4 B/P, =

0.8836, B/Py; = 0.8323 and Py = 0.8294.
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And also from Eqn. (2.5)Z,, = 2.035and Z, = 6.790.

Now evaluating Egn. (3.12),
Acn=0.0129

Thus, the corresponding height of the combustiamndser is;

H,, = =0086m

Zn
w
Now, in order to calculate the length of the sulasdiffuser, the value of the inner

body’s divergence angle is decided on. In Figure® 33], the schematic of a

conical subsonic diffuser is given.

My M
(<1.0)

Figure 3.19 Schematic of a conical subsonic diffuser

It is known that, experiments conducted with sulisdiffusers of all shapes with
an overall area change, limited by an equivalemiozd half-angle of 3 degrees,
have shown a compression process total pressuogemrgcapproaching unity [3].
Therefore, it is decided that the subsonic diffasener body divergence angle will
be 3 degrees. Thus, now the length of the subglifficser can be calculated by
using Eqn. (3.14).
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H, —-H
wp = ——" =0.732m (3.14)
tand,,

Hereby, the sizing of the inlet is completed. Aligb the process is presented here
step by step, MATLAB code has been developed for this purpose andizimg s
has been done by using ttNBATLAB code, which is the inlet sizing tool used for

the present procedure.

The side view and the front view drawings of theidgeed inlet is given in Figure

3.20. The three dimensional solid model of thetiidgiven in Figure 3.21.

Figure 3.22 is the side view drawing of the inlettalled on the missile. It can be
observed from Figure 3.22 that when the inlet &aled on the missile, the inlet is
not too lengthy and voluminous. The extension pérthe inlet, which extends
from the start of the combustion chamber sectidil the end of the nozzle section

is the fairing part and it provides surfaces fa tail control fins to be mounted on.

A summary of important geometry design parametergen in Table 3.5.

Table 3.5 Summary of important design parameters

Important Design Parameters

Family 2-D
Geometry Fixed
Supersonic diffuser form All external compression
Supersonic Compression Complexjty Double wedge
Supersonic compression direction Downward
Location on the vehicle body Side mounted
Number of inlets 2
Interface with the combustar Off-set
First wedge angle 16 °

Second wedge angl| 21°

¢

Radius of curvature of the throat section 4 entraheanel heights

Subsonic diffusers inner body divergence angle 3°
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CHAPTER 4

PERFORMANCE ESTIMATION

4.1 Estimated Performance Parameters and the Cases

The performance of the designed inlet is estimatedarious operating conditions.
The aim of this study is to obtain some preliminaajues of the flow variables and
ideas about flowfield behavior at different opergticonditions before performing
CFD analyses. The analytically calculated (estiohatealues resulting from this

study can later on be compared with the resultee@fCFD analyses.

There are 13 cases for which performance estimagionade. The description of
these cases are given in Table 4.1, Table 4.2 abt:®.3.

Table 4.1 Descriptions of cases 1 to 9

TERMINAL NORMAL SHOCK POSITION

Cases for which
angle of attack =

Ddeg SUBCRITICAL CRITICAL SUPERCRITICAL
ABOVE DESIGN i
MACH NUMBER case 6 case 4 case 3
m -
e
@
§ ON DESIGN
= case 3 case 1 case 2
T MACH NUMBER
=1
B
BELOW DESIGN
MACH NUMBER case 9 case 7 case §
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Table 4.2 Descriptions of case 10 and case 11

Cases for which TERMINAL NORMAL SHOCK POSITION

-
angle of attack CRITICAL SUPERCRITICAL
Odeqg
OM DESIGH case 10 case 11

MACH NUMBER

MACH NUMBER

Table 4.3 Descriptions of case 10 and case 11

Cases for which | TERMINAL NORMAL SHOCK POSITION
angle of attack < CRITICAL SUPERCRITICAL
Odeg

=

= ON

=

2 DESIGN case 12 : case 13

z MACH i

E NUMBER

=

» Case 1:CCritical operation at on-design Mach number and cruiséudi

(M = 3.5, H= 16000 m)

» Case 2 Supercritical operation at on-design Mach number and cruise
altitude. (M = 3.5, H = 16000 m)

» Case 3Subcriticd operation at on-design Mach number and cruistidé.

(M =3.5, H=16000 m)

» Case 4Critical operation at above design Mach number and critisedz.

(M =4.0,H=16000 m)

» Case 5:Supercritical operation at above design Mach number and cruise
altitude. (M = 4.0, H = 16000 m)

» Case 6:Subcritical operation at above design Mach number and cruise
altitude. (M = 4.0, H = 16000 m)

» Case 7Critical operation at below design Mach number and cruigade.

(M =3.0, H=16000 m)

» Case 8:Supercritical operation at below design Mach number and cruise
altitude. (M = 3.0, H = 16000 m)
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Case 9:Subcritical operation at below design Mach number and cruise

altitude. (M = 3.0, H = 16000 m)

Case 10:Critical operation atpositive angle of attackon-design Mach

number and cruise altitudex € 10°, M = 3.5, H = 16000 m)

Case 11Supercriticaloperation apositive angle of attaglon-design Mach

number and cruise altitudex € 10°, M = 3.5, H = 16000 m)

Case 12:Critical operation ategative angle of attaclon-design Mach

number and cruise altitudex € -10°, M = 3.5, H = 16000 m)

Case 13:Supercritical operation atnegative angle of attackon-design

Mach number and cruise altitude. £ -10°, M = 3.5, H = 16000 m)

For each case, the analytically calculated perfasegarameters are:

The total pressure recoveryPo)
The Capture Area Ratio (M)

4.1.1Performance parameters of case 1
(M=3.5, H=16000mg=0°, critical operation)

The on-design Mach number, critical operating cbodiis the design-to condition

of the inlet. It is defined by shock-on-lip opecatiand a full capture. Thus,

Ao/Ac=1. The value of the total pressure recovery ixutated by using the

Rankine-Hugoniot relations given by equations (3t8) (3.9). Solving these

equations for this case yieldsg#Po = 0.6099.

4.1.2Performance parameters of case 2
(M=3.5, H=16000mg=0°, supercritical operation)

The on-design Mach number, supercritical operatiogdition is also defined by

shock-on-lip operation and a full capture. ThugAA= 1. In order to calculate the

total pressure recovery value the following caltalamethodology is applied.
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* The Mach number upstream of the terminal normatkli®assigned.

* As soon as the Mach number upstream of the ternrmoahal shock is
known, the total pressure recovery value can baiméd by solving equations
(3.5) to (3.9).

Solving this case for an assigned upstream termioihal shock Mach number of
1.91 vyields, R/Po = 0.5253. Nevertheless, in order to ensure thatstime case
will be solved during CFD analyses, the correspogaihamber entry station static
pressure value should be calculated. As will bdamed in Chapter 5, this value is
a required input boundary condition for the CFD lgsia. The methodology
applied to obtain the value of the chamber entayi@t static pressure along with

other parameters is given in Section 4.2.2.

4.1.3Performance parameters of case 3, case 6 and case 9
(M=3.5, H=16000m,0=0°, subcritical operation), (M=4.0, H=16000m;=0°,

subcritical operation), (M=3.0, H=16000m=0°, subcritical operation)

In these cases, the terminal normal shock andlihgue shocks intersect upstream
of the cowl station. However, no analytical methsolsestimate the capture area
ratio of the subcritical operating case was fountiterature. Although it is known
that the capture area ratio of the subcritical afeg case is less than 1, no
analytical method was found in literature to obtthiis ratio for these cases. If the
terminal normal shock is able to attain a stablgitmm in the supersonic diffuser,
then the respective subcritical total pressurewegovalue will be nearly equal to

the critical total pressure recovery value of esdpective case.
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4.1.4Performance parameters of case 4
(M=4.0, H=16000mg=0°, critical operation)

This case also corresponds to a full capture,tbsitcaptured streamtube consists of
uncompressed and compressed air. ThysA A= 1. In this case, when equations
(3.5) to (3.9) are solved it is determined thatfiret oblique shock angle is 28,1
and the second oblique shock angle is 40.I8erefore, it is readily determined
that the intersection point of the oblique shodksfaside the captured streamtube
boundary. As stated in Section 2.5.1, this may edlosv instability and estimating
the value of the total pressure recovery would leammgless, if such occurrence
takes place. Since the stability state can be ndgted after CFD analyses, the total
pressure recovery value calculated by solving egosi(3.5) to (3.9) is: &/Po =
0.4862

4.1.5Performance parameters of case 5
(M=4.0, H=16000mg=0°, supercritical operation)

For this case, the supersonic diffuser flow pictiseno different than the
supersonic diffuser flow picture of Case 4. Therefthe same possibility of flow
instability remains valid for this case also. Sirthe external flow picture is no
different than the external flow picture of Casetl capture area ratio value of
this case is also the same as Case 4's. Thy&:A 1. The total pressure recovery
value of this case was not estimated because wWeseno quick analytical method
that would incorporate for the extra compressiore da the possible shock

reflections in the throat section.
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4.1.6Performance parameters of case 7
(M=3.0, H=16000mg=0°, critical operation)

The capture area ratio for this case is calculxtad Eqn. (4.1) of Reference [6].

cotd, —cotf, E;otd2 —-cotf,,

(4.1)
cotd, —cotB, cotd, —cotp,

A
A

where g, and f, are the realized oblique shock angles at belowgde®lach
number operation angs,, and fB,, are the shock-on-lip oblique shock angles

corresponding to the design-to condition. ThugAA=0.80103. For the calculation
of the total pressure recovery the same methododsgin Case 1 is applied and,
Pth‘/PtO = 0.7354.

4.1.7Performance parameters of case 8
(M=3.0, H=16000mg=0°, supercritical operation)

The capture area ratio of this case is equal tcdipture area ratio of Case 7, since
the supersonic diffuser flow pictures are the sémneéhese two cases.Thusg/Ac
=0.80103. For the calculation of the total pressemvery the same methodology
as in Case 2 is applied, and for an assigned tafmormal shock Mach number of
1.95; Re/Pyo = 0.5653.

4.1.8Performance parameters of case 10
(M=3.5, H=16000mg=10°, critical operation)

The capture area ratio of this case is calculasgiiguEqgn. (4.2) [6]. The symbols
used through equations (4.2) to (4.4) are showkigare 4.1 [6].
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Figure 4.1 Schematic of symbols used in equations dfiaprea ratio at angle of attack

i - hc,a hoo (ﬂ.z
A: hC hC,tI
where,
h, _cotd, —cotf, , cotd, —cotf,,, .3)
h.,, cotd,, —cotB,, cotd,-cotf,s, '
hca . .
The h' term in Eqn. (4.2) is calculated from Eqn. (4.4)
hc,a - Sin(ﬁlD + 0’) (44)

hc SinﬁlD

As a result; A/Ac= 1.1846. For the calculation of the total pressevery, the
same methodology as in Case 1 is applied agdPpP= 0.4913.

4.1.9Performance parameters of case 11
(M=3.5, H=16000mga=10°, supercritical operation)

The capture area ratio of this case is equal éoctpture area ratio of Case 10,

since the supersonic diffuser flow pictures aregame for these two cases.Thus,
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Ao/A. = 1.1846. For the calculation of the total pressteeovery the same
methodology as in Case 2 is applied and for argasdi terminal normal shock
Mach number of 1.5; /Py = 0.4569.

4.1.10Performance parameters of case 12
(M=3.5, H=16000m¢ = -10°, critical operation)

The capture area ratio of this case is also cakailasing equations (4.2) to (4.4).
As a result, A/A;. = 0.6763. For the calculation of the total pressemvery the

same methodology as in Case 1 is applied. As dty&w/Pyo = 0.5266.

4.1.11Performance parameters of case 13
(M=3.5, H=16000m¢g = -10°, supercritical operation)

The capture area ratio of this case is equal toc#pture area ratio of Case 12,
since the supersonic diffuser flow pictures aredame for these two cases. As a
result, A/A:= 0.6763. For the calculation of the total presgewvery the same

methodology as in Case 1 is applied. As a resyi{Pg = 0.4016.

4.2 Calculation of Flow Parameters at Critical and Supecritical Operating
Conditions

4.2.1Calculation of flow parameters at critical operating conditions

Apart from calculating the performance parameteékg/A. and R./Po), flow
parameters such as total pressure, total temperastatic pressure, static
temperature, static density, Mach number, speedsaeind and velocity are

calculated at the stations shown in Figure 4.2.
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inl
3 ch exit

Figure 4.2 Representative inlet stations for crita@gration case

The calculations are made for the critical operatiegime using MATLAB code

that is developed especially for this purpose.hiis tode, equations (2.4), (2.5),
isentropic relations and equations (3.5) to (3.8 ased to obtain the flow
parameters at the various stations. The methododguptied to obtain the flow
parameters at the various stations are given infldvechart in Figure 4.3. The
results obtained for Case 1, Case 4, Case 7, Gassd Case 12 are given in

Appendix A.
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[

input freestream Mach number,
Capture Area Ratio,
Angle of Attack,

Inlet Entrance Area,
Combustion Chamber Entrance Area Caleulate P12, P2, T2 and p2

/L/ Calculate speed of sound and
input P, T, p at station 0 velocity at station 2

v

Calculate Pt3/Pt2, T3/T2, p3/p2 and

input first and second wedge angles Mach number at station 3 using
equations 3.5 to 3.9

v

Calculate Pt3, P3, T3 and p3

Calculate Pt0 and TtO using
isentropic relations

v v

Calculate speed of sound and Calculate speed of sound and
velocity at station 0 velocity at station 3

v v

Calculate Pt1/Pt0, T1/TO, p1/p0 and
Mach number at station 1 using
equations 3.5 to 3.9

v v

Calculate the Mach number at station
ch using Eqn.2.4 and Eqn.2.5

Calculate Pt1, P1, T1 and p1 Calculate Ptch, Pch, Tch and pch
Calculate speed of sound and Calculate speed of sound and
velocity at station 1 velocity at station ch

v v

Calculate Pt2/Pt1, T2/T1, p2/p1 and
Mach number at station 2 using
equations 3.5t0 3.9

write and tabulate the obtained
results

Figure 4.3 Flowchart of the methodology appliedlitat the flow parameters at critical operation
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4.2.2Calculation of flow parameters at supercritical opeating conditions

The flow parameters such as; total pressure, tewaperature, static pressure, static
temperature, static density, Mach number, speesoahd and velocity are also
calculated for supercritical operation at the statishown in Figure 4.4.

2nd Oblique
Shock

0 1

1st Oblique
Shock 2

Terminal Normal
Shock

inlet
s 3 ch exit

Figure 4.4 Representative inlet stations for supésatibperation case

The calculations are also made for the superckitbparating regime by using a
MATLAB code developed especially for this purpose. Athenone used for the
critical operating regime, in this code too, equasi (2.4), (2.5), isentropic relations
and equations (3.5) to (3.9) are used to obtairfldve parameters at the various
stations. The methodology applied to obtain thevfilparameters at the various
stations are given in the flowchart in Figure 4l6e results obtained for Case 2,
Case 8, Case 11 and Case 13 are also given in App&n
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[

input freestream Mach number,
Capture Area Ratio,
Angle of Attack,
Inlet Entrance Area,
Combustion Chamber Entrance Area

I B

input P, T, p at station 0

input first and second wedge angles

Y

Calculate Pt0 and TtO using
isentropic relations

v

Calculate speed of sound and
velocity at station 0

v

Calculate Pt1/Pt0, T1/TO, p1/p0 and
Mach number at station 1 using
equations 3.5 to 3.9

v

Calculate Pt1, P1, T1 and p1

v

Calculate speed of sound and
velocity at station 1

v

Calculate Pt2/Pt1, T2/T1, p2/p1 and
Mach number at station 2 using
equations 3.5 to 3.9

v

Calculate Pt2, P2, T2 and p2

Calculate speed of sound and
velocity at station 2

v

Find the location of the terminal
normal shock using Eqn.2.4 and
Egn.2.5

v

Calculate P, T, p at station s

v

Calculate speed of sound and
velocity at station s

v

Calculate Pt3/Pts, T3/Ts, p3/ps and
Mach number at station 3 using
equations 3.5 to 3.9

v

Calculate Pt3, P3, T3 and p3

v

Calculate speed of sound and
velocity at station 3

v

Calculate the Mach number at station
ch using Eqn.2.4 and Eqn.2.5

v

Calculate Ptch, Pch, Tch and pch

v

Calculate speed of sound and
velocity at station ch

v

write and tabulate the obtained
results

Figure 4.5 Flowchart of the methodology appliedbtain the flow parameters at supercritical

operation
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The capture area ratio is an input to both of theva mentionedATLAB codes.
Another MATLAB code that calculates the capture area ratio i®ldped. This
code uses equations (4.1) to (4.4) for calculatiregcapture area ratio. This ratio
can be calculated either for cases in which anfytack is present or the cases in
which below design Mach number operation is present
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CHAPTER 5

CFD METHOD AND FLOW SOLVER

5.1 Overview

The advantage of CFD is that the inlet flow problean be analyzed with less time
and cost than the experimental techniques. Thescasde solved with CFD
analyses for the inlet flow problem are, two dinmenal cases; Case 1 to Case 13
(explained in CHAPTER 4)

Viscous effects must be included if a true flowusioin is desired when dealing
with the inlet flow problem. The viscous effectee atominant in the subsonic
diffuser, and the shock-boundary layer effects iamportant. The total pressure
recovery when viscous effects are taken into camaitbn is lower than the
inviscid total pressure recovery. However, in thigdy, the aim is to obtain the
patterns and positions of the two oblique and nbshacks and the capture area
ratio along with the mass flow rate of air at vagmperating conditions. If at these
various operating conditions, the inviscid totalegsure recoveries calculated
analytically can be obtained, it would give a gadea about whether the design
satisfies the requirements. If it is found thatemwvthe inviscid total pressure
recovery is too low to satisfy the requirementgntlit can be concluded that the
design will have to be revised. This will save desiime and design cost through
not having to deal with the long computational tiavolved in viscous CFD
analysis. Another aim of this study is to determiieether the inlet unstarts in any
of the operating conditions to be solved. This gille an idea about the robustness
of the design. If it is observed that unstart islged even with inviscid analysis,

then again it can be concluded that the desigridbs revised. Similarly, this will
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too save design cost and design time. Therefoiie,decided to conduct inviscid
CFD analyses for the inlet flow problem. Conseqiyerdan Euler solver with

memory requirements less than Navier-Stokes sobaarde used.

In this study, for the CFD solutions a stand al®@having a 2.6 MHz processor

and 512 MB RAM is used for the solution of the tdioaensional flow.

There are various commercial and research flowesshapplicable to different
fields and that use different mathematical modsfgce and time discretization
algorithms and grid types. In this study, the comuiaé CFD-FASTRAN [38] flow

solver is used.

5.2 Model Preparation Process in CFD-FASTRAN

The model preparation process in CFD-FASTRAN stgrtirom the geometry
generation to the submission of the run is givethenflowchart of Figure 5.1 [38,
39, 40]. The processes of the flowchart shown gufé 5.1 are followed step by
step to prepare the model of the inlet flow problar@FD-FASTRAN.
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I |CFD-GEOM
| Geometry |
Creation
| | Select Spatial
| | Differencing
| Decide on the |
Grid Type
| | Flux Splitting Schemes:
| | Roe's FDS
| | Van Leer's FVS
| Structured |
Unstructured
| | Spatial Accuracy:
| | First Order
Higher Order
| Create the Grid |
————————.
X Select Time
Import Grid to Integration Scheme
CFD-FASTRAN
Select the Problem Explicit Runge Kutta
Type Point Implicit
P Fully Implicit
Inviscid Cycle, Initial and Final
Laminar CFL Numbers and CFL
Turbulent Ramping lterations
Select Time Run:
Dependency New Run
Restart Run
Steady
Unsteady Set Output Options
Set Fluid ‘
Properties
Submit the Run
Set Initial
Conditions

v

Apply Boundary
Conditions

Figure 5.1 Flowchart of the model preparation pssda CFD-FASTRAN
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5.3 Geometry and Grid Creation

Both the geometry and the grid of the inlet flovolgem is generated using CFD-
GEOM. For the solution of the inlet flow problemistdecided to use a structured
grid. It is very important to observe the shock wagatterns and shock wave
locations in the final solution, which can be belstained on structured grids. The
effort involved for generating the grid is not @ lwoncern, since the geometry is
not a complex one. However, the flow to be obsenvethe final solution is a

complex one. Therefore, a choice to use structgeds also decreases the

computational time.

In order to determine the optimum number of elemeon the grid, a grid
independency study is conducted. This grid deperydstudy is conducted on only
a single case because the computation is too Ctdsive. This selected case is
Case 2, in which it is readily ensured from anabftresults that the inlet remains
started. The results obtained on 3 different meg¢bash having different number
of grids in the streamwise direction and the sammabrer of grids in the vertical
direction) are compared. The first mesh has 20@ gaints in the streamwise
direction and 119 grid points in the vertical difes. In the second mesh the
number of elements in the streamwise directiomdsgased by 50 % yielding 417
grid points. In the third mesh the number of elets@m the streamwise direction is
increased by another 50 % yielding 627 grid poifitse results of this study are
presented in Section 6.1. It is observed that wthigefirst and second meshes yield
different mach contours and results, the secondtlaind meshes yield nearly the
same mach contours and results. Thus, it is detednihat the second mesh is
sufficient for the analyses. Therefore, it is deddo use this mesh consisting of
417 x 119 points. The mesh is shown in Figure &t2te analyses. It can be seen
from this figure that the grid distribution is fin@round the cowl lip. This is
necessary due to the fact that three shocks wérsect at the cowl lip during the

inlets on-design critical operation.
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Figure 5.2 Mesh of the 2-D model (417x119 grid pgint

5.4 Problem Type and Time Dependency Selection

As discussed earlier, the inviscid flow option i®sen for the problem type. The
time dependency of the problem may be seSteadyor Transient Obtaining the

performance parameters of the inlet at an unstestai® would be meaningless.
Therefore, the aim of this study is to obtain tlevfsolutions at states where the
inlet remains started (where the flowfield is colesed stable). Consequently, the

time dependency of the problem is seBteady

5.5 Setting the Fluid Properties

The calorically perfect gas option is selected #reddefault value of 1.4 for the

specific heat ratio of air is selected for specifythe fluid properties.
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5.6 Setting the Initial Conditions

The variables that need to be initiated are thicgpaessure, the static temperature
and the velocity. In the case of steady-state sitials, initial conditions are
merely initial guesses. They do not influence tinalfsolution but they influence
the speed of convergence to the final solution.[38refore, in order to obtain a
faster convergence, instead of initializing the lghoomputational domain with
freestream values different initial conditions assigned to different domains. For
this purpose thé/olume by Volumesub-option is selected. The external flow
regions are initiated with the freestream flow sbte values. The interior flow
regions are initiated with analytically calculatéalv variable values upstream and
downstream of the shocks. These values are foundAppendix A. This
methodology is in perfect accordance with the nadhal approach used. Different
initial conditions are used for different cases.eTiones of the computational
domain for the 2-D model are given in Figure 5.8eTinitial conditions for each

case is given in Table 5.1.

ZONE 2
X_ﬂf

ZONE 1

Figure 5.3 Zones of the 2-D model
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Table 5.1 Initial conditions of the analyses cases

ZONES
CASES
Zone 1 Zone 2 Zone 3
U=1032.745 m/s U=920 m/s U=346.7 m/s
Case 1
V=0 m/s V=0 m/s V=0 m/s
Case 2
P=10,353 Pa P=35,768 Pa P=359,763 Pa
Case 3
T=216.65 K T=326 K T=687.6 K
U=1180.28 m/s U=1064 m/s U=353.8 m/s
Case 4
V=0 m/s V=0 m/s V=0 m/s
Case 5
P=10,353 Pa P=41,142 Pa P=596,469 Pa
Case 6
T=216.65 K T=345.6 K T=847.7 K
U=885.21 m/s U=775 m/s U=354.6 m/s
Case 7
V=0 m/s V=0 m/s V=0 m/s
Case 8
P=10,353 Pa P=31,021 Pa P=191,140 Pa
Case 9
T=216.65 K T=307.7 K T=544.1 K
U=1017.0552 m/s U=798.35 m/s U=488.55 m/s
Case 10 V=179.3343 m/s V=0 m/s V=0 m/s
Case 11 P=10,353 Pa P=64,545 Pa P=211,754 Pa
T=216.65 K T=430.26 K T=628.7 K
U=1017.0552 m/s U=998.29 m/s U=3104.18 m/s
Case 12 V=-179.3343 m/s V=0 m/s V=0 m/s
Case 13 P=10,353 Pa P=17,229 Pa P=333,062Pa
T=216.65 K T=251.55K T=701.5K

5.7 Setting the Boundary Conditions

After the initial conditions are set, the next siefo set the boundary conditions.

The types of boundary conditions applied to the @wel are given in Figure 5.4.
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mflow/outflow
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; —F
interface / outlet

(fixed presswre)

wall

inlet
(flow rate)

outlet
(extrapolated)

inflow/outflow

Figure 5.4 Boundary conditions applied to the 2-0Odeio

The Inlet boundary condition has two options, the fixed miew rate and the
fixed total pressure condition. The fixed mass flaate condition in which all
variables are kept constant is set for the intvfbroblem.

TheOutletboundary condition has two options, the fixedistatessure option and
the extrapolated option. For subsonic outflows, fiked static pressure option is
used. In this option, the user specifies the presen the exit plane and the flow
solver checks the local Mach number at boundamtpaising the fixed pressure
condition. For local subsonic outflow the remainftay variables are extrapolated
from the interior to the exit plane. For the extlaped option, no information is
required from the user. All flow variables are epinlated to the exit boundary
from the interior domain.

The Inflow/Outflow boundary condition is a combination of thdet and Outlet
boundary conditions. The CFD-FASTRAN flow solveressinternal logic to
determine which boundary condition to apply. Fompesonic inflows, this
boundary condition uses the user specified varsalff@r supersonic outflows it
uses the same approach as the extrapolated exitlgucondition.
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Thelnterfaceboundary condition is used to link multiple donsaio one another.

The Wall boundary condition has five options; adiabatiothermal, heat flux,
aeroelastic and radiative. For the inlet flow pesblthe adiabatic wall boundary

condition which sets the surface heat flux to zenased.

The major challenge in the CFD analysis of an ifieet is to determine the value
of the exit pressure (back pressure) for the alitmperating condition. At this
condition, since the exit flow is subsonic the&ed Pressure Outleboundary
condition is applied at the inlet exit. This reesirthe exit back pressure to be input
by the user. An iterative procedure is applied mok a number of computations
are performed to search for the exit back presualee that yields critical
operation. In a number of calculations, the exakoaressure is gradually increased
from a value yielding supercritical operation utiie back pressure value yielding
critical operation is found. This procedure is dtsmwn as a root search iteration.
Apart from the difficulty of having to perform margalculations for a single case
there is another important drawback. This drawbiacthat, when the exit back
pressure approaches the critical value, the shaolewsystem moves very slowly
and a very long execution time is necessary torenthe stability of the shock
wave [15].

In the work done by Knight et al. [15] on high perhance supersonic missile inlet
design using automated optimization, they managedlMtain a critical back
pressure tolerance less than 1 %. This means th&bancrease in the converged

value for the back pressure would cause the iolahstart.

Although the boundary condition types are the séwnesach of the cases to be

solved the values are different for each case.dkeakies are given in Table 5.2.
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Table 5.2 Boundary conditions of the analyses cases

Boundary Conditions
Cases Outlet
Inlet Inflow / Outflow )
(fixed pressure)
Trial and error for
Case 1l U=1032.745 m/s U=1032.745 m/s . .
Pexit > (Pexitase 2
V=0 m/s V=0 m/s i
Case 2 Pexit = 380,000 Pa
P=10,353 Pa P=10,353 Pa
Trial and error for
Case 3 T=216.65 K T=216.65 K ) ]
Pexit > (PexXit)ase 1
Trial and error for
Case 4 U=1180.28 m/s U=1180.28 m/s ) )
Pexit > (PexXit)ase 5
V=0 m/s V=0 m/s i
Case 5 Pexit = 580,000 Pa
P=10,353 Pa P=10,353 Pa
Trial and error for
Case 6 T=216.65K T=216.65 K ) _
Pexit > (PeXit)ase 4
Trial and error for
Case 7 U=885.21 m/s U=885.21 m/s . .
Pexit > (Pexitase s
V=0 m/s V=0 m/s i
Case 8 Pexit = 187,966.7 Pa
P=10,353 Pa P=10,353 Pa
Trial and error for
Case 9 T=216.65 K T=216.65 K ) )
Pexit > (PexXit)ase 7
U=1017.0552 m/s U=885.21 m/s Trial and error for
Case 10 ] )
V=179.3343 m/s V=0 m/s Pexit > (PeXitdase 11
P=10,353 Pa P=10,353 Pa
Case 11 Pexit = 297,967.9 Pa
T=216.65 K T=216.65 K
U=1017.0552 m/s U=1017.0552 m/s Trial and error for
Case 12 ) )
V=-179.3343 m/s V=-179.3343 m/s Pexit > (PexXit)ase 13
P=10,353 Pa P=10,353 Pa )
Case 13 Pexit=198,046.6 Pa
T=216.65 K T=216.65 K

5.8 Selection of the Flux Splitting Scheme

In CFD-FASTRAN, the user has an option of usindgheitone of two spatial
differencing schemes; Roe’s flux difference spidtior Van Leer’s flux vector
splitting. Both are upwind differencing schemese™an Leer's scheme may be
less accurate if viscous forces or viscous effactshighly important. However, the

dissipative effects of the Van Leer’'s scheme cause be more robust than the
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Roe’s scheme. It is known that the Van Leer’'s schdms been tailored for
transonic flows and should provide better transahock structure than Roe’s
scheme [38]. Since for the inlet flow problem thanp of interest is obtaining the
shock structure and since the solution will beizeal for inviscid flow it is decided

to use the Van Leer’s scheme.

This scheme is frequently used in similar probleRts. example, in the work done
by Doyle Knight et al. to investigate the High Sge€ivil Transport Inlets
operability with angle of attack [18] the Van Leescheme was used to evaluate
the inviscid flux. In the study they performedwias decided to use the Van Leer’s

scheme after determining that the Roe’s schemedfailie to anomalous solution.

5.9 Selection of the Spatial Accuracy

The flux splitting schemes provided in CFD-FASTRAAXe spatially first order

accurate. However, via several slope limiters thetial accuracy can be increased
to second or third order. Though the least accufatt order spatial accuracy is
the most robust. Therefore, for the inlet flow geob first order spatial accuracy is

used.

5.10Selection of the Time Integration Scheme and the @RNumber

In CFD-FASTRAN explicit and implicit time integrath scheme options are
present. The explicit scheme option is tRenge-Kutta Explicit Schemd&he

implicit schemes are; theoint Implicit Schemand theFully Implicit SchemeFor

the inlet flow problem, the Runge Kutta ExplicitdaRoint Implicit schemes vyield
convergence problems. Therefore, a Fully Implicih&ne is used. The initial CFL
number is set to 1. However, due to convergencél@nts, it is not possible to
increase the CFL number as the solution progre3sesfinal CFL number is also

setto 1.
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5.11Concluding Remarks

In this chapter the CFD method and the flow solvess explained. The
methodology that is applied in order to analyze ihiet flow problem was
presented. In Chapter 6; the results of the 13scemi@ed for the inlet flow problem

are given, along with the discussions on thesdtsesu

90



CHAPTER 6

RESULTS AND DISCUSSION

6.1 Overview

In this chapter, the results of the aforementiof8dcases obtained through the
CFD-FASTRAN flow solver are presented. These 13egaare sufficient to
understand to some extent the flow phenomenon ooguduring the inlets on-
design, above-design, below-design, critical, stibal, supercritical, positive
angle of attack and negative angle of attack omersitit is possible to also obtain

the values of the performance parameters at tlubgedscases.

For each constant Mach number; it is necessarygbdbtain the solution of the
supercritical case. The reason can be explainedolé®wns: For the critical
operating condition the exit pressure (back pre&gsigsran unknown. Nevertheless,
the value of the exit back pressure must be inptheaexit boundary as thexed
Pressure Outleboundary condition. Therefore, an iterative praredccalled a root
search iteration is applied to search for the baitk pressure value that yields
critical operation. In this procedure, in a numbéruns, the exit back pressure is
gradually increased from a value yielding supecaitoperation until the back
pressure value yielding critical operation is fouiithis is why it is necessary to

first solve the supercritical case.

Steady state, inviscid solutions are obtainedHesé¢ cases using first order spatial
accuracy, Van Leer’'s flux splitting, and fully inigit time integration schemes.
The initial and final CFL numbers are equal to herid used for these cases was

presented in Section 5.4 and was decided on agtdorming a grid independency
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study. The results of the grid independency studyadso presented in this chapter
in detail.

The results of the 13 cases solved are comparédthatanalytical solutions which
may be found in Appendix A.

6.2 Convergence Criterion

Convergence of a solution is monitored with thenbrm of the conserved
variables. As the steady state solution is appmdchhe variation in flow
properties becomes smaller and smaller. Monitothg L-norm is one way of
measuring these variations. Also, as the steadg st@ution is approached the
forces and moments at the wall boundaries begstay constant. Therefore, the
forces and moments at the wall boundaries weredaisoked during the solution.
In the 13 cases solved for the inlet flow probl&mas possible to obtain at least 3
orders of magnitude decreases in residual levasiré 6.1 shows theknorm of
the density with a decrease of 13 orders of madaitior a converged solution
(Case 13, M=3.5, H=16000m,= -10°, supercritical).

RHO Residual vs. Number of Iterations
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Figure 6.1 Steady state solution residual graph (take
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6.3 Grid Independency Study

In order to determine the grid to be used in tHatsm of the 13 cases of the inlet
flow problem a grid independency study was condiicfes explained in Section
5.4 this study was conducted on only a single ¢aase 2, M=3.5, H=16000m,=
0°, supercritical). The solution was obtained fodiBerent meshes (each having
different number of grids in the streamwise dir@ctand the same number of grids
in the vertical direction). The first configuratiavhich had 207 grid points in the
streamwise direction and 119 grid points in thetigal direction, was named as
coarse grid In the second one the number of elements inttearmwise direction
was increased by 50% vyielding 417 grid points. Beisond grid was named msd
resolution grid In the third one the number of elements in theashwise direction
was increased by another 50% yielding 627 grid tgoifihis grid was named as

fine grid

Each of the 3 meshes were solved and the residorasll flow variables were
decreased by 4 orders of magnitude in the finalVeared solutions of each case.
In Table 6.1, the number of elements of the thregsgthe CPU times, the memory

and number of iterations are given.

Table 6.1 Solution characteristics for grid indepeEmay study

Number of )
) ] CPU Time | Total CPU Memory Number of
Configuration | Elements ) )
) (sec/cycle) | Time (hr) (MB) Iterations
of the Grid
Coarse
] ] 22807 1.04 5.5 hours 25 18500
Configuration
Mid
] ) 46007 2.24 7.5 hours 48 12000
Configuration
Fine
] ] 69207 3.47 15 hours 70.5 15500
Configuration
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In order to compare the results obtained on thaseshes, the area averaged Mach
number, the static pressure, and the density @0, 1, 2, “s”, 3 and “ch” (these
stations were presented in Section 4.2.2) are leddli for each mesh separately.
The total pressure recovery, the capture area, rdt@ first oblique shock wave
angle, the second oblique shock wave angle, andtetmeinal normal shocks
distance from the inlets leading edge are alsautatled. These area averaged flow
guantities along with the total pressure recovéng, capture area ratio, oblique
shock angles, and the terminal normal shocks distfom the leading edge are
compared with the analytical results of Case 2ctvimay be found in Appendix
A. The results for the total pressure recovery,ddygture area, the first and second
oblique shock angles and the terminal normal shatiktance from the inlets
leading edge are given in Table 6.2. The resultshie area averaged values of the
static pressure, the Mach number and the denséygiaen in Figure 6.2, Figure

6.3, Figure 6.4 respectively.

Table 6.2 Comparison of the results obtained ondlaese, mid resolution and fine grids with
analytical results

Mid Analytical
Coarse Grid Resolution Fine Grid Results of
Grid Case 2
Total Pressure
0.5214 0.5233 0.5247 0.5253
Recovery
Capture Area Ratio 0.9694 0.9943 0.9960 1
First Oblique Shock
30 30 30 30
Angle (°)
Second Oblique Shock
46 44 44 44
Angle (°)
Terminal Normal Shocks
Distance from Inlets 564 606 618 655
Leading Edge (mm)
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Comparison of Static Pressure Values
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Figure 6.2 Comparison of the static pressure valuesraad on the coarse, mid resolution and fine
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Figure 6.4 Comparison of the density values obtaorethe coarse, mid resolution and fine grids
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It can be seen from the results presented in FiguteFigure 6.3 and Figure 6.4,
that, the solutions of the mid resolution grid dhe fine grid are alike and close to
the analytical results but the results of the coansd are quite different from the
mid resolution and fine ones and analytical resultse values obtained for the
terminal normal shocks distance from the inlet iegcedge are close for the mid
resolution and fine grids, but are different frdme tanalytical results. This is due to
the fact that the analytical results were obtaineith the quasi 1-D flow
assumption, whereas the CFD-FASTRAN solution is -® Zlow solution.
Therefore, the terminal normal shock stands at empstream distance due to the
2-D effects in the CFD-FASTRAN flow solution.

In order to choose which grid to perform the anedysn, it is also necessary to
investigate and compare the resulting flowfieldshef three meshes. In Figure 6.5,
the Mach number contours of the coarse, mid resoland fine grids are given. It
can be observed that the contours of the mid résoland fine grids are nearly
overlapping, but the contours of the coarse gridisway from the contours of the

mid resolution and fine grids.
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0.4 Mach Number Contours of Course, Mid and Fine Configurations

0.2

Coarse Grids Mach Contours

Mid Resolution Grids Mach Contours

Fine Grids Mach Contours

-04

-0.6

Figure 6.5 Mach number contours of coarse, mid reisolaind fine grids

From the results given in Table 6.2, Figure 6.2uFe 6.3, Figure 6.4 and Figure
6.5, it seems reasonable to choose the mid resolgtid as the grid to be used in
the rest of the analyses. This is because the esdlution grid yields nearly the
same results as the fine grid, but the former hasatvantage of a lower total CPU

time.

6.4 Results of Case 1 to Case 13

For each of the cases in which it was possiblebtain a converged final solution,
the inlets performance parameters, namely, thé pogssure recovery, the capture
area ratio, and the steady state flow distorti@ncalculated from the results of the
converged solution. These performance parametergtdained by calculating the

area averaged values of the related flow varidifesvaluating line integrals at the
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related cross sections. The values obtained ar@a@u to the analytical solutions

of the corresponding case.

The initial conditions and the boundary conditicagplied along with the flow

solver settings for each case were previously pteden Chapter 5.

From the flowfield, the first and second obliqueak angles and the coordinates
of the intersection point of the two shocks are alalculated for each case and
compared to the analytical solution. The aim offgrening this comparison is to
determine the accuracy of the CFD-FASTRAN solution.

Other variables that are calculated for each casecampared to the analytical
solution are the terminal normal shocks distanoenfthe inlets leading edge and
the area averaged Mach number, the static preasdréhe density at stations 0, 1,
2,"s”, 3and “ch”.

6.4.1Case 2 results
(M=3.5, H=16000m¢ = 0°, supercritical)

In the final converged solution the residuals fibrflaw variables were decreased
by 4 orders of magnitude, with 12,000 iterationstcm at a total CPU time of 7.5

hours. In Figure 6.6 the Mach number contours effihal converged solution are
shown. The passage from purple colored contouoseange colored contours show
the first obliqgue shock wave and the passage fr@nge colored contours to green
contours shows the second oblique shock wave. ®heal shock is located at the
passage from green contours to blue contours.nltbeaseen from Figure 6.6 that
the intersection point of the two oblique shoclsfain the cowl lip and the terminal
normal shock is located in the subsonic diffuserTable 6.3, the results for the
total pressure recovery, the capture area, thelststate flow distortion, the first

and second oblique shock angles and the termimadaishocks distance from the

inlets leading edge are given. The results foratea averaged values of the static
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Figure 6.9 respectively.

pressure, the Mach number and the density are givEigure 6.7, Figure 6.8 and

0.2357

Figure 6.6 Mach number contours of the solution seca

Table 6.3 CFD-FASTRAN and analytical results comparisbcase 2

CFD FASTRAN

Analytical Results of

Results of Case 2 Case 2
Total Pressure 0.5233 0.5253
Recovery
Capture Area Ratio 0.9943 1
Steady State Flow Distortion 0.12 -
First Oblique Shock Angle (°) 30.22 30.22
Second Obligue Shock Angle (°) 43.79 43.61

Intersection point of the two
oblique shocks (mm) [with respect
to inlet leading edge (0,0) ]

(299.739,-174.625)

(300.428,-175.026)

Terminal Normal Shocks Distance
from Inlets Leading Edge (mm)

606

655
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Figure 6.9 Comparison of the density values for case 2
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From the results in Table 6.3 and Figure 6.6, iseéen that the first and second
obliqgue shock angles and the coordinates of thergattion point of the two

oblique shocks are identical to the analytical itesThis is an indication that the
CFD-FASTRAN solution is accurate.

The capture area ratio value is approximately #mesas the analytical result with
only a 0.5% difference. This indicates that, atdesign Mach number operating
regime (keeping in mind that the solution is inid§cthe exact amount of flow

required by the engine can be delivered by thet.inlbe steady state flow

distortion is very low, which is an expected resitice the solution is an inviscid
solution. The total pressure recovery is nearlystume as the analytical result with
only a 0.4% difference. The exit Mach number isrlyethe same as the analytical
result with only a 0.7% difference. Therefore, amaild expect the inviscid exit

Mach number to be the same as the analyticallyutatked exit Mach number, and
the inviscid total pressure recovery to be the samehe analytically calculated
total pressure recovery during the on-design Maaimber supercritical operation
of the inlet.

The terminal normal shocks distance from the inlessling edge is different from
the analytical results. This is due to the fact th& analytical result is obtained
with the quasi 1-D flow assumption whereas the GFASTRAN solution is a 2-D
flow solution therefore the terminal normal shodknsls at a more upstream
position due to the 2-D effects in the CFD-FASTRAMNv solution.

6.4.2Case 1 results
(M=3.5, H=16000mg = 0°, critical)

In this case a root search iteration was performmedrder to obtain the back
pressure value that yields critical operation. ltot@l of 7 runs the back pressure
value, specified as the fixed pressure outlet bapnaondition, was increased
from 380,000 Pa (back pressure value yielding sujiieal operation) until the

back pressure value yielding critical operation wésained. The back pressure
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values for which the solutions were obtained ar@ @@ Pa; 430,000 Pa; 434,000
Pa; 452,500 Pa; 435,000 Pa; 434,200 Pa and 434%00The difficulty
encountered in this procedure was that as thepes#sure approached the critical
value, the shock wave system moved very slowly,@suilations in residuals and
convergence problems were encountered and longigxedimes were necessary
to establish a stationary shock wave. This is why toot search iteration process
took a total CPU time of 101 hours. At the end lt# toot search iteration, it is
determined that a back pressure value of 434,500dR#s critical operation at the
on-design Mach number. With this back pressureevéite terminal normal shock
is positioned only 4 mm downstream of the cowl piane. However, it is also
determined that if this back pressure value iseased to 435,000 Pa the terminal
normal shock is ejected upstream of the entranaara. It was managed to obtain
a back pressure tolerance of 0.1 %. This meansatlial% increase in the back
pressure value of 434,500 Pa will cause the tednmoemal shock to be ejected

from the entrance plane.

In the final converged solution of Case 1 the nesisl were decreased by 4 orders
in a total of 35,000 iterations. In Figure 6.10 Mach number contours of the final
converged solution are shown. In this figure thesspge from purple colored
contours to orange colored contours shows the diniijue shock wave and the
passage from orange colored contours to green wanghows the second oblique
shock wave. It can be seen that the supersonigseiffflow picture of this case is
the same as the one obtained for Case 2. The nshuek is located at the passage
from green contours to blue contours. It is seemfthe flowfield that the normal
shock is located at the throat.

In Table 6.4, the results for the total pressuoevery, the capture area, the steady
state flow distortion, the first and second obligl®ck angles and the terminal

normal shocks distance from the inlets leading emtgegiven. The results for the

area averaged values of the static pressure, tiod Mamber and the density are

given in Figure 6.11, Figure 6.12 and Figure 64dspectively.



Figure 6.10 Mach number contours of the solutionascl

Table 6.4 CFD-FASTRAN and analytical results comparisbcase 1

CFD FASTRAN

Analytical Results of

Results of Case 1 Case 1
Total Pressure
0.5909 0.6099
Recovery
Capture Area Ratio 0.9943 1
Steady State Flow Distortion 0.10 -
First Oblique Shock Angle (°) 30 30
Second Oblique Shock Angle
44 44

©)

Intersection point of the two

oblique shocks (mm) [with

respect to inlet leading edge
0,0)]

(299.739,-174.625)

(300.428,-175.026)

Terminal Normal Shocks
Distance from Inlets Leading
Edge

4 mm downstream of

the cowl lip plane

@ the cowl lip plane
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The results in Table 6.4 and Figure 6.10, show thatfirst and second oblique
shock angles and the coordinates of the intersegtimint of the two oblique
shocks, moreover, the supersonic diffuser flowypetare the same as the one
obtained for the on design Mach number superctitaae (Case 2). This verifies
that, the supersonic diffuser flow is not affectsdthe movement of the terminal
normal shock from the subsonic diffuser to thetmleowl lip plane. Due to this
fact, the value of the capture area ratio is disosame as the one obtained for Case
2.

The steady state flow distortion is very low: Tigsan expected result since the
solution is an inviscid solution. The total presstecovery is close to the analytical
result with a 3.2% difference. The exit Mach numisaziose to the analytical result
with a 4.8% difference. Therefore, it is reasondblexpect the inviscid exit Mach

number to be slightly higher than the analyticdligaand the inviscid total pressure
recovery to be slightly lower than the analyticalue. The differences in these
values are not major differences and are not sggmt enough to degrade the
performance of the inlet during the on-design caitioperation. It can be finally

concluded that the inlet design is verified for tlesign-to condition since Case 1 is

the case that represents the design-to condition.

6.4.3Case 3 results
(M=3.5, H=16000mg = 0°, subcritical)

It was stated in Section 6.4.2 that when the eadkbpressure is increased from
434,500 Pa by only 0.1% to 435,000 Pa the ternminamal shock is ejected from
the entrance channel to an upstream station. Hawexth such a back pressure
value (435,000 Pa) it is not possible to obtairaverged solution. This is due to
the fact that it is not possible for the terminakrmal shock to maintain a stable
position upstream of the cowl lip plane and thenflie unsteady. Consequently,

inlet unstart occurs. This phenomenon can be dtleetanteraction of the slip line
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emanating from the triple shock intersection peuth the cowl boundary which

causes the pressure slope to presume a positive &alexplained in Section 2.5.1.

This indicates that, at on-design Mach number #réopmed inlet design is a zero
subcritical stability design. Which is perfectlyasmnable since the inlet was
designed to obtain maximum performance at the dedsigcondition. It was

discussed in Section 2.5.1 that the inlet desighi&chvhave subcritical stability
yield critical total pressure recovery values ld#sm that can be achieved with “no

stability” designs.

The divergence history of the solution of Case 3he form of Mach number

contours is given in Figure 6.14.

Figure 6.14 Divergence history of case 3
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6.4.4Case 5 results
(M=4.0, H=16000mg. = 0°, supercritical)

It is readily depicted from the analytical solutiohthis case that the intersection
point of the two oblique shocks falls inside thetrgnstream tube boundary.
Therefore, it can be expected that the slip plam@mating from the shock
intersection point will interact with the cowl balary, the flow will become

unstable and inlet buzz will occur causing the tirtle unstart as discussed in
Section 2.5.1. In fact, this is exactly what isabed from the solution of this case.
It was not possible to obtain a converged solution this case due to the
occurrence of the phenomenon described above. Mezgdnce history of the

solution of Case 5 in the form of Mach number cardas given in Figure 6.15.

Figure 6.15 Divergence history of case 5



6.4.5Case 4 results
(M=4.0, H=16000m¢ = 0°, critical)

If it were possible to obtain a converged solutfon Case 5, then it would be
possible and meaningful to perform a root searehaiion for this case and to
obtain the back pressure value yielding criticaéragpion at above design Mach
number. However, under these circumstances itagdilgeknown that a converged

solution will not be obtained for this case.

6.4.6Case 6 results
(M=4.0, H=16000mg = 0°, subcritical)

Because of the same reasons as that of Cases4e#dily known that a converged

solution will not be obtained for this case. Theref Case 6 is not solved.

6.4.7Case 8 results
(M=3.0, H=16000m¢g = 0°, supercritical)

Unlike the previous two cases, a converged soluties obtained for this case. A
total of 12,000 iterations resulted in 5 orders mégnitude decrease in the
residuals, taking 7.5 hours of CPU time. In thisesaalthough the shock
intersection point is not on the cowl lip it is gdde to obtain a converged solution
because the flow remains steady. This is due tdattethat the shock intersection

point falls outside of the entrance streamtube dannas predicted.

In Figure 6.16 the Mach number contours of thelfioenverged solution are
shown. In this figure the first oblique shock o=t the passage from purple
colored contours to orange colored contours. Tioersk oblique shock occurs at
the passage from orange colored contours to grélered contours. It can be seen
that the intersection point of the oblique shocksfbelow the cowl lip, outside of
the entrance streamtube. The normal shock is Idcatethe subsonic diffuser,

where the contours pass from green color to bller clm Table 6.5, the results for
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the total pressure recovery, the capture areastedy state flow distortion, the

first and second oblique shock angles and the tedmiormal shocks distance from
the inlets leading edge are given. The resultstierarea averaged values of the
static pressure, the Mach number and the densstgiaen in Figure 6.17, Figure

6.18 and Figure 6.19 respectively.

Figure 6.16 Mach number contours of the solutionasic3

Table 6.5 CFD-FASTRAN and analytical results comparisbcase 8

CFD FASTRAN Results | Analytical Results of
of Case 8 Case 8
Total Pressure Recovery 0.5617 0.5653
Capture Area Ratio 0.6803 0.8010
Steady State Flow Distortion 0.08 -
First Oblique Shock Angle(®) 33 33
Second Obligue Shock Angle (°) 50 49.5
Intersection point of the two
oblique shocks (mm) [with respect (294.416,-196.778) (295.077,-193.756
to inlet leading edge (0,0) ]
Terminal Normal Shocks Distance
) 635 655
from Inlets Leading Edge (mm)
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From the results presented in Table 6.5 and Figut6, it is determined that the
first and second oblique shock angles and the cwatets of the intersection point

of the two oblique shocks are nearly the sameeaanhlytical results.

The capture area ratio value is 17.7% less thamulagytical result. This indicates
that, at below-design Mach number operating regiime,amount of flow spillage
is more than that predicted through analytical pdaces. The steady state flow
distortion is very low, which is an expected resitice the solution is an inviscid
solution. The total pressure recovery is nearlystume as the analytical result with
only a 0.6% difference. The exit Mach number isrlyethe same as the analytical
result with only a 2% difference. It is shown bsle calculations that one could
expect the inviscid exit Mach number to be the saméhe analytically calculated
exit Mach number, and the inviscid total press@eovery to be the same as the
analytically calculated total pressure recoveryirmdurthe below-design Mach

number supercritical operation of the inlet.

However, the terminal normal shocks distance froma inlets leading edge is
different from the analytical results. This is doethe fact that the analytical result
is obtained with the quasi 1-D flow assumption veasr the CFD-FASTRAN
solution is a 2-D flow solution therefore the temalinormal shock stands at a more

upstream distance due to the 2-D effects in the-EASBTRAN flow solution.

6.4.8Case 7 results
(M=3.0, H=16000m¢ = 0°, critical)

In this case a root search iteration is perfornmedrder to obtain the back pressure
value that yields critical operation. In a total ©funs the back pressure value, is
increased from 187,966.7 Pa, until the back pressaue yielding critical
operation is obtained. The back pressure valuewifach the solution is obtained
are 220,000 Pa, 247,785.8 Pa, 260,272.4 Pa, 25880057,000 Pa, 255,000 Pa,
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and, 254,000 Pa respectively. The difficulty endeted in this procedure was that
as the exit pressure approached the critical vahes shock wave system moved
very slowly and oscillations in residuals and cogeace problems occurred. Long
execution times were necessary to ensure the igtadiilthe shock wave. This is
why this root search iteration process took a t6fRU time of 118.5 hours. At the
end of the root search iteration it was determitieat a back pressure value of
254,000 Pa yields critical operation at the ongiedflach number. With this back
pressure value the terminal normal shock is paostioonly 5 mm downstream of
the cowl lip plane. Nevertheless, it was also deteed that, if this back pressure
value is increased to 255,000 Pa, the terminal abstmock is ejected upstream of
the entrance channel. Therefore, it was possib&btain a back pressure tolerance
of 0.4 %. This means that a 0.4% increase in tiok peessure value of 254,000 Pa

will cause the terminal normal shock to be ejeétedh the entrance plane.

In the final converged solution of Case 7 the nesisl were decreased by 4 orders
at a total of 35,000 iterations. In Figure 6.20 ktech number contours of the final
converged solution are shown. It is seen from filgisre that the terminal normal
shock is located at the cowl lip plane, where thieteurs pass from green color to
blue color. The first and second oblique shocks t&ir intersection point are
located at the same positions as in Case 8 (passageurple to orange color and
the passage from orange to green color). No chantie supersonic diffuser flow
picture has occurred when compared to the flonupécof Case 8. In Table 6.6, the
results for the total pressure recovery, the captanea, the steady state flow
distortion, the first and second oblique shock asgand the terminal normal
shocks distance from the inlets leading edge arengiThe results for the area
averaged values of the static pressure, the Mantbaeuand the density are given
in Figure 6.21, Figure 6.22 and Figure 6.23 respelgt



Figure 6.20 Mach number contours of the solutionasic?

Table 6.6 CFD-FASTRAN and analytical results comparisbcase 7

CFD FASTRAN

Analytical Results of

Results of Case 7 Case 7
Total Pressure
0.7176 0.7354
Recovery
Capture Area Ratio 0.6803 0.8010
Steady State Flow Distortion 0.05 -
First Oblique Shock Angle (°) 33 33
Second Oblique Shock Angle (° 50 49.5

Intersection point of the two

oblique shocks (mm) [with

respect to inlet leading edge
(0,0)]

(294.416,-196.778)

(295.077,-193.756)

Terminal Normal Shocks
Distance from Inlets Leading
Edge

5 mm downstream of

the cowl lip plane

@ the cowl lip plane
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Comparison of Static Pressure Values
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The fact that the supersonic diffuser flow pictisghe same as the one obtained
for the below design Mach number supercritical &se 8), is clearly seen from
the results in Table 6.6 and Figure 6.20. Thisfiearithat, the supersonic diffuser
flow is not affected by the movement of the terrhinarmal shock from the
subsonic diffuser to the inlets cowl lip plane. Dwethis fact, the value of the

capture area ratio is also the same as the onmebtfor Case 8.

The steady state flow distortion is very low, whishan expected result since the
solution is an inviscid solution. The total pregstecovery is close to the analytical
result with a 2.5% difference. The exit Mach numisaziose to the analytical result
with a 1.8% difference. Therefore, it is reasondblexpect the inviscid exit Mach

number to be slightly higher than the analyticdueaand the inviscid total pressure

recovery to be a little more lower than the anagjtvalue.

6.4.9Case 9 results
(M=3.0, H=16000mg = 0°, subcritical)

It was stated in Section 6.4.8 that when the eadkbpressure is increased from
254,000 Pa by only 0.4% to 255,000 Pa the ternminainal shock is ejected from
the entrance channel to an upstream station. Adhdauwas not possible to obtain
a converged solution for the on-design Mach nunshdrcritical operating case
(Case 3) it was possible to obtain a convergedtisaldor this one. The terminal
normal shock manages to maintain a stable positimad of the entrance channel
while the flow remains steady. This shows that,itihet designed at the on-design
Mach number has a subcritical stability margin tas tflight condition. This is
perfectly reasonable since the inlet does exhibximum performance (in terms of
total pressure recovery and capture area ratiti)iscondition. It was explained in
Section 2.5.1 that the inlet designs which havecstital stability; yield critical
total pressure recovery values less than that eaachieved with “no stability”

designs.
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In the final converged solution the residuals weexreased by 4 orders of
magnitude, 35,000 iterations are realized at 4 @R time of 22 hours. In Figure
6.24 the Mach number contours of the final converg@ution are shown. The first
and second oblique shocks and their intersectiant gatersection of purple,
orange and green colored contours) is clearly seénis figure. This intersection
point falls below the cowl lip and outside of th&rance streamtube boundary. The
terminal normal shock at the passage from gredsiu® color is located upstream
of the cowl lip. In Table 6.7, only the calculatexsults from the CFD-FASTRAN
solution (for the total pressure recovery, the gaptarea, the steady state flow
distortion, the first and second oblique shock esghnd the terminal normal
shocks distance from the inlets leading edge) aesemted since there are no
analytical results for this case. The results lfier area averaged values of the static
pressure, the Mach number and the density are givéngure 6.25, Figure 6.26

and Figure 6.27 respectively.

0.2637

Figure 6.24 Mach number contours of the solutionasic9
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Table 6.7 CFD-FASTRAN results of case 9

CFD FASTRAN Results of Case 9

Total Pressure

Recovery 07179
Capture Area Ratio 0.6740
Steady State Flow Distortion 0.05
First Oblique Shock Angle (°) 33
Second Oblique Shock Angle (°) 50

Terminal Normal Shocks Distance from

Inlets Leading Edge

5 mm upstream of the cowl lip plan
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Figure 6.25 Static pressure vs. non-dimensional distforccase 9

Mach Number vs Non-Dimensionalized Distance

Mach Number
- -0

- @ - CFD FASTRAN Results

x/L

Figure 6.26 Mach number vs.

non-dimensional distéoicease 9

D



Density vs non-dimensionalized distance
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Figure 6.27 Density vs. non-dimensional distanceé&se 9

From the results presented in Table 6.7 and Figu2d, it is noticed that the
capture area ratio of the below design subcritigadration case is only 0.9% less
than the capture area ratio of the below desigicalioperation case. Thus, it can
be concluded that no extra flow spillage occursmwihe operating regime changes
from critical to subcritical at below design Mactmber of 3.0. It was mentioned
in Section 2.5.1 that in subcritical operating atind, as long as the terminal
normal shock maintains a stable position in theessgmic diffuser, the subcritical
total pressure recovery remains nearly the sameheascritical total pressure
recovery value. With the solution of this cases fiihenomenon is proved since the
total pressure recovery value of this below deswath number subcritical case
(Case 9) is identical to the total pressure regovatue of the below design Mach
number critical case (Case 7).

6.4.10Case 11 results
(M=3.5, H=16000m¢g = 10°, supercritical)

In the final converged solution the residuals weexreased by 9 orders of
magnitude, through 35,000 iterations costing aital {CPU time of 22 hours. The

11€



convergence history of the solution of Case 11lhe form of Mach number

contours is given in Figure 6.28.

Figure 6.28 Convergence history of the solutionasfec11

It can be seen from Figure 6.28 that the mergénetwo oblique shocks is ejected
outside of the inlet in the final solution. Thiscoes due to the interaction of the
slip line with the cowl lip. The slip line interasy with the cowl lip causes a
circulatory flow to occur at the cowl lip. This caas flow spillage and the merger

of the two oblique shocks to be ejected from thetin

Because the resulting flowfield is very differemorh the predicted result, it is
meaningful to only calculate the capture area rdkie total pressure recovery, the
steady state flow distortion and the Mach numbehainlet exit. These values are

presented in Table 6.8.



Table 6.8 CFD-FASTRAN results of case 11

CFD FASTRAN Analytical Results of
Results of Case 11 Case 11
Station ch
M = 0.3408 M = 0.5299
Exit Mach Number
Total Pressure
0.4074 0.4569
Recovery
Capture Area Ratio 0.7477 1.1846
Steady State Flow
) ) 0.01 -
Distortion

6.4.11Case 10 results
(M=3.5, H=16000m¢g = 10°, critical)

Due to the nature of the solution obtained in Clket is not possible to perform a
root search iteration to obtain the critical backgsure value. Therefore, this case
is not solved.

6.4.12Case 13 results
(M=3.5, H=16000m¢g = -10°, supercritical)

In solution of this case the residuals are decrkbhgel3 orders of magnitude, with
32,800 iterations and a total CPU time of 20.5 holm Figure 6.29 the Mach
number contours of the final converged solution sinewn. In this figure, the
passage from purple to red color is where the Gitdique shock is located. It is
noticed that the first oblique shock falls outsitie cowl. Contrary to the first
oblique shock, the second oblique shock falls mdite cowl at the passage from
red to yellow and green colors. The normal shod&adated at the subsonic diffuser

at the passage from yellow and orange to blue color
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Figure 6.29 Mach number contours of the solutionasicl3

Zooming to the cowl lip region a subsonic circutgitdlow is observed. This is
shown in Figure 6.30. The reason for this occumeran be explained as follows:
The second oblique shock falls just downstreamhef éntrance plane on to the
cowl wall. However, the flow behind this secondiqbé shock is not aligned with

the cowl surface and therefore, flow circulatiorwars in this region.

cowl lip

cowl wall

Figure 6.30 Circulatory flow region near the coipldegion

In Table 6.9, the results for the total pressuo®very, the capture area, the steady
state flow distortion, the first and second oblicgie®ck angles and the terminal

normal shocks distance from the inlets leading eatgepresented. The results for
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the area averaged values of the static presswaylith number and the density

are given in Figure 6.31, Figure 6.32 and FiguB36.

Table 6.9 CFD-FASTRAN and analytical results compuerisf case 13

CFD FASTRAN

Analytical Results of Case

Results of Case 13 13
Total Pressure Recovery 0.2927 0.2896
Capture Area Ratio 0.6760 0.6763
Steady State Flow Distortion 0.21 -
First Oblique Shock Angle (°) 21 21
Second Obligue Shock Angle (°) 38.5 38

Intersection point of the second
oblique shock and the cowl! wall
(mm) [with respect to inlet leading
edge (0,0) ]

No intersection. %
oblique shock intercepts
the cowl @

(301.818,-158.288)

No intersection. ' oblique

shock intercepts the cowl @

(329.160,-193.600)

Terminal Normal Shocks Distance

from Inlets Leading Edge (mm)

983
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Figure 6.33 Comparison of the density values for ¢8se

From the results given in Table 6.9 and Figure 6i28an be interpreted that the
first and second oblique shock angles are neadyséime as the analytical results.
This is an indication that the CFD-FASTRAN solutisraccurate.

The capture area ratio value is identical to thalydital result. This indicates that,
at on-design Mach number negative angle of attaplereritical operating regime,
the amount of flow spillage is the same as predietéh analytical procedures.
The steady state flow distortion is very low, apented, since the solution is an

inviscid solution. The total pressure recovery éanty the same as the analytical
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result with only a 1% difference. The exit Mach rhen is identical to the
analytical result. Hence, one could expect thesitidi exit Mach number to be the
same as the analytically calculated exit Mach numbed the inviscid total
pressure recovery to be the same as the analyticalculated total pressure
recovery during the on-design Mach number negativgle of attack supercritical

operation of the inlet.

The terminal normal shocks distance from the inkedsling edge is different from
the analytical results. This is due to the fact tih@ analytical result is obtained
with the quasi 1-D flow assumption whereas the GFISTRAN solution is a 2-D
flow solution. Therefore, the terminal normal shostiands at a more upstream
distance due to the 2-D effects in the CFD-FASTRRIW solution.

6.4.13Case 12 results
(M=3.5, H=16000m¢ = -10°, critical)

In this case a root search iteration was perforimedrder to obtain the back
pressure value that yields critical operation. lotal of 7 runs, the back pressure
value, was increased from 198046.6Pa until the ha@ssure value yielding
critical operation was obtained. The back pressafees for which the solution is
obtained are 230,000 Pa, 260,000 Pa, 275,000 BAQ@®»Pa, 293,000 Pa, 291,500
Pa, 290,500 Pa respectively. The difficulty enceted in this procedure was that
as the exit pressure approached the critical vdahee shock wave system moved
very slowly and oscillations in residuals and cagesce problems were
encountered. Long execution times were necessagnsare the stability of the
shock wave. This is again the reason for the reatch iteration process taking a
total CPU time of 144 hours. At the end of this treearch iteration it was
determined that the terminal normal shock presuitsesnost upstream position
with a back pressure value of 290,500 Pa. Howeusrmost upstream position of

the terminal normal shock is not the critical posit When this back pressure
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value is increased by only 0.3% the terminal norstadck is ejected upstream of
the entrance plane. Although the back pressureatude obtained is 0.3%, the
terminal normal shock is not positioned in critipaisition as can be seen in Figure
6.34. This indicates that the transient passage fsapercritical operation to
subcritical operation is extremely narrow, and itilet has no subcritical stability
at this case. One phenomenon triggering this oenag can be the second oblique
shock falling downstream of the cowl lip on the tovall and the formation of the

circulatory flow (as was shown in Figure 6.30).

In the final converged solution the residuals weexreased by 3 orders of
magnitude. Mach number contours of the final cogedrsolution are shown in
Figure 6.34. The supersonic diffuser flow pictueenains the same when compared
to the flow picture of Case 13. Once again, tha fiblique shock is located outside
the cowl at the passage form purple to red colbe $econd oblique shock at the
passage from red to yellow color falls inside tbevklip. Nevertheless, the normal
shock is not located at the cowl plane. It's posiéid slightly downstream of the
constant area throat in the subsonic diffuser.dbl& 6.10, the results for the total
pressure recovery, the capture area, the steatyy fkiav distortion, the first and
second oblique shock angles and the terminal noshatks distance from the
inlets leading edge are presented. The resultshioiarea averaged values of the
static pressure, the Mach number and the denstygiaen in Figure 6.35, Figure
6.36, Figure 6.37.
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Figure 6.34 Mach number contours of the solutionasecl2

Table 6.10 CFD-FASTRAN and analytical results congmariof case 12

CFD FASTRAN

Analytical Results of

Results of Case 12 Case 12
Total Pressure 0.3999 0.5266
Recovery
Capture Area Ratio 0.6760 0.6763
Steady State Flow Distortion 0.19 -
First Oblique Shock Angle (°) 21 21
Second Obligue Shock Angle
38.5 38

)

Intersection point of the second
oblique shock and the cowl
wall (mm) [with respect to inlet
leading edge (0,0) ]

No intersection. %
obligue shock intercept
the cowl @
(301.818,-158.288)

No intersection. %
S oblique shock intercepts
the cowl @
(329.160,-193.600)

Terminal Normal Shocks
Distance from Inlets Leading
Edge (mm)

134 mm downstream o
the cowl lip plane

f
@ the cowl lip plane
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It can obviously be seen from the results presemiélchble 6.10 and Figure 6.34
that the first and second oblique shock angles #relsupersonic diffuser flow
picture is the same as the one obtained for thdesign Mach number negative
angle of attack supercritical case (Case 13). Tesfies that, the supersonic
diffuser flow is not affected by the movement oé tlerminal normal shock from
the subsonic diffuser to the inlets cowl lip plabele to this fact, the value of the

capture area ratio is also the same as the onmebtfor Case 13.

It would not be reasonable to compare the othev flarameter results obtained
with CFD FASTRAN with the analytical results sinibe solution of this case does

not exactly yield critical operation.

6.5 Final Discussion on the Results

In order to understand the on-design and off-debigimavior of the flow through
the designed inlet analytical and CFD analyseshef aforementioned 13 cases,
namely, subcritical, critical, and supercritical eo@tions at below design, on
design, and above design Mach numbers were cayuedAnalyses for on design
Mach number, critical and supercritical operatidnbath positive and negative
angle of attack values were also performed. Flosualizations were done for
these cases. In addition the relevant performaacanpeters were obtained. With
these results, it is shown that the design-to fta$sure recovery is obtained at on-
design Mach number critical operation. It is alemdnstrated that, the maximum
mass flow rate of air (or capture area ratio) isamted at the on-design Mach
number. Furthermore, the exact amount of air reguitan be delivered to the
engine at the on-design Mach number. The inletgdeisi validated for the design-
to condition. It is shown that the supersonic diffiu flow picture remains
unchanged when the terminal normal shock moves &@upercritical position to
a critical position. It is also demonstrated thatang as the terminal normal shock

maintains a stable position in the supersonic dédfuthe subcritical total pressure
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recovery remains nearly the same as the critic¢al fwessure recovery value. It is
also determined that at the on-design Mach nunfizedésigned inlet exhibits zero
subcritical stability, but a maximum performandesidemonstrated that the value
of the exit Mach number is dependant on the termmwamal shocks position.

Thus, it can be concluded that shock position cbnirould ease obtaining the
desired exit Mach numbers. It is also proved thanan inviscid flow cases when
the intersection point of the two oblique shock#isfanside of the entrance

streamtube boundary, inlet flow instability occarsd the inlet unstarts. It is also
understood that for the designed inlet, major perénce degradation is
experienced at on-design Mach number during bogjathnee and positive angle of
attack operation. It is also shown that, at thewedesign Mach number operation,
there is an increase in performance in terms dl tptessure recovery and a
degradation in performance in terms of capture aata when compared to on-
design Mach number operation. Nevertheless, iteierchined that, the designed

inlet exhibits subcritical stability at below desitylach number operation.



CHAPTER 7

CONCLUSION

The present study is devoted to the understandingiroinlets of supersonic
missiles. At first glance although the problem sed¢mbe very simple, when one
starts to go deep into its physics, it will notddkng to realize how complicated
the problem is. The proper functioning of a supeisair inlet cannot be separated
from the rest of the system. It is not only theetrproblem that one has to resolve
but the integrity of the total system must be cdesed in order to grasp the physics
of the problem. Hence, an air inlet is not a simpfeening in front of an air
breathing engine, but it is just another componehtthe engine. Therefore,
understanding the behavior of an air inlet is wa@ifficult, and one should consider

numerous factors for its proper functioning.

The study is initiated by an understanding of thgsics of the problem. Similar

studies performed by other researches are invéstigand their findings are

critically analyzed within the light of the presemvestigation. The constraints
imposed by the total system (missile) design spatibns and the inlet design
requirements derived from the engine design remerdgs are determined. These
requirements state that; the inlet should captugeskact amount of air required by
the ramjet engine; the inlet should accomplishdifieision of air with a minimum

loss in total pressure, the inlet should deliver dir to the engine with a tolerable
amount of flow distortion and the inlet should adnite the least possible external
drag to the system. Next, the design-to condit®rselected. Since the major
portion of the flight is spent in the cruise thesida-to condition is chosen as the
cruise condition. After performing the competittudy, the inlet design parameters

(the family, the geometry, the supersonic diffisem, the supersonic compression
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complexity, the supersonic compression directiba,lbcation on the vehicle body,
the number of inlets and the interface with the loostor) are selected. Then, the
inlet is sized using analytical methods (two dimenal shock wave equations and
one dimensional gas dynamics equations). Sincentbewas sized for the design-
to condition it was extremely important to investig the performance, the
flowfield behavior and the stability of the inlet @arious off-design operating
conditions. These analyses were first done by usinglytical methods (two
dimensional shock wave equations and one dimerisgaisadynamics equations).
After obtaining the analytical results, CFD analysee performed. The advantage
of CFD analyses over the analytical methodologyhet it makes possible the
visualization of the entire flowfield, and the deténation of the stability condition

of the flow, while providing more accurate andable results.

For the analysis of the physics of the problemaimalysis matrix is formed where
the Mach number effect versus the terminal norrhatk position is investigated.
As far as the Mach number effect is consideredotioblem is analyzed for above,
on or below design Mach numbers. For each of thies® cases, the location of
the terminal normal shock determined the operategime of the inlet as being
subcritical, critical or supercritical. As it wasepiously described, when the
terminal normal shock is located at the throatdperating regime is called critical,
whereas if the normal shock is located upstreardoovnstream of the throat the
operating regimes are called subcritical or supt@al respectively. These

analyses are also repeated for positive and negatigles of attack of the inlet for
the on design Mach number condition where the &ffetcritical and supercritical

conditions are investigated.

The CFD tool used for the present investigatiorss ¢@mmercial CFD code called
CFD-FASTRAN. The use of this code has proven todrg efficient since most of
the flow physics are captured. Although the codetha capability of solving both
the Euler or the Navier Stokes equations with aicsh@f different turbulence

models only the Euler equations are solved forpilesent investigations. Solving
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the inviscid flow revealed most of the expected gitgl phenomenon faced in
inlets except for shock boundary layer interactiorise steady state solutions are
obtained for flows where no instability effects.rHtows with instabilities, no
steady state solutions were obtained. Hence fowsflevhere no steady state
solutions were possible, it was concluded thatphenomenon called inlet buzz
occurred. This phenomenon was explained as beefiatv instability observed in

the supersonic diffuser in the form of an oscidlatof the shock-wave system.

The evaluation of the results obtained for zeroleamy attack revealed the

following findings:

* As expected, the best operating condition is thedlesign Mach number
critical operating regime (which is the design-tmndition). At this condition

the maximum mass flow rate, the design-to totakguee recovery and, the
desired combustion chamber entrance Mach numbestdegned. However, it

is found that at this condition the inlet has nbaitical stability.

* At above design Mach number, unstable operatiemé®untered.

» At below design Mach number, there is an increaggerformance in terms
of total pressure recovery and a degradation imgeof capture area ratio.
However, at below design Mach number the designkd exhibits subcritical
stability. During below design Mach number openatithe subcritical total
pressure recovery level is nearly the same asritieat total pressure recovery
level. At below design Mach number operation thét éfach number is

increased when compared to on design Mach numizzatgn.

» The total pressure recovery at the critical opegategime is higher than the
total pressure recovery at the supercritical opgyatgime.



» The capture area ratio is the same for the critical supercritical operating
regimes.

For positive and negative angles of attack thewailhg conclusions can be drawn:

» Major performance degradation in terms of bothltptassure recovery and
capture area ratio is experienced. The exit Macimbars are higher when

compared to the on design Mach number operation.

All these studies presented here showed that tsteoperating conditions of the air
inlet is obtained for the design-to condition. Fmerations outside this condition
the inlet performance is degraded to various exdegdther the inlet works but

very poorly, or it does not work at all. Hence, oren say that the operating
conditions of the inlet must be determined pregig&fore starting the design and
the design of the inlet must be done accordingly.itAwas stated previously the
operating conditions of an inlet is very sensitiamd even the slightest
modifications on these parameters alter the pediao®a of the inlet significantly.

In order to alleviate this problem various solusocan be thought of such as
implementing variable geometry devices or adjustivgyfuel flow very accurately

with very sensitive metering. These solutions aqgeasive solutions that require

great design effort.

The results obtained in this work need to be \edifin the future. Hence it would
be desirable if these results are verified withezkpental results. As a matter of
fact all of the CFD results need to be checked wikperimental results. Without
experimental verification it will not be very sate implement the conclusions to

practical applications.

In particular, considering the sensitivity of theeoational regime of the air inlet to
changes in parameters and the geometry, it wilalgrudent thing to perform

experimental verification in order to cover thel filbw envelope. In the present
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investigation, the effects of viscosity were netgecin order to get a first order of
magnitude analysis for the problem. However, thenmatations with viscosity

would also bring up the question of appropriatéuignce modeling to be used
with the viscous calculations. At this stage Eueiutions were thought to be
sufficient enough since the present studies wengeted towards a preliminary
analysis of the air inlet. In the future a detail@scous analysis must be done in
order to incorporate the effects of viscosity ie gubsonic diffuser. The current
design can be improved by implementing variablenggtoy devices (for example
an adjustable ramp) that could compensate for #réopnance degradations at
various off-design conditions. The stability margoh the inlet flow can be

analyzed in detail via unsteady CFD analyses.
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APPENDIX A

ANALYTICALLY CALCULATED FLOW PARAMETERS RESULTS

Table A.1 Analytically calculated flow parametersults of case 1

CASE1
FLOW PROPERTIES
A 1
Ptch/Pi0 0.5099
betal(deg) 30.22
betaZ(deg) 43.61

coordinates of intersection
point of the 2 obligue
shocks (mm)

Mote: (0,07 is the inlets

(300,428 -175.026)

leading edge
FLOW PROPERTIES STATIONS

at STATIONS 0 1 2 3 ch
Mach Number 35 25445 ¢ 1.6304 0.5505 0.3
Speed of Sound [m/s) 29507 361.78 [ 44285 52568 543.20
Yelocity (m/s) 1032745 ¢ 02067 ¢ 72004 34E.70 162.96
Static Pressure (Pa) 10353 ;357685 1225875 359763 3 4525111
Total Pressure (Pa) 780647 1 i B54921.9 1 5451022 481666 B 48166E.E
Static Temperature (K) 216.65 32569 | 45799 BE7 B3 734.23
Diensity (kg/m*3) 0.16647 : 0.38258 : 0.687511 1.82259 214702
Total Ternperature (K) AT 4425 1 TAT 4425 ¢ TAT 4425 747 4425 FA7 4425
mass flow rate of air (kgds) 4.5136 45136 : 4.5136 45136 4.5136
Direction of Yelocity Vector
with horizontal (degrees) u -16 -37 {37 [at first tangent) o

Table A.2 Analytically calculated flow parametersults of case 4

CASE4
FLOW PROPERTIES
ADMAC 1
Ptch/Ptd 0.4362
betal(dey) 28.1
beta2{deq) 40.18

coordinates of intersection
point of the 2 obligue
shocks (mrm)

Mate: (0,07 is the inlets

(299.079 -159.693)

leading edge
FLOW PROPERTIES STATIONS

at STATIONS 0 1 2 3 ch
Mach Mumber 4.0 28572 1 1.8479 0.6061 0.2334
Speed of Sound (mfs) 29507 1 37270 ¢ 46615 583.67 B01.44
Yelocity (més) 1180.280: 106485 & 86142 353.78 140.40
Static Pressure (Pa) 10353 411429 ;156251.2 5964695 735863.3
Total Pressure (Pa) 1671950 & 1217816 0660420 764318.7 764318.7
Static Temperature (K) 216,65 | 34565 @ 54070 847.70 900,12
Density (kg/m*3) 016647 | 0.41466 : 1.00669 245117 2.84796
Total Ternperature (1K) FA7 4425 1 TA7 4425 ¢ TAT 4425 747 4425 FAT 4425
rnass flow rate of air (kgfs) 45136 ¢ 45136 i 45136 45136 45136
Direction of Velocity Vector
with horizontal {degrees) ] -16 -37  i-37 (at first tangent) ]
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Table A.3 Analytically calculated flow parametersukts of case 7

CASE7
FLOW PROPERTIES
ADAL 0.80103
Ptch/PtD 0.7354
betal{deg) 3329
beta2{deg) 49.47

coordinates of intersection
point of the 2 obligue
shocks (rmrm)

Mote: (007 is the inlets

(295.077 -193.756)

leading edge
FLOW PROPERTIES STATIONS

at STATIONS 0 1 2 3 ch
Mach Number 3.0 22039 : 1.3574 0.75584 0.3222
Speed of Sound (m/s) 295.07 © 351.67 © 42208 467 61 468.70
Welocity (m/s) 655.210 1 775.03 | 572.95 354.62 157 .45
Static Pressure (Fa) 10353 310217 | 96386.0 191140.4 260272.4
Total Pressure (Pa) 380253.5:333633.5 : 266554.6 279680.3 279680.3
Static Temperature (k) 21685 | 307.73 i 44330 a44.08 a94.258
Density (kg/m"3) 0.16647 § 0.35118 i 0.75743 1.22380 1.52570
Total Temperature (K) 60662 © BOB.E2 @ GO6.62 60662 60662
mass flow rate of air (kgfs) ¢ 36155 ¢ 36155 ¢ 36155 36155 36155
Direction of Velocity Yectar
with horizantal (degrees) 0 -16 =37 137 (st first tangent) 0

Table A.4 Analytically calculated flow parameters tesof case 10

CASE 10
FLOW PROPERTIES
AR 1.1846
Peh/t0 0.49132
betalidey) 42.01 {with respect to flowl)
beta2{dey) B0.15

coordinates of intersection
point of the 2 oblique
shocks (mm)

Mate: (0,0) is the inlets

(261.219,-163.291)

leading edge
FLOW PROPERTIES STATIONS

at STATIONS 0 1 2 3 ch
Mach Nurmber 3.5 1.9199 | 1.0282 0.9720 0.47828
Speed of Sound (m/s) 286507 @ 41583 | 49787 502.65 535.95
Welocity (m/fs) 1032.745¢ 798.35 | 512.43 488.56 256.33
Static Pressure (Pa) 10353 B4545.1 | 198044.0 2117541 3317447
Total Pressure (Pa) 789647 1 446016.7 | 387990.4 3879725 3879725
Static Ternparature (K) 21665 i 43026 @ B16.79 628.70 714.74
Density (ky/m?3) 0.16647 | 0.52260 | 1.11855 1.17331 1.61693
Total Temperature (K) TAT 425 1 TAT 4405 1 747 4425 AT 4425 AT 4425
rnass flow rate of air (kgfs) | 53467 1 63467 | 53467 5.3467 5.3467
Diraction of Welocity Yector
with horizantal (degrans) 10 -6 =37 1237 (at first tangent) 1]
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Table A.5 Analytically calculated flow parameters iesof case 12

CASE 12
FLOW PROPERTIES
AR 0.67626
PehPtd 0.5266
betalidey) 20097 (with respect to flowl)
beta2(dey) 37.92

coordinates of intersection
point of the 2 oblique
shocks (mm)

Mate: (00) is the inlets

2nd oblique shock intercepts cowl at (329.16 -193.6)

no intersection

leading edge
FLOW PROPERTIES STATIONS

at STATIONS 0 1 2 3 ch
Mach Number 3.8 3.13958 | 2.0272 0.5729 0.2299
Speed of Sound (m/s) 29507 i 317.95 @ 406.07 530,96 54519
Welocity (m/s) 1032.745¢ 993.29 | B23.18 304.18 125.34
Static Pressure (Pa) 10353 17229.0 | 71965 4 3330625 400502.0
Total Pressure (Pa) 789647.1:779131.8 587185.0 415826.8 4155826.8
Static Ternperature (K) 21665 1 25155 ¢ 41030 701.51 739.62
Density (kg/m"3) 0.16647 | 0.23860 : 0.651104 1.65354 1.88780
Total Temperature (K) FAT 4425 ¢ TAT 4405 1 747 4425 747 4425 747 4425
mass flow rate of air (kgfs) @ 3.0524 & 3.0524 © 30524 3.0524 3.0524
Direction of Yelocity Wectar
with horizantal (degrees) -10 -16 -37 137 (at first tangent) 0

Table A.6 Analytically calculated flow parametersults of case 2

CASE 2
FLOW PROPERTIES
AAC 1
Ptch/Pi0 0.5253
betaldeg) 30,22
heta?(deg) 4361
terninal normal shocks
distance from inlets leading B55.644
edge (rmrm)
coordinates of intersection
point of the 2 obligue
shocks (mm) (300.425 -175.026)
Mote: (0,0 is the inlets
leading edge
FLOW PROPERTIES STATIONS
at STATIONS 0 1 2 s 3 ch
Mach Number 3.8 28445 | 1.6304 | 1.9139 | 0.55830 0.356
Speed of Sound (m/s) 29507 § 36178 © 44285 | 41637 52976 | 541.25
Welocity (m/s) 1032.745¢ 92087 @ 72204 ¢ 796.90 | 314.12 | 19267
Static Pressure (Fa) 10353 357B8.5 11226675 79620.8 @ 3269933 350000.1
Total Pressure (Pa) 7096471 654921.9 1 545102.2 | 545102.2 1 414786.4 : 414786.4
Static Temperature (K] 21665 | 32569 @ 46799 : 43140 1 B93.30 @ 729.00
Density (kg/m”3) 0.16647 : 0.38255 : 0.687511 : 0.64296 : 1.63121 i 1.81558
Total Temperature () AT A425 ¢ TAT 4425 | 7AT 4425 ¢ FAT 4425 ¢ 747 4425 747 4425
mass flow rate of air (kgfs) @ 46136 ¢ 45136 | 45136 | 45136 | 45135 : 45136
Direction of Welocity Wector
with horizontal (degrees) o -18 & g g o




Table A.7 Analytically calculated flow parametersuts of case 8

CASE 8
FLOW PROPERTIES
AlIAC 0.80103
Ptch/Pt0 0.5653
betal(deg) 33.29
beta2(deg) 49.47
temm_al narrmal _Shocks distance B55.35
fram inlets leading edge (mm)
coordinates of intersection
point of the 2 obliqgue shocks
iyl (295.077 -193.756)
Mote: (0,00 is the inlets leading
edge
FLOW PROPERTIES STATIONS
at STATIONS 0 1 2 s 3 ch
Wach Number 3.0 2.2039 | 1.3574 i 1.9500 : 0.5862 i 0.44217
Speed of Sound (m/s) 29507 : 35166 : 42208 : 37212 : 47760 : 48437
Velocity (mfs) 885.210: 775.03 : 57295 : 725E4 : 27997 : 21417
Static Pressure (Pa) 10353 i 31021.7 | 96386.0 1 39902.3 i170366.3; 1679667
Total Pressure (Pa) 380293.9:333633.5 1258554 .6 268854 .6: 21497351 214973.5
Static Termperature (K 21665 ¢ 30770 : 44330 : 34457 : 55761 i 58379
Density (kg/m”3) 0.16647 ¢ 0.35118 : 0.75743 : 0.40342 | 1.04561 & 1.12165
Total Ternperature () 606.62 | 606.62 ; GOG.62 i GOG.G2 | GO06.62 i GOGG2
mass flow rate of air (kg/s) 36155 | 36155 | 36185 § 361556 | 36155 | 36155
Direction of Velocity Yector
with horizontal [degrees) L Gl < . L L

Table A.8 Analytically calculated flow parameters tesof case 11

CASE 11
FLOW PROPERTIES
ADfAC 1.1846
Ptch/Pt0 0.4569
betal(deg) 42.01 fwith respect to flowd)
beta2{deg) 60.15
temln.al norrnal .shocks distance 979,84
from inlets leading edge ()
coordinates of intersection
point of the 2 obligue shocks
{mrm) (261.219,-163.291)
Maote: (0,07 is the inlets leading
adge
FLOW PROPERTIES STATIONS
at STATIONS 0 1 2 s 3 ch
Mach Number 35 1.9199 : 1.0202 ¢ 15000 | 0.7011 0.5299
Speed of Sound (mfs) 20507 ¢ 41583 ¢ 40787 ¢ 4R54 1 52207 & 53330
Yelocity (mfs) 1032745 79835 | 51243  BB272 : 3BEES | 28258
Static Pressure (Pa) 10353 @ B4545.1 :108044.0 : 1056898 | 2R0820.7 : 207057 O
Total Pressure (Pa) 785647 1 446016.7 : 387900.4 | 3579090.4 | 350753.5 ; 360753.5
Static Termperature (K) MBES ¢ 43025 ¢ B1ETFY : 51548 1 EBOS4 & 70770
Diensity (kofm3) 016647 | 052250 ¢ 1.11854 © 0.71427 & 1.33001 § 1.46674
Total Temperature (k) FA7 440251 747 44051 747 Q405 L TAT AAD5 | TAT 44051 74T 4425
mass flow rate of air (kg's) 554R7 ¢ E34E7 53467 | 534RT 1 5 34RT 53467
Direction of Velocity Vector
with horizontal [degrees) i Sl =l 0 . 0




Table A.9 Analytically calculated flow parameters tesof case 13

CASE 13
FLOW PROPERTIES
AlfAC 0.67626
Ptch/Pto 0.2896
betal (deg) 2097 fwith respect to flowl)
beta2(deg) 3792
terninal normal shocks distance 1100754

fram inlets leading edge (mm)

coordinates of intersection
point of the 2 oblique shocks

no intersection

I(\]rr;:r;): (0.0} is the inlets lsading 2nd oblique shock intercepts cowl at (329.16,-193.6)
edige
FLOW PROPERTIES STATIONS

at STATIONS 0 1 2 s 3 ch
Mach Nurmber 35 31398 ¢ 2.0272 | 28000 i 04852 : D.4582
Speed of Sound (m/s) 29507 ¢ 317.96 : 405.07 : 34201 : 53546 | 535.91
“elocity (m/s) 1032745 998.29 § B23.168 i 95763 @ Z61.41 | 24600
Static Pressure (Pa) 10353 172292 : 71969.4 | 21636.9 | 194299.2 : 198046.6
Total Pressure (Pa) 789647 .1 :779131.8: 567188.0 | 557188.0 ; 225709.7 | 225709.7
Static_Ternperature (1K) 21665 1 28185 | 41030 ¢ 29106 : 71344 | 717.32
Density (kgim3) 0.16647 | 0.23860 i 0.61104 i 0.25897 : 0.94575 | 0.95181
Total Termperature (K) TAT AA25  TAT AA25 1 TAT 4425 | TAT 426 747 4425 747 4425
mass flow rate of air (kgfs) 30524 1 3.0524 : 3.0524 | 30524 i 3.0524 @ 3.0524
Direction of Yelocity Vector
with horizontal (degrees) S e = L L L
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