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ABSTRACT

DESIGN AND MANUFACTRING OF A HIGH SPEED,
JET POWERED TARGET DRONE

OZYETIS, Ender
M.S., Department of Aerospace Engineering

Supervisor : Prof. Dr. Nafiz ALEMDAROGLU

September 2013, 127 pages

This thesis presents the design and manufacturing of a high speed jet powered UAV which is
capable of flying at M=0.5. Flight time of the UAV is 30 minutes at 1700 m above sea level.
Aerodynamic and structural design of the UAV is conducted for 6g sustained and 9g
instantaneous loads. Low aspect ratio blended wing-body design is decided due to low drag
and high maneuverability. The Structure of the UAV consists of the composite parts such as
frames and skin and mechanical parts such as landing gears which are from aluminum and
steel, engine holders, parachute release mechanism and etc.

The purpose of the thesis is to design and build a unique aircraft to be used as a target drone
or a multi mission aircraft. Initial study is conducted by developing a design tool which
works in an input-output way. Input parameters are categorized as blended wing-body
parameters, tail parameters, propulsion system parameters, mission profile parameters,
landing gear and parachute parameters, air properties and sample structural weights.
Performance calculations are conducted by introducing an iterative weight calculation
method. The Optimization process is conducted around the initial design by using the initial
design parameters as a starting point. Some of the design inputs are selected as variable
design parameters to construct the design cases which are formed via the combination of
these variables. After final design is decided, modeling of the external geometry and
modeling and integration of the sub-systems are conducted. Production is conducted in a step
by step process which starts with the manufacturing of the skin pieces and frames and
continues with joining of the structural parts prior to surface fibering and integration.

The propulsion unit of the aircraft is selected as a mini turbojet engine which is capable of
giving a 230 N thrust at sea level. The weight of the engine 2.85 kg and has a fuel
consumption of 600 grams/minute at full throttle. The engine is controlled by an electronic
control unit which controls the fuel flow through the engine.

Keywords : Target Drone, UAV, Preliminary Design, Detail Design.
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YUKSEK HIZLI JET MOTORLU HEDEF UCAGI TASARIMI VE URETIMi

OZYETIS, Ender
Yiiksek Lisans, Havacilik ve Uzay Miihendisligi Bolimii
Tez Yoneticisi : Prof. Dr. Nafiz ALEMDAROGLU

Eyliil 2013, 127 sayfa

Bu tez, 0.5 Mach hizinda ugabilen yiiksek hizli jet motorlu bir insansiz hava aracinin tasarim
ve iiretim faaliyetlerini icermektedir. Hava aracinin deniz seviyesinden 1700 m yukaridaki
ucus siiresi 30 dakikadir. Aerodinamik ve yapisal tasarimi 6g’lik devamli ve 9g’lik anlik
yiiklere gore gerceklestirilmistir. Diisiik siirtiinme katsayist ve de yiiksek manevra kabiliyeti
nedeniyle kanat tasarimi diisiik aciklik oranina sahip ucan kanat olarak secilmistir. Hava
aracinin yapisal pargalari;; kompozit malzemeden iiretilmis yatay kesitler ve dis yiizey,
aliminyum ve c¢elikten dretilmis inig kalkis takimi, motor montaj aparatlari, parasiit
mekanizmasi gibi birimlerden olugmaktadir.

Projenin amaci, hedef ucagi ve de ¢cok amagli ugak olarak kullanilabilecek 6zgiin bir insansiz
hava aracinin tasarlanip iiretilmesidir. ilk ¢aligma, girdi-cikt1 yontemine dayanan bir tasarim
aracinin  gelistirilmesiyle baglamigtir.  Girdi parametreleri; biitiinlesik  kanat-gévde
parametreleri, kuyruk parametreleri, itki sistemi parametreleri, gorev profili parametreleri,
inis kalkis takimi ve parasiit parametreleri, hava 6zellikleri ve 6rnek yapisal agirliklar olarak
kategorize edilmistir. Performans hesaplar1 yineleme yontemine dayali bir agirlik hesabi
metodu gelistirilerek yerine getirilmistir. Optimizasyon, ilk tasarim etrafinda ilk tasarim
parametreleri baslangi¢ noktasi kabul edilerek gergeklestirilmistir. Bazi1 tasarim girdileri
degisken olarak secilmis ve bu degisken parametrelerin birbirleriyle kombinasyonlar1 sonucu
birbirinden farkli tasarim senaryolari olusturulmustur. Son tasarim se¢ildikten sonra, dig
geometri ve i¢ sistemlerin modellemesi ve entegrasyonu yapilmustir. Uretim, yiizey parcalar
ve kesitlerin lretilmesiyle baslayip ylizey giiclendirme ve entegrasyon Oncesi yapisal
pargalarin birlestirilmesiyle devam eden asama asama bir {iretim yontemi kullanilarak
gergeklestirilmistir.

Itki sistemi olarak deniz seviyesinde 230N itki kuvveti verebilen mini bir turbojet motoru
secilmigtir. Motorun agirligi 2.85 kg iken tam gazda yakit tiikketimi 600g/dk’dir. Motor, yakit
akisini kontrol eden elektronik bir kontrol {initesi ile kontrol edilmektedir.

Anahtar Kelimeler : Hedef Ugagi, Insansiz Hava Araci, On Tasarim, Detayli Tasarim.
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CHAPTER 1

INTRODUCTION

1. Introduction to the Aircraft Design

The aircraft design phase is an iterative process which includes the analysis of the
requirements, the initial conceptual sketch, first performance analyses, sizing and
optimization. This process can be divided to phases which are called as conceptual,
preliminary and detailed design. Figure 1. 1 shows the aircraft design process. Although it is
a progressive process, after the sizing and optimization or the analyses the initial concept can
be subjected to change. This is the iterative feature of the aircraft design.

Y

Sizing And
Optimization

/-

e Y

Requirements

f ™

uillle

Analysis

Conceptual
Design

Figure 1. 1 Design Phases

Aircraft design can be divided to phases which are called as conceptual, preliminary and
detailed design as shown in Figure 1. 2.

Analyzing the requirements is the first step through the design cycle. After analyzing the
requirements, the initial shape of the aircraft including the wing shape, tail type, and fuselage
shape is determined and the first sketch is drawn. This phase is called as conceptual design.

Preliminary design is the phase where most of the critical features of the design have been
decided. Full-scale lofting of the design is started during this phase and more sophisticated
aerodynamic, structural and stability and control analyses are conducted.



{ Requirements

« Analysis of the requirements

[Conceptual Design

*First sketch
«Concept satisfies the requirements?
«Initial weight guess

[Preliminary Design

+Freezing the design
+3D modeling
Performance calculations and flight mechanics

{Detail Design

+Design of all sub-parts
*Production methodology
«Final perfomance calculations

[Production

*Production phases

Figure 1. 2 Aircraft design phases.

As a progression of the preliminary design, detail design phase is conducted during the
design cycle. This phase includes the design of the actual parts of the aircraft such as ribs,
skin and other parts which are not considered in detail during the conceptual and preliminary
design. Production methods are considered during detail design phase which can require
special machining tools due to the complexity of the designed part. Cost analysis which may
be a driven factor for the aircraft design is conducted in this phase.

2. Target Drones and Small Jets

Target drones are unmanned air vehicles which can be used for different type of missions,
including: simulating enemy threats for gunnery and missile training, testing of new weapons
such as air-to-air or surface-to-air missiles and pilot training such as air-to-air combat. Most
of the target drones are specially designed for the mission while some is converted from real
fighter aircraft. Critical design criteria for the target drones are maneuverability and speed.
High cost sophisticated drones are made as re-usable/recoverable while some are directly hit
and destroyed during the tests. Target drones are installed with electronic equipments such as
active and passive radar systems, scoring systems and smoke systems. Due to the high speed
necessity, turbojet engines are the most common propulsive units of this type of UAVSs.
Similarly, low aspect ratio small wings are general wing configurations. Catapult launch and
parachute recovery are often seen for these aircraft which can be also assisted with rockets
during take-off due to high wing loading and high takeoff speed.



3. Literature Survey

Similar aircraft which are used as target drones are investigated to have knowledge about the
current status of this type of UAVs. CEIl-Firejet [10] is described as a multi-role subsonic
aerial target system with the opportunity to deploy payloads such as smoke, scalar scoring,
passive and active radars and infrared. Maximum launch weight is 150 kg. The maximum
speed is declared as 241 m/s. The launch is performed via a pneumatic rail. Figure 1. 3
shows the CEI-Firejet and its specifications.

Weight (kg) MTOW 150
Wing Span (m) 2
Length (m) 3.3
Max. Speed (m/s) 241
Endurance (min.) 60
Maneuverability 69 sustained, 10g instantaneous

Figure 1. 3 CEI Firejet and Specifications [10].

AAA-Phoenix [11] is a small target drone as shown in Figure 1. 4. The launch is done via a
catapult and recovery is done via parachute. The propulsion system is a single turbojet
engine. The wing configuration is delta and the fuselage is nearly cylindrical. It is stated that
the fuel capacity is 30.4 liters.

Weight (kg) 55
Wing Span (m) 2
Length (m) 2.4
Max. Speed (m/s) 154
Endurance (min.) Up to 90

Figure 1. 4 AAA-Phoenix and Specifications [11].
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ADCOM-Yahbon HMD [12] has a different design than the others. The wing is located at
the back of the slender fuselage. Between the fuselage and the wing aerodynamic surfaces
similar to leading edge extensions are located. Engine inlet is located on the upper surface
unlike others. Maximum takeoff weight is stated to be 220 kg. Maximum speed is declared
as 222 m/s and endurance is 60 minutes. The origin of the UAV is UAE (United Arab
Emirates). Figure 1. 5 shows the specifications.

Weight (kg) 220
Wing Span (m) 3.38
Length (m) 4.32
Max. Speed (m/s) 222
Endurance (min.) 60

Figure 1. 5 ADCOM-Yahbon HMD and Specifications [12].

4. Conceptual Considerations

During the conceptual design, the UAV is decided to have a low aspect ratio and slender
wing-body geometry due to the high aerodynamic and structural performance. Low aspect
ratio wings are known to have low lift curve slopes than the high aspect ratio wings which
require high speed flight. On the other hand, they have a higher maximum angle of attack
due to the vortex lift generation at low speeds than the high aspect ratio wings.

Delta wings have thicker root sections which results in higher allowable bending stress,
naturally. That is higher g loads which are common in highly maneuverable aircraft. This is
structurally advantageous. Structural and aerodynamic properties make the delta wings
desirable, for the highly maneuverable concept.

4. 1 Blended Wing-Body Design

Aerodynamically blended wing-body geometries have less fuselage-wing interference and as
a result lower drag coefficient and higher aerodynamic efficiency. Moreover, blended wing-

body geometry has a more effective lifting area than the conventional fuselage-wing
4



configurations. Additionally, blended wing body geometry is supposed to produce less side
force at cross-flows which is desirable for control capability of the UAV. Figure 1. 6 shows
a slender wing geometry.

Figure 1. 6 A Slender Wing.

4. 2 Leading Edge Extensions: LEX

Leading edge extensions are known as vortex generators which are beneficial to attach the
flow at high angles of attack at low speeds. Most of the modern fighter jets are designed with
leading edge extensions. Figure 1. 7 shows the vortices generated at the leading edge.

Powerful streamwise vortex ot wing root

(d) Leading-edge stroke

Figure 1. 7 The Leading Edge Vortices ( taken from Ref. [13])

4.3 Low Aspect Ratio Wing Aerodynamics

Low aspect ratio aerodynamics quite different from the conventional high aspect ratio wings
with respect to the vortex structure on the wings. The vortices developed at leading edges are
very effective on the lifting characteristics. Delta wings at high angles have very strong
vortices and these vortices provide additional lift which is called as vortex lift. Figure 1. 8
shows a typical lift variation with angle for a slender delta wing. At high angles the vortex
lift contribution is higher due to the fact that the leading edge vortex gets stronger. Figure 1.
9 shows the vortex generation around a slender delta wing for two differentanglese of attack
and Reynolds numbers (Pictures are taken from Ref. [13]).
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Figure 1. 8 The lift variation for a slender delta wing with angle (taken from Ref. [13] Fig. 5.43)

Figure 1. 9 The Voritces Around A Symmetrical Delta Wing, For the Picture on the left: Reynolds
Number is 20000 and angle of attack is 20°; For the Picture on the right: Reynolds Number is 3000
and angle of attack is 35° (Taken from Ref. [13] Fig. 5.41 and 5.42)



CHAPTER 2

DEVELOPING THE DESIGN TOOL

1. Design Methodology

Design and analysis process is integrated by introducing an input-output analysis method.
Input design parameters are categorized as geometric parameters of wing and tail surfaces,
mission profile parameters including take-off height and desired cruise time, landing gear
parameters such as maximum allowable normal force during landing , propulsive unit
parameters such as maximum thrust available and number of engines to be used and
composite structure sample weights. Necessary look-up tables are generated for analysis
process which includes variation of thrust coefficient of the engine over the mission profile
and variation of maximum fuselage height that is derived from airfoil coordinates.
Performance calculations are conducted by presenting an iterative detailed weight
calculation method which gives more appropriate results than the conventional weight
estimation methods that are generally based on historical data. The weights of structural
parts such as frames and aircraft skin have been generated by using the composite structure
sample weights together with the necessary design inputs. Necessary fuel weight, the landing
gear and parachute weights have been generated iteratively to satisfy the selected design
parameters. Figure 2. 1 shows the design methodology.

REQUIREMENTS CONCEPT INPUTS PRELIMINARY DESIGN
PERFORMANCE || Cﬁ“;?gjf;’;;:,”ﬁ';; | |DESIGN PARAMETERS| | | OUTPUTS
REQUIREMENTS Component Layout, Wing Airfoil, Cl, ,
Veruiser tendurance Tails ’ Flight Height: haitude , ANALYSIS PERFORMANCE RESULTS
Rranges Nceiling Air Properties, Performance Calculations, Vimaxs R/C, tendurances Rranges
o Airframe Geometric Weight Analysis, Aircraft Nceiings V¥, Rminy Nimax
/f‘ . [ Parametres: b, S, AR, Inertia
= CoCy Aaweep, Tail | | ||| e
GENERAL = Parametres, Control
REQUIREMENTS Surfaces Parameters STABILITY AND CONTROL
Payload capability, -— PARAMETERS
Operational conditions, FLIGHT DATA LOOKUP TABLES Ly, Cmy CLy,Cmg,Clg ,C
Maintainance, System X R ar CMa, CLq,Ma, Ll LYp
Life Engine Data, Control Engine Data, Inputs ,Cmge ,Clse,
Surface Deflections, > For Control
IMU Data, GPS Data Derivatives and
Parameters T l T l
VERIFICATION ASSEMBLY AND TESTS AERODYNAMICS STRUCTURE
Platform ASSEMBLY AERODYNAMIC DESIGN STRUCTURAL DESIGN
Pe"f_o_"m?fnce System and Engine Integration, Cable 3D Modeling of the Longitudinal and
Verification, Harness. Outputs Spanwise Frames, tiame,
System 7 SCirame
Verification, SUB-SYSTEMS
Qualification for —
Standards

f §

| avionics |
Autopilot,
Telemetry System, .

)\ %

- Payload Integration
FIRST FLIGHT [ENGINE SELECTION | CFD/WIND TUNNEL STRUCTURAL ANALYSIS
First Flight of The Platform Matching engine » CLy,CDq,Cmq, ac Maximum Bending

with the Platform Stresses

Figure 2. 1 The Design Methodology.
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As a part of the analysis process the stability and control derivatives has been calculated by
using analytical methods presented by Jan Roskam [1]. The stability of the aircraft has been
checked during the analysis process by using these parameters.

The blended wing-body geometry is considered as a combination of the main wing and the
front wing which is called as LEX. During the iterative calculations the longitudinal sections
of the wing-body are assumed to be in the form of the wing airfoil and the span-wise sections
are assumed to be in the form of diamond heights of which are determined by the airfoil
upper and lower surface splines which are generated from the airfoil coordinates. Control
surfaces are designed as elevons which are used as the elevator and ailerons at the same. The
tail is considered as a passive surface which doesn’t have any control surfaces but provides
stability.

2. Design Tool Methodology

The design process is conducted by developing a tool which reads the input file consisting of
the necessary design parameters for the analysis and gives the outputs. The input file is an
Excel file in which the design parameters such as cruise speed, wing span, wing root and tip
chord and etc. are stored. Sample composite material unit weights are also considered as
inputs. Performance calculations are made by an iterative weight calculation method.
Following sections include detailed information about the process. Figure 2. 2 shows the
method, basically.

INPUTS » MATLAB » OUTPUTS

EXCEL

Figure 2. 2 Basic Design Tool Methodology.

Performance calculations are made on the Excel file while the read and write loops are coded
into the Matlab script file. At each step the input parameters are assigned to the related cells
in the Excel file and the outputs are read from the related cells. The steps are repeated for the
number of designs.



3. Defining the Inputs: Design Parameters

The initial step for the analysis is the determination of the design parameters. Design
parameters define the wing and tail shape and include the engine properties, takeoff, cruise
and landing air properties and conditions, mission profile parameters and necessary
parameters for the stability and control parameter calculations.

3.1 Blended Wing-Body Parameters

During the conceptual design, the aircraft body is decided to be blended wing-body due to
aerodynamic considerations as mentioned in Chapter 1 and the wing is assumed to be a
combination of the front wing, LEX and the main wing. Blended wing-body parameters are:

: Maximum lift coefficient of the wing.

CLmax

C,a’wing : Lift curve slope of the main wing airfoil

t

(—) : Wing airfoil thickness to chord ratio.
¢/ wing airfoil

(’—:) : Wing chord-wise location of the maximum thickness of the airfoil.
m

A, : Wing maximum thickness sweep. [Degrees]
¢, : Wing root chord. [m]

¢, : Wing tip chord. [m]

b : Wing span. [m]

A; g - Wing leading edge sweep angle. [Degrees]
hn,,ing : Neutral point of the main wing.

Cy, - Zero angle lift coefficient of the wing airfoil.
Cm, - Zero angle section moment coefficient.

¢y 1ex - LEX root chord. [m]

¢, Lex - LEXtip chord. [m]

b;gx : LEX span. [m]

Ciorpx: Lift curve slope of the LEX.

hn; gy : Neutral point of the front wing.



1 1ex : LEX efficiency factor.

CrLEX Cr

ALE,LEX ALE

ey

Figure 2. 3 Wing-Body Layout

3.2 Tail Parameters

Tail parameters include the geometric properties of the tail similar to the wing-body
parameters. They are:

Creqir - Tail root chord [m]

Cteqir - Tail tip chord [m]

ALE a1  Tail leading edge sweep angle. [Degrees]

Arg qi - Tail trailing edge sweep angle. [Degrees]

Clotair - Lift curve slope of the tail airfoil

o; +qi - Tail dihedral angle (Figure 2. 4). [Degrees]

L ,qi1 : Distance between tail aerodynamic point and wing-body aerodynamic point. [m]

: Tail airfoil thickness to chord ratio.

;)
(C tail airfoil

(f) : Tail chord-wise location of the maximum thickness of the airfoil
¢/ mtail

Ay tqir - Tail maximum thickness sweep. [Degrees]
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Figure 2. 4 Tail Dihedral Angle.

3.3 Propulsion System Parameters

Propulsion system parameters include variables such as the number of engines to be used
and the fuel volume parameters to calculate the available fuel tank volume for each design.

Nngine - Number of engines.

Rinie: - Equivalent radius of the engine inlet. (Equivalent radius used if the inlet shape is not
circular) [m]

bfyel tank : Available span ratio for the fuel tank. (Between 0.0-1.0)
Lruel tank - Available wing thickness ratio for the fuel tank. (Between 0.0-1.0)
Cfuel tank - Available wing chord ratio for the fuel tank. (Between 0.0-1.0)

Lintes - Engine inlet length. [m]

3.4 Mission Profile Parameters

Mission profile parameters include one of the most critical design parameters which is the
cruise time. In this analysis method cruise time is one of the design inputs. The total weight
is dramatically addicted to the cruise time input due to the fact that the amount of fuel burned
during the mission is determined by this parameter and added to the weight summation
iteratively.

N ground rout - Distance constant for rotation phase (N=1 for small aircraft, N=3 for large
aircraft, see [2])

Vo descent rate - Vertical component of velocity during the descent phase. [m/s]
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Ky landing - Friction coefficient during landing.
W, : Friction coefficient during takeoff.

h,ps : Obstacle height for takeoff. [m]

tioiter - LOIter time. [s]

teruise - Cruise time. [min.]

V cruise - Cruise speed. [m/s]

3.5 Landing Gear and Parachute Parameters

During the iterative calculations the weight of the landing gears and the parachute is
calculated from the related parameters. So, for each design at each step the weight of the
landing gears and parachute are generated uniquely. The weight constants can be acquired
from the existing similar aircraft.

m'ge“r/w = The ratio of the weight of the main landing gear to the total aircraft
TOTAL

weight.

nose ge‘"/w = The ratio of the weight of the nose landing gear to the total aircraft
TOTAL

weight.

Wparachute /

w = The ratio of the weight of the parachute to the total aircraft weight.
TOTAL

3.6 Air Properties

This section includes the takeoff, cruise and heights and the air properties for the standard
sea level such as air density, temperature and pressure.

hiakeofy : Takeoff height. [m]

R uise - Cruise height. [m]

hgescent - The descent altitude with respect to sea level. [m]
R uisez : Second cruise altitude. [m]

R vuises - Third cruise altitude. [m]
12



T, : Air temperature at sea level. [K]
P, : Air pressure at sea level. [Pa]

Po : Air density at sea level. [gr/m3]

3.7 Sample Structural Weights

Sample structural weights are used for the structural weight calculation of aircraft. The
sample composite laminate weights for the frames and skin are considered as a structural
design input. The sample weights are taken for the laminates which have thickness. So, the
units are given gr/m?.

W skin : Wing-body skin composite unit weight. (gr/m?.)
W frame : Frame unit weight. (gr/m?))

W paine : Paint unit weight. (gr/m?)

W tqi - Tail skin composite unit weight. (gr/m?.)

W tank : Fuel tank composite unit weight. (gr/m?.)

4. Geometric Model

The geometry of the aircraft is determined by using the wing-body design parameters. Wing
planform is assumed to be in the form of a delta wing combined with a front wing. The
selection of the wing-body design parameters may cause positive sweep angles at the leading
edge as in Figure 2. 3 and positive or negative sweep angles at trailing edge, together. Total
wing area is the sum the front wing area and the main wing area.

The tail is considered as a passive control surface and deflected according the deflection
parameter mentioned in section 3.2.

13



Reference Wing

f __—— Actual Wing

Figure 2. 5 Reference and the Actual Wing

4.1 Parameterization of the Wing-Body Geometry

The structure of the aircraft is assumed such that it consists of internal frames which are
located according to the given parameters and the aircraft skin. The parameterization is made
for the frames which are generated automatically during the analysis for each design case.
The aim of this process is to relate the change of aircraft geometry with the weight
calculation. As a result, a better weight calculation can be obtained.

The longitudinal sections are assumed to be in the shape of the wing airfoil due to the fact
that the aircraft is a blended wing- body design. The airfoil coordinates are read from the
airfoil text file. The upper and lower airfoil splines are generated by the curve fitting method
by using the coordinates of the airfoil. Figure 2. 6 shows the actual airfoil and the 9" degree
curve fitting spline on NACA 66006 symmetric airfoil.

1 ‘ i 1 [

005 ! —— actual _

"""" Gth degree
02~ —

ws- -
w2 -
iliv3 -
0 \ \ I \ \ \ \ \ \

s
n ni n? na nd ne nr ny na na 1

Figure 2. 6 Actual Airfoil Upper Spline and the 9" Degree Curve Fitting.

The points on the upper surface are determined by the following function;
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’C—‘ is the ratio of x position to the chord and p is the coefficients of curve fitting function.

The span-wise sections are assumed to be in the shape of diamonds for the ease of
formulation. The heights of the diamonds are determined from the y(x) function for the

c
related x positions and the widths of the diamonds are determined from the span-wise length
of the geometry at the x positions.

y(x)

h(x)

Figure 2. 7 The Diamond Properties.

Cr,LEX Cr

\ 4

Iy
\ 4

x

ALE,LEX

h 4
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Figure 2. 8 The Longitudinal and Spanwise Section Parameters

From Figure 2. 7;

upper 4 (f)

For the x < lyg, where l;p = (g) “tan (Arg);

and the y(x) are determined as follows;

lower

)=y (7)

c

_ tan (Arg)
X
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For the lTE < x< lTE + Cyq,
y=>b
Forthe lyg + ¢, < x < ¢,

Cr—X

Y= tan (Azg)

Forthec, < x < ¢, + ¢, gx,

_ Gt Crpx — X
y_—

tan (A g 1gx)

Actual

Conceptual Frame Frame

Sections Sections

Figure 2. 9 Initial Conceptual and Actual Frame Sections

Figure 2. 9 shows the initial conceptual and the actual frame sections. Conceptual frame
sections are generated by the method described previously. Span-wise sections are in the
diamond shape and the longitudinal ones in the form of the airfoil. Conceptual frame
sections will be used to calculate frame section area. Although the actual wing shape is
different from the conceptual one, this model is adequate to generate the weight distribution
for the internal structure during the calculations. Actual frames will get detail during the
detailed design phase. Figure 2. 9 just shows the outer boundaries of the actual frames.

The calculations of other properties are shown below. The main wing area;

(cr+cp)-b
Smain_wing = - 5
The aspect ratio of the main wing;
bZ
ARmain_wing = S
main_wing
Taper ratio;
c
A==
CT



Sweep angle at quarter chord;

b cr — Cp
A¢sq = atan (E “tan(Ag) + T )

Sweep angle at semi chord;

b cr — Cp
A¢jp = atan (E-tan(ALE) + 5 )

Mean aerodynamic chord [2];

2 14+1+422

T3 112

The position of the mean aerodynamic chord in span-wise direction [2];

b1+ 22

Y =61+

Similarly for the virtual front wing, LEX;

The LEX area;

_ (criex * Ceiex) " brex

SLEX - 2
The aspect ratio of the LEX;
blz,EX
ARLEX - S
LEX
Taper ratio;
CtLEX
ALex =
Cr LEX

Sweep angle at quarter chord;

brex CtLEx — CrLEX
AC/4-,LEX = atan ( - tan(ALE’LEx) + —)

Sweep angle at semi chord,;

bLEX

CtLEx — CrLEX
AC/Z,LEX = atan (T ) tan(ALE'LEx) + —)

bLEX

Mean aerodynamic chord;

2 14 Agx + Apx’

CLEx = 5 Cr LEX
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The position of the mean aerodynamic chord in spanwise direction;

—— brex 1+ 2A.px
YLEX = 76 1+ Agx

The total wing-body area;
Storar =S = Smain_wing T SLEx
4.2 Tail Geometry

Tail geometry is defined as follows. The internal structure is neglected.

ct,tail

htail

A tail

Nre ail

\ Coan \
Figure 2. 10 Tail Geometry
Geometric properties are calculated as follows;
The vertical tail height;
Crtail — Cttail

htain = 1
tan (Ark.cait) ~ tam (Arpean)

The tail area;

Cr,tail + Ct,tail)

Stait = htair ( 2

Aspect ratio of the tail;

(2heqi)?
ARyqiy = ———
tail
Taper ratio of the tail,
Ct.tail
Atail = =
rtail

18



Sweep angle at quarter chord;

E . Crtail — Ct,tail)

A 7 = atan (
c/4,tail 4 htail

Sweep angle at semi chord,;

A _ 1 Crtail — Cttail
c/2,tail = atan E ) A
tail

Mean aerodynamic chord of the tail [2];

2
_ 2 1+ Atau + Atair
Ctail = §Cr,tail T+ Ay

tai

The position of the mean aerodynamic chord in span-wise direction;

htail 1+ 2/1tail

ytail = 3 1 + Atail

5. Weight Model

During the conceptual design phase the weight estimation is the first step through the
performance calculations. The conventional weight calculation method is based on the
historical data which are obtained from the previously built commercial or military aircraft.
Several constants are taken for each mission profile segment and the total weight is
estimated. Instead of conventional method which can be inadequate for small unmanned
aircraft, a detailed weight build-up method is used for the weight calculation. The weight of
each component of the aircraft is calculated by using the design weight inputs. The frame
and skin weight is calculated by using the sample unit weights for the frame and skin and the
values generated from the geometric model calculations. The avionic weights are considered
as an input. The fuel weight, landing gear weight, the parachute weight and the fuel tank
weight are calculated iteratively. The fuel weight is calculated by running the mission profile
for the initial weight guess which also includes the fuel weight. When the values are
converged, the total weight is generated. This process is done on the Excel file for the design
inputs sent from the Matlab code.

WEIGHT W, MISSION
BUILD_UP > PROFILE

quel

Figure 2. 11 Iterative Calculation of Total Weight
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Figure 2. 11basically shows the iterative calculation of total weight, W,.

Total weight is calculated by summing up the structural weights and the internal component
weights such as engine and fuel system, fuel, avionics, etc. The total weight is calculated as
follows;

Wo = WroraL = Wempty + quel + Wpayload
W fye1 Is the output of the mission profile and calculated iteratively.

Aircraft total weight is considered as the dry weight which includes the weight of structural
parts such as the frames and the skin. It is calculated as follows;

Wempty = Wwing_body + Wtail + Wsys_internal

The weight of the wing-body is calculated as follows;

Wwing_body = Wblended_wing + Winlet + Wpaint

The weight of blended wing-body;

Wblended_wing = Wwing_skin + Wframe

The weight of skin is calculated by assuming the wetted area is 2.3 times the planform area;

Wwing_skin = 2.3 Srorar * Ws_skin

Frame weights are calculated according to the conceptual frame section surface areas as
described in section 4.2. The conceptual frames are multiplied with a fill ratio parameter
which accounts for the gaps on the frame sections. The sample laminate weight is used to
calculate the local frame weight.

The total frame weight is the sum of span-wise frames, longitudinal frames and inlet frames.
Wframe = Wsp_frame + Wlng_frame + Win_frame
For N, s number of span-wise frames, the total span-wise frame weight;

Nsp s

Wsp_ frame = Wsp_ frame )

i=1
The local frame weight;

Wsp_frame @ = Ssp_frame @ - Vstmme ’ Ffill(i)
Fpi (1) is the fill ratio constant for the frames.

Local frame areas are calculated by using the method described in section 4.1. Figure 2. 12
shows the location of the diamonds. The calculation of the diamond areas is as follows;
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For the x(i) < Lrg, where Lz = () - tan (Ar);

tan (ATE) h(L)

Ssp_frame (l) = x(l) 2

For the lTE < x(i) < ITE + C¢,

h(l)
Ssp_ frame(l) =b-—

For the Iy + ¢, < x(i) < ¢p,

o —x(@) h(@)
Ssp frame( ) = tan (ALE) 2
For the ¢, < x(i) < ¢, + ¢, LEx,

¢r + Criex —x(D) h()
tan (A g 1ex) 2

Ssp_frame (l) =

The local positions are generated by the following function;

~ O tCriex .
x() =———=—-()
N+ 1

The height of each frame from the equation in section 4.2;

upper ( c

lower

o1 () e () s () oo () 0 ()
+ p6 - (x(l)) +p7- (@)2 +p8- (x(l)) + p9

c is the chord length which is equal to ¢, + ¢, gx and the constants are the subtractions of
the upper and lower surface function constants in this case.

21



Ssp_frame(i)

Figure 2. 12 The Location of the Local Frame

The areas of the longitudinal frames are calculated by taking the integral of y (f) for upper
and lower surfaces of the airfoil for different span-wise positions. The calculations are made
for the main wing and the front wing separately.

Wlng_frame mw_lng_frame + wa_lng_frame
For the main wing;
For Nonw_ing s NUMber of longitudinal frames in main wing, the total frame weight;

wa_lng_f

me_lng_frame =2 Z me_lng_frame (l)
i=1

The reason of multiplying by two is the fact that longitudinal frames are symmetrical.

The local frame weight;
me_lng_frame @ = Smw_lng_frame @@- Vstmme ' Ffill(i)
Fpiyi (1) is again fill ratio constant for the longitudinal frames.

The area of the longitudinal frames;

X

Smw_lng_frame(i) = [C(i)]z ' Jozh(i) - -Lzh(i)

upper

lower

The chord length of the local longitudinal frame;

c(@) = ¢ —y(@) - tan(Arg) — y (@) - tan(Ap)
22



For the front wing;
For Ny, ing s Nnumber of longitudinal frames in front wing, the total frame weight;

Nfw ing f

wa_lng_frame =2 Z wa_lng_frame ®
i=1

The chord length of the local longitudinal frame;

c(i) = ¢y ppx — y(@@) - tan (A g LEx)

y (i) is the spanwise position of each longitudinal frame.

The weight of inlet frame is calculated by assuming the inlet section circular. The circular
frames are multiplied by local fill ratio value and the weight is calculated.

For Ny, s number of frames, the total frame weight;

Nin f
Win_frame = z Win_frame(i)

=1
The local frame weight;
Win_rrame(®) = Sin_prame (@) * Wsp o " Frin (@)
The area of the inlet frame;
Sin_frame(® = 1+ (Ringer)?
The weight of inlet skin;
Wintet = 2+ 210 * Rintet * lintet * We_skin
The weight of paint;
Woaint = 2.3 Storar * Ws paint
The weight of the tail is considered as the weight of the skin only; it is calculated as follows;

Wiait = 2 Stqir - Ws_tail

The internal system weight includes the weight of the fuel, engine/engines, avionics such as
autopilot, servos, telemetry system, fuel system, batteries and etc. The total internal system
weight calculation requires an iterative process since some of the unit weights are directly
related to the total weight such as fuel weight which is derived from the mission profile and
landing gear weights which are calculated from the total weight.
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Wsys_internal = Wmain_l_gear + Wnose_l_gear + Wengines + Wengine_comp + Wavionics
+ Wbatteries + Wparachute

The main and nose landing weights are calculated as follows;

W _ Wm.geaT . W
main_l_gear — WTOTAL TOTAL
W, _ Wnose gear W
nose_l_gear — TOTAL TOTAL

W engines 1S an input parameter for the engines.

W engine_comp 1S @n input parameter and includes the weights engine controller, fuel pumps,
solenoid valves, gas tank, fuel pipes and etc.

W avionics 1S Weight of the electronic equipments such as autopilot, data and video modems,
antennas, sensors, cables and servos. It is an input parameter.

W yatteries 1S the weight of batteries which are used to power the electronic equipments. It is
an input parameter.

The parachute weight is directly related to the total weight;
Wparachute = 0.05* WroraL

Whayioaa accounts for the payload weight. Payloads can be gimbals for surveillance
missions, radars or similar systems.

6. Aerodynamics

This includes the calculation of aerodynamic coefficients like lift curve slope of the blended
wing-body, drag coefficients and etc.

6.1 Air Properties

Air properties are formulated according to Ref. [3] as follows;
The density of air;

p=((1-6.875-107¢-3.2808 - h)*25°1) - p,

24



The temperature of air;

T=(1-6875-10"%-3.2808-h) T,

6.2 Lift Curve Slopes

Lift curve slope describes the change of lift coefficient with respect to angle of attack. Lift
curve slopes are calculated for each unit which are main wing, LEX and tail. At the end the
total aircraft lift curve slope is calculated.

The aircraft’s total lift curve slope [4] is calculated by assuming the LEX behaves like a
canard. So,

C. =C C Sy _ (% C SLEX (1
Lo = Clgy,, T CLgy, "MH ?( —(£>downwash)+ Laypy TILEX g (

(dE) )
da upwash

The lift curve slope of the wing body [4];

d 2 d
=C,, -|1-025 (—f “Szl“ge> +0.025 (—f ”sel“ge>

Lay g aw b

The virtual fuselage diameter is calculated from the inputs;

dfuselage = \/47T *Wruselage * hfuselage

The lift curve slope of the wing [4];

2T[ARmain_wing

CLaW|M B 252 2
2+ (ARmain_wing) .B i (1 +tan Ac/Z) +4

KZ 32

(rad™1)

p=|1- Mcruise2

= B Cla,wing
21
Mach number;
Vcruise
Meryise =

\/1-4 " 287 Peruise

The tail lift curve slope is calculated by introducing the virtual horizontal and vertical tails
due to the fact that the inclined tail is similar to the V-tail configuration.
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The aspect ratio of the virtual horizontal wing;

2
(2 hegir - c0s(90 — t; ¢air))

Stail_HT

AR¢git T =

The area of the virtual horizontal tail;

StaitHT = Stait - €05(90 — @y ay1)
The sweep angle at the semi chord;
1 Crtail — Ct.tail

2 byr
2

AcztaigT = atan

The span of the virtual horizontal tail;

bur = \JAR¢ait ur * Stair_ur

2mARai1 HT

C, = (rad™1)
i AR 2 g2 24
; tan i
2+ \/( t;(l:ll_l.‘lg) B . <1 + Cé%,tall_HT) 14
tail
'B ' Cla,tall
Ktail = 2T
The downwash factor [4] is found from,
(de ) _de Loyl
daly downwash daly=o CL“W|M:0
de 1.19
£|M=O = 4’44 [KA * KA * KH ’COSAC/‘l-:I
K 1 1
A= -
ARmain_wing 1+ (ARmain_wing)lj
K = 10 — 31
ATy
1— htl;lil
Ky=—"—""7

(Zl mu>§
b
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The lift curve slope of the LEX is calculated by assuming the front wing is similar to a
canard.

2mAR
bayexly = == (rad™)
232 tan2A
2+J%.(1+W>+4
LEX
_ B Cioex
Kiex = o
The upwash parameter, (E) , is input for the this formulation and can be obtained
da/ ypwash
from Figure 2. 13 (Ref. [5], Figure 8.67).
10 - I
|
]
1.6 i
ot i
ool A
12 A
: LIZ fﬂ
8 ::\\ J,{//:
4 \\;;/1 |
I
A ,H__.-—' f/ T
e
e i
=== i,
D 1
20 16 12 & A b -4 -8

DISTANCE FORWARD OF ROOCT QUARTER-CHORD POINT IN ROOT CHORDS

Figure 2. 13 Wing Upwash Gradient. (Copied From Ref. [5], Figure 8.67)

6.3 Maximum lift Coefficient

The maximum lift coefficient is estimated as follows;

CL,max =0.9- Cl,max 'Ac/4—

6.4 Parasite Drag Coefficient

The aircraft parasite drag coefficient is calculated by summing up the each unit drag
coefficients as defined below. (Formulation is taken from Ref. [6]).
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The total parasite drag coefficient;
C " " " S
Z( F, FF. - Q. wetc) Cy y CdL&P

CDOsubsonic - Sref

For turbulent flow;
0.455

Co =
P (log1oRe)%58(1 + 0.144M?2)0-65

For wing and tail surfaces;

4
- [1.34M%18(cosA,,,)0-28]

0.6 (t t
FF =1 +—(—) +100 (E)

X\ \c
@),
Reynolds Number is calculated as follows;
The viscosity of air;

3 1
=1. -1076-T2 - (—)
=1458-10 T+110.4

The temperature of air;
T=(1-6875-10"%-3.2808-h) T,

Where T, is the air temperature at the sea level.

The Reynolds Number;

TIlo

Re = p - Viryise -

The lift to drag ratio at cruise conditions are found as;
CL,cruise

- 2
Cp cruise CDOTOTAL + kCL,cruise

The cruise lift and drag coefficients are found from below equations;
2-WroraL/$

CL,cruise = V2
Pcruise cruise
Cpororar = Cpowing boay T Cpotail
i 1
T-e: ARmain_wing

The span efficiency factor [6] for A,z > 30 deg.,
e =461 (1- 0.045(ARmain wing) ) - (cos (A,5))*% = 3.1
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7. Performance

Performance calculations include the calculation of thrust and power required during cruise,
the rate of climb performance, turn rates, turn radius, maximum sustained and instantaneous
loads, corner velocity, pull up and pull down performances.

7.1 Stall Velocity

Stall velocity is calculated as follows;

S

Vstau =
CL max

7.2 Thrust and Power Required

The thrust and power required calculations are shown below;

1
T.=DV = EpcruisechruiseS(CDO,TOTAL + kCL,cruisez)
1 3 2
P.=T,V=DV = EpcruiseVcruiseS(CDO,TOTAL + kCL,cruise )

7.3 Rate of Climb

Rate of climb is defined as follows;

R/ _ Excess Power  Poyayapie =B V- (Ty — Tg)
C™  Weight w B w

7.3 Maximum Velocity

The maximum velocity is calculated where the rate of climb is zero. This situation is due to
the fact that all excess power is consumed at that velocity so; it is at the maximum value.



1
Ty=Tg = EpcruisevrrzlaxS(CDO,TOTAL +kC.%)

. = 2-WroraL/S
=
Pcruise * Vrrzlax

In above equation, Cpo rorar @and Cy, are calculated for the speed V = 1;,,4, . So the drag and
lift coefficients are different than the ones at cruise condition. The above equation is
calculated iteratively at Excel file.

7.4 Maximum Load Factor

The load factor is defined as the ratio of lift to weight. During maneuvers this ratio changes
as the lift must increase. The maximum load factor is constrained with both C ,,4, and

TA,max-

The load factor constraint with Cy, 4

L1 v2c S
n= W - Zpoo oo VL W
When €, =Cppp 0 s
1 C,
=_py2 max
ftmax = 2PV Wrora/S)

The load factor constraint with Ty 4

1
T=D= EpongS(CDO +KC.?)

C = 2nW
b pooVi2S

2nW >2

T =2p.v2s
— 2Pl 0 VZS

CD0+K<

1/2

1
L gpooVoE(T 1 ZCDO)

KWw/SH\Ww ~ 2P w/s

When TA == TA,max ,

1/2

1
—_— ﬂ({l} Lz )
max AKW/SH)\W e 27°°W/S

1 5 1/2
_|20=r LHLAT .
Kw /s \v, lw 20°7°wW/s

max
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Nmax VS Velocity
nmax

chax

ta
egi

TAmax

A

Velocity

|
|
|
|
|
|
V*
Figure 2. 14 Constraints on the Maximum Load Factor
The crossed region in Figure 2. 14 represents the region where the necessary C, value is

greater than the C,, . Point A is the ny,q, value which satisfies both C;, . and Ty ;4
constraint. Point B is the maximum value of n,,q, .

The calculation is conducted by generating n,,,, values from both C; =~ and Tymax
equations and finding the speed where n,,,, values are the same.

7.5 Turn Performance

Turn performance demonstrates the limits of the aircraft during maneuvering. These
maneuvers include level turn, pull up and pull down maneuvers.

One of the important parameters of turn performance is the corner velocity which is shown at
point A in Figure 2. 14. At this point, maximum turn rate and minimum turn radius are
obtained. It is defined as [2];

anax

V=
pCLmax

it

Turn rate is defined as [2];

R is the turn radius and defined as [2];

31



The maximum turn rate is found as [2];

Minimum turn radius [2];

B (V*)Z

Rmin = —F——
gv nmaxz -1

Maximum bank angle;

Dmax = acos( ! )

Nmax

The pull up and pull down maneuver performance conducted by considering instantaneous
turn unlike the level turn maneuver.

For the pull up maneuver;

The turn radius;

V2
SRTCREY
The turn rate;
o901
%4
For the pull down maneuver;
The turn radius;
VZ
k= gn+1)
The turn rate;
"o gn+1)
%4
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8. Mission Profile

Mission profile consists of the sub segments that are takeoff ground roll, transition, climb,
cruise, descent, loiter, approach and landing ground roll.

8.1 Takeoff Ground Roll: Segment 0-1

Figure 2. 15 shows the Ground roll distance, S , the initial velocity, V; o, and the final velocity,

Vf'()l.

T
|
| |
Vo Sg Vim
Figure 2. 15 Takeoff Ground Roll

The takeoff distance is found by [2];

1 Kr + K, - V?
Sg = ln< ) fém) + N Vo1
ZgKA KT + KA . Vi,Ol
Where;
__ P 2
Ky = 2/ [y Cro — Cpo — k- Cio]

k= (57)
=\ —HK
r w takeof f "

The final velocity on the takeoff leg is calculated as;
Vf2,01 = 1.3 Vstau
The time, to4, to accelerate to Vo, from V; o;;

25,
Ve o1

to1 =
Total weight after the takeoff;

Wy =W, — (Ct,ground_roll) ' TA,takeoff “to1

Ct ground_rou 1S the thrust specific fuel consumption during takeoff ground roll.
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8.2 Transition: Segment 1-2

Figure 2. 16 shows the transition section. S, represents the distance to clear an obstacle with
a height of h, ;.

Bﬂhs R

Figure 2. 16 The Transition

The transition distance is calculated from;
Sa = R - sin(8,ps)

The climb radius;

N\ 2 ]
g-(n—1)

(Vi,12 + Vf,12)2
R =

Where;

1 Viiz + Va2 2
?p ) S ) CLmax ) (f)

w

Vi 12 is the initial speed at the start of the section and V; ;, is the final speed at the end of the
section.

The climb angle;

hobs
O,ps = acos (1 - )
obs R
The time, to4, to accelerate to Vy ;, from V; ;;
- 28,
12 Veo1+ Vio1
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Total weight after the transition;

W, =W; — (Ct,transition) ’ TA,takeoff RZP)

Cttransition 1S the thrust specific fuel consumption during transition.

8.3 Climb: Segment 2-3

During the climb section aircraft is considered to perform a full throttle, constant angle climb
to until the cruise altitude and cruise speed. The aircraft starts the climb with the transition
final speed, V; 1, and climb angle, 8,5 . SO, V; 23 = Vf 1, and Ojimp = O,ps. The aircraft
accelerates to cruise speed during the climb and continues to climb with constant speed until

the cruise altitude. Figure 2. 17 shows the climb segment details.

== |

|

|
Vf,23=vcruise

hcIimb

7~
Vf,23=vcruise - -
| -~
7~
| g
I ,/
% A
I’ o0
b o~
;e -
e Z
e S
- S
i i =
- /) eclimb y
# '
| SVi,23-Vf,23

Figure 2. 17 Climb Segment

The initial speed at the start of the climb segment;

Vi,23 = Vf,12

The final speed at the end of the climb segment;

Vf,23 = Veruise

The constant climb angle during the climb segment;

Octimb = Bobs
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The climb time to cruise speed during the climb;

V23 = Vios

T .
WA - Sln(gclimb))

tyi23-vf23 =
g (

The height achieved during ty; 25_y 23,

hVi,23—Vf,23 =

1 Ty )
Vias - (tVi,23—Vf,23) + 5 p- W sin(@ciimp) | |- (tVi,23—Vf,23)

- sin(Bcimp)

The time elapsed during constant speed climb;

_ hcruise - (hVi,ZB—Vf,ZS) - hobs

t.: =
ctimb ((R/C)takeoff + (R/C)cruise)
2

Where;

(R/C)takeosy is the rate of climb at the takeoff altitude and (R/C) cryise is the rate of climb
at cruise altitude.

The total time during the climb segment;

teimp,roTar = t23 = (tVi,23—Vf,23) + terimp

Total weight after the climb segment;

TA,takeoff + TA,cruise) ot
23

W; =W, — (Ct,climb) ’ ( 2

Ce,climp 1S the thrust specific fuel consumption during climb. Ty ;qxeor IS the available thrust
at takeoff altitude and T4 ., IS the available thrust at the cruise attitude.

8.4 Cruise: Segment 3-4

Cruise segment is considered as a constant speed- constant altitude flight leg. The cruise time
is used as an input and the necessary fuel is calculated as an output together with the total
weight after the cruise segment.

The total weight after the cruise [2] is;
W3

(tcruise'ct,cruise)
e (CL/CD)cruise

W4 =
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Where;

teruise 18 the flight time which is an input and c; ¢,se IS the thrust specific fuel consumption
during cruise segment.

The range achieved during the cruise [2] is;

2 ’ 2 C
Rrange = ’ 0-S 'g'(\/W3_W4)

Ct,cruise

8.5 Descent: Segment 4-5

During the descent segment, the aircraft loses altitude until the loiter altitude with a constant
descent rate which is a component of the vertical velocity. The velocity component which is
parallel to the flight path is considered as the cruise speed. Figure 2. 18 shows the descent
flight leg.

;‘:‘

o
g 0 .
g descent Veruise
"
i \ -
- V ~<
= v,descent -~
> -
-
) -
2 -
2 T~
-
< ~~
=~ ~
-
Y =~
[ »!
< » _
Sdescent

Figure 2. 18 The Descent Segment

The descent time during the altitude 10ss of A pyise — Rgescent |

hcruise - hdescent

tys =

Vv,descent

Where;

Vi, descent 1S the vertical component of the constant descent velocity.

The descent angle;

Vv,descent )

Odescent = aSln( %
descent
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Where;

Vaescent = Veruise

The horizontal distance covered during the descent;

_ hcruise - hdescent
tan(gdescent)

Sdescent -

The total weight after the descent segment;

Ws =W, — (Ct,descent) ' (TR,descent) " lys

Where;

Ctgescent 1S the thrust specific fuel consumption during descent segment and Ty gescent IS the
necessary thrust to achieve the constant speed descent; it is calculated as follows;

1 (Pcruise T Paescent 2
TR,descent = E ( S 2 = ) e (Vdescent )2 ' (CDO,TOTAL +k- (CL,descent) )

— W, - sin(Bgescent)

The lift coefficient during the descent;

. _ 2-W,- COS(Hdescent)
Ldescent (Pcruise +2Pdescent:) .SV, )2
escen

During descent the lift coefficient changes due to the change of weight and flight angle.

8.6 Loiter: Segment 5-6

During the loiter segment, the aircraft is considered to achieve a constant speed loiter. The
speed is considered as the same as the cruise speed. The loiter time, ts¢ is the input.

The total weight after the loiter segment [2];

Ws

(tloiter'ct,loiter)
e (CL/Cp)oiter

W6=

Where;

tioiter = tse

Ceoiter 1S the thrust specific fuel consumption during the loiter and (C./Cp)ioiter =
(CL/CD)cruise-
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8.7 Approach: Segment 6-7

Figure 2. 19 shows the approach and flare segment. The aircraft starts to approach with a
speed of Vgpproach - The vertical component of the velocity is the descent rate for the

approach, Vv,approach .

The flare path is considered as circular. The velocity at the start of the flare segment is V4,
and the velocity at the end is V.

b "

! vapproach Rflare 0
Vv,approach flare

Vflare

hflare ‘

LA

sapproach Sflare

Figure 2. 19 The Approach and Flare Geometry

The approach velocity is taken as;

Vapproach = 1.3 Vstau

The flare velocity is taken as;

Vflare =0.95- Vapproach

The approach angle;

Vv,approach

7] = asin
appraoch
bp Vv,approach + Vflare

The Flare radius is calculated from Ref. [3];

szlare

R =
flare CL /ACL

Where;

AC, is the lift coefficient change during flare and found as (Ref. [3]);

AC, = Cpfiare — CLrp
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Where Cy, r1qrc is the lift coefficient at the start of the flare segment and C, 7 is the lift
coefficient at the end of the flare segment.

2-We- COS(Qappraoch)

(L flare =
’ Planding T Pd t 2
( anaing 2 escen ) . S . (Vﬂare)
; 2-W,
LTD =
' Planding T Pa t
( anaing 2 escen ) . S . (VTD)Z

The vertical distance covered during the flare,
hflare = Rflare ' (1 - Cos(eappraoch))
The horizontal distance covered during the flare;

Rf lare

flare = Sin(gappraoch)

The horizontal distance covered during approach;

S _ hdescent - hflare
approach —
tan(gappraoch)

The time elapsed during the approach;

hdescent - hflare

t =
approach Vv,approach

The time elapsed during the flare;

The total weight after the approach segment;

W; = W — (Ct,approach) ' (TR,approach) ' tapproach - (Ct,flare) ' (TR,flare) ' tflare

The thrust required during the approach;

1 planding + Pdescent Vapproach + Vflare 2
TR,approach = E 2 "S- 2

’ (CDO,TOTAL + k(CL,approach)Z) — We- Sin(gappraoch)
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The lift coefficient during the approach;

2-We- Cos(eappraoch)

planding + Pdescent Vapproach + Vflare 2
2 S 2

CL, flare =

The thrust required during the flare;

1 planding + Pdescent VTD + Vflare
TRflare:_' "S-
’ 2 2 2

' Sin(gappraoch)

2
) ' (CDO,TOTAL + k(CL,TD)Z) —Ws

The necessary fuel for the cruise segment;
Wryer = Wo — W5
In terms of liters;

Wo —W7)

V 1=
fue g’ dfuel

dye is the density of the fuel.

8.8 Landing Ground Roll: Segment 7-8

Figure 2. 20 shows the landing segment. The landing starts with the velocity V;, and
continues with the same velocity a few seconds meanwhile the nose gear is off the ground.
This part is called the free roll. After the free roll, the aircraft stops in the distance, S, .
During this period, the brakes are applied.

0

| Sk - Free Roll ‘ St
\ \

A
A 4

Figure 2. 20 The Landing Segment
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The free roll distance is calculated from;

Str =N " Vpp
N, is the landing rotation time.
The total landing distance;
1 Ja
Sprorar = Sir + m' In (1 +]—T) - (Vrp )?

Where;

_ Pianding .

TR

2
(CDO,landing + k(CL,landing) ) - (.ur,landing) ’ CL,landing

Trev

]T - w +.ur,landing

Cpo,ianaing 1S the parasite drag coefficient during landing. The lift coefficient during landing;

2W,
Planding "S- (VTD )2

CL,landing =

Tev 1S the thrust with thrust reverse.

The landing ground roll time;

_ 2- SL,TOTAL
tland_grd_roll - %
TD

The total mission time;
tmission = to1 T 12 T Ep3 + €34 + Eys + t56 +te7 + 78

ts4 and tg¢ are inputs which are the cruise time and loiter time, respectively.
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9. Engine Model

The propulsion system performance is parameterized by using the graphs provided by the
manufacturer of the propulsion system. The change of fuel flow and thrust with the RPM is
converted into a function by using the engine data. The thrust specific fuel consumption
values for each mission profile segment are calculated from the generated function for the
thrust values for each segment.

For each mission profile segment;

Where;

WE is the fuel flow in kg/s and it is a function of T and T is the thrust required value for
the mission segment and it is a function of RPM and RPM is a function of the equivalent
thrust value at ground level where the engine data is valid.

The equivalent thrust value is estimated as;

Where;

T, is the equivalent thrust value for the density value, p, which is valid for the ground level
where the engine performance functions are valid.

The fuel flow, WF is calculated from the curve fitting function of RPM and RPM is the
curve fitting function of Ty,

A typical fitting function for variation of thrust with RPM;

RPM =py - (To)” + p2 - (To)® + p3 - (To)® + pa* (To)* + ps - (To)® + pe - (To)* + py
“(Ty) + pg

Similarly fuel flow can be defined as;

WF = p; - (RPM)® + p, - (RPM)® + p3 - (RPM)* + p, - (RPM)3 + ps - (RPM)? + pg
*(RPM) + p;
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10. Design Cases

During the conceptual design the first design is determined. To find a better design, the
calculations defined in previous sections are repeated for the number of designs. The
important design input values are varied according to the specific limits which are selected
around the first design values and matched with each other. So, for each match a different
design is generated. The ones which do not satisfy the requirements are eliminated and the
best design is selected.

The number of designs, NOFD, is determined as ;

Yinpu.ts

NOFD = 1_[ (Xrange)i

i=1
Where;

Yinputs 1 the number of variable design inputs.

Xrange 18 the range of each design input.
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CHAPTER 3

THE INITIAL DESIGN

1. First Concept

The main aim of this Chapter is to introduce the initial design which is considered as the start
point of the design process and to illustrate how the calculations are made. In Appendix A,
each calculation step is performed to understand the method clearly although all process is
performed automatically by the tool developed on Excel and Matlab software.

High maneuverability and high speed are the main design considerations during the
conceptual design. The fuselage is designed as a blended wing-body geometry which is
expected to be more efficient than the conventional types with respect to aerodynamics and
control. Blended wing-body geometry has more wing area than the conventional fuselage-
wing configurations together the fact that it has less drag due to the absence of the fuselage-
wing interference. Moreover, a conventional cylindrical fuselage may encounter cross-flow
separation while the blended body will have attached flow which results in low side force
and less necessity for vertical stability surfaces. Figure 3. 1 shows the attached cross-flow.

Figure 3. 1 Blended Wing-Body in Cross-flow.

The longitudinal section profile is decided to be symmetrical which is very common for
highly maneuverable aircraft. The lifting characteristics of symmetrical sections in inverted
flight are the same as those in normal flight which provides better performance in maneuvers
and satisfies the high maneuverability.

Vertical tail is decided to be a stability surface which does not provide control but provides
directional stability. Low side cross section of the aircraft eliminates the necessity for a large
vertical tail. Figure 3. 2 shows the tail incidence.

incidence angle
\.
o _ﬁk .

Figure 3. 2 The Tail Incidence.
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The control surface is selected as elevon which behaves like aileron and elevator at the same
time. Figure 3. 3 shows the surface movements for roll and pitch up. Pitching up and down is
satisfied by moving the surfaces in the same direction while rolling is satisfied by moving
the surface in the opposite direction. The combination of these movements satisfies rolling
and pitching at the same.

Elevons

S ——

Figure 3. 3 Elevon Control Surfaces. The Roll Motion and The Nose Up Movements.

The engine is decided to be a mini turbojet engine and located at the end of the wing body.
The engine nozzle is directly open to the outside atmosphere which is expected to have
higher IR signature.

Takeoff is decided to be performed by the use landing gears while recovery can be made
with parachute or conventional landing. The main landing gears are located in the wing-body
and open in the span-wise direction while the nose gear is located in the nose section as
shown in Figure 3. 5.

Figure 3. 4 The Nose and Main Gears (front View).
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Figure 3. 5 The Location of Main and Nose Landing Gears.

The wing planform is considered as a combination of a front wing which is called as LEX in
this thesis and a main wing which is in double delta form. The main and front wing together
forms the blended wing-body.

Main Wing

Reference Wing

' — Actual Wing

Front Wing,
LEX

Figure 3. 6 The Front, Main Wing and Actual Wing Geometries.
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2. Airfoil Selection

The wing-body section profile is expected to have a low drag coefficient and low pitching
moment for a high speed and highly maneuverable aircraft. These properties are the main
criteria for the airfoil selection. Due to the low drag consideration thin airfoils are focused.

Table 3. 1 The Comparison of Various Airfoils. (Data taken from Ref. [7])

Airfoil Thl((;l/zr;ess Cl,max Deéllgn CmO Decsc:ogztcl CdO,min (foee)
NACA 0009 9 1.256 - 0 - 0.0052 3
NACA 0012 12 15 - 0 - 0.0057

NACA 0012 64 12 1.35 - 0 - 0.005
NACA 0012

64Mod 12 15 - -0.05 - 0.0042
NACA 1408 8 1.35 - -0.025 - 0.005
NACA 1410 10 15 - -0.0015 - 0.0055
NACA 1412 12 1.6 - -0.0025 - 0.006
NACA 23012 12 1.6 0.3 -0.00125 0.0068 0.0065

NACA 63 006 6 0.8 - 0 - 0.0042
NACA 63 009 9 11 0 0.0042
NACA 63 206 6 0.95 0.2 -0.00375 0.004 0.004

3

3

3

3

3

3

3

3

3

3
NACA 63 209 9 1.3 0.2 -0.00313 0.0045 0.0045 3
NACA 63 210 10 1.4 0.2 -0.00375 0.00475 0.00475 3
NACA 63A210 10 1.3 0.2 -0.00375 0.0045 0.0045 3
NACA 64 108 8 0.85 0.1 -0.00125 0.0041 0.0041 3
3

3

3

3

3

3

3

3

3

3

NACA 64 110 10 1.3 0.1 -0.002 0.0048 0.0048
NACA 64 206 6 1 0.2 -0.00375 0.004 0.004
NACA 64 208 8 11 0.2 -0.00375 0.0045 0.0045
NACA 64 209 9 1.3 0.2 -0.00375 0.0045 0.0045
NACA 65 206 6 0.98 0.2 -0.00313 0.0037 0.0037
NACA 65 209 9 1.25 0.2 -0.00333 0.0042 0.0042
NACA 65 210 10 1.3 0.2 -0.00375 0.0041 0.0041
NACA 66 206 6 0.95 0.2 -0.00375 0.003 0.003
NACA 66 209 9 11 0.2 -0.00333 0.0035 0.0035
NACA 66 006 6 0.82 - 0 - 0.003

Table 3. 1 shows various NACA airfoils [7]. Symmetrical airfoils have zero pitching
moment at zero angle while cambered airfoils have nose down pitching moment and it is not
desirable for an acrobatic aircraft. So, the selection is focused on the symmetrical airfoils.
Thin airfoils have low drag coefficient than thicker airfoils, but they have low maximum lift
coefficient value as well. Due to the fact that maximum speed is a requirement for the
design, thin airfoils are considered rather than the thick airfoils although they have low
maximum lift coefficient. According to Table 3. 1 NACA 66 006 has the lowest minimum
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drag coefficient and reasonable thickness and maximum lift coefficient value. As a result, the
wing-body profile is selected as NACA 66 006.
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Figure 3. 7 The Performance Graphs for NACA 66 006 Airfoil.(Copied from Ref. [7])

Figure 3. 7 shows the performance graphs of NACA 66 006 airfoil different Reynolds
Numbers. For Re= 3.10°, the maximum lift coefficient value, 0.82 is obtained at an angle of
10 degrees, approximately. The moment coefficient is zero. The minimum drag coefficient is
about 0.003.
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3. Engine Selection

Unlike the conventional design philosophy which requires the selection of the engine
according to the requirements, the engine is pre-selected in this thesis. The aim is to satisfy
the requirements by using the pre-selected engine. The engine is a mini turbojet produced by
the AMT company [8]. The specification of the engine is shown in Figure 3. 8.

OLYMPUS HP
Diameter 131 mm
Length 383 mm
Turbine weight 2850 gram
Whole System Weight 3795 gram
Thrust at Max. RPM 230N
Maximum RPM 108500
Pressure Ratio at Max. RPM 3.8:1
Mass Flow at Max. RPM 450 gr/s
Maximum EGT 750 C

Fuel Consumption at Max. RPM 640 gr/min

Figure 3. 8 The Engine Specifications. All Data at Standard Temperature and Pressure (All data
taken from Ref. [8].)

Figure 3. 9 The Dimensions of the Olympus Hp Turbojet Engine (Taken from Ref [8].)

3.1 Parameterization of Engine Data

The engine data are parameterized by using the engine data provided by the manufacturer.
The fuel flow is calculated from the related RPM value and the RPM value is calculated
from the related thrust value. So, in this calculation method the necessary thrust amount is
found first and the fuel flow is calculated by using the curve fitting functions. The reason for
doing so is the fact that during the mission profile the necessary thrust amount is different for
the each mission segment and different thrust values will result in different fuel flow value.
The thrust specific fuel consumption value for mission segment is calculated by this method.
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Figure 3. 10 shows curve fitting function for variation of thrust with RPM for Olympus HP
Engine.

¥ 1|:|4 Tws RPM

—— actual

- 7th degree h

RFh
o
T

Tk

Figure 3. 10 The Curve Fitting Function and The Actual Data For T and RPM for Olympus HP
Engine.

RPM = 0.0010673 - (Ty)” — 0.099774 - (Ty)® + 3.7964 - (Ty)° — 75.755 - (Ty)*
+ 855.69 - (Ty)3 — 5597.3 - (Ty)? + 23412 - (T,) + 18776

T, is again the equivalent thrust value which is described in Chapter 2.

Similarly fuel flow can be defined as;

WF vs RPM
12 T T T T T T T

—w— actual

- Gth degree _

RFM 1t

Figure 3. 11 The Curve Fitting Function and The Actual Data For WF and RPM for Olympus HP
Engine.

WF = —3.5E728 . (RPM)® + 1.33E7?2 - (RPM)> — 1.96E7 - (RPM)* + 1.43E712
- (RPM)3 — 5.48E~8- (RPM)? + 0.0010834 - (RPM) — 7.147
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4. Defining the Initial Inputs

The aim of defining the initial inputs is to find the closest point to the design point. Then the
optimization is conducted around the initial inputs. The most important design parameters
are the cruise speed and the cruise time. In this calculation method the cruise time is selected
as a design input which means all the designs which are generated automatically satisfy the
cruise time requirement. Similarly, the cruise speed is selected as an input as well. The
maximum speed and turn rate requirements are satisfied as a result of analyzing the design
cases.

4.1 The Wing-body Parameters

The wing-body parameters define the shape of the lifting geometry of the aircraft. During the
conceptual design the main wing planform is decided to be in double delta form while front
wing is assumed to be a very low aspect ratio delta wing. Table 3. 2 shows the wing-body
design inputs.

Table 3. 2 Wing-Body Parameters

CLmax 0.738 b [m] 1.6 bygx [m] 0.4
Ciawing 5.7 Apg [Deg] 60 CigrEx 5.7
t
(-) 0.06 hnwing 0.33 hn;py 0.36
C/wing airfoil
C’'m
A, 42.08 Cmo 0
c, [m] 1.55 Crrex [M] 0.96
¢ [m] 0.2 CeLex [M] 0

The main wing leading edge angle is selected as 60 degrees. The span of main wing is 1.6m
while the span of virtual front wing is 0.4m. Figure 3. 12 shows the geometric properties of
the initial wing-body geometry.
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‘470.96"‘ 1.55m
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0.8m
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0.2m

Figure 3. 12 The Initial Concept Wing-Body Geometry.

The maximum lift coefficient is calculated by using Figure 3. 7 for Re = 3 - 109,

= (0.82)- 0.9

Cy max

The section lift curve slope of the wing is derived from the Figure 3. 7 as 5.7 rad~*. Figure
3. 13 shows the chord-wise location of the maximum thickness line of the airfoil which is
found as 0.459¢ and the sweep of the maximum thickness line of the main wing.

42.08°

‘ 0.459c¢ ‘

Figure 3. 13 The Chordwise Location of Maximum Thickness Line for NACA 66 006 Airfoil.

The neutral points of the main wing and the front wing, hn,,;,,, hn,gx , are estimated from
the Ref. [9] Figure 3.38.
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4.2 Tail Parameters

The tail is considered as a passive surface which provides stability. As an initial design
following parameters are selected.

Table 3. 3 Tail Initial Design Parameters

Crtair [M] 0.45 Q; tai1 [Deg.] 27
Cttair [M] 0.96 Lygir [M] 0.65

t
AL tair [Deg] 66 (E) 006
tail airfoil

x
A7E tqi1 [Deg.] 50 (Z)mm” 0.459
Cla,tail 5.7 Am,tail [Deg-] 57.9

The tail airfoil section is kept the same as the whole wing-body section profile, so it is
NACA 66 006. Both leading and trailing edge sweeps exist as, 66 and 50 degrees,
respectively. Figure 3. 14 shows the geometry.

0.2m

66

50

| 0.45m |

Figure 3. 14 The Tail Geometry.

4.3 Propulsion System Parameters

Propulsion system parameters define the number engines to be used, the estimated inlet
diameter and length and fuel tank sizing inputs. The design is decided to have single engine.
The inlet inputs are used to calculate the inlet area approximately for the weight calculation.
Fuel tank sizing parameters are related to the wing geometry and used to calculate the fuel
tank volume for each design. Fuel tank volume changes for each design due to the change of
wing geometry. Table 3. 4 shows the propulsion system inputs for the initial design.
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Table 3. 4 Propulsion System Parameters

Nengine 1 tfuel tank 0.5
Rinlet [m] 011 Cfuel tank 05
bfuel tank 0.5 linlet [m] 0.5

4.4 Mission Profile Parameters

Mission profile parameters include the most critical design parameters which are the cruise
time and cruise speed. In this analysis method cruise time and cruise speed are design inputs.
The total weight is dramatically addicted to the cruise time input due to the fact that the
amount of fuel burned during the mission is determined by this parameter and added to the
weight summation iteratively. Similarly, the total design is quite dependent on the design
cruise speed since all the calculations are made for this parameter. The cruise time is decided
to be 30 minutes. It means that all of the design cases satisfy the cruise time requirement.
The cruise speed is selected as 87 m/s as a design input. The reason for selecting this speed
is the fact that the maximum rate of climb of the aircraft is around this value. Detailed
calculations are presented in Appendix A.

Table 3. 5 Mission Profile Parameters

Nground roll 1 hops [M] 5
Vv,descent rate [m/s] 20 tioiter [S] 2
Ky landing 0.3 tcruise [MiN.] 30

My 0.03 Vcruise [m/S] 87

Loiter time is selected as 2 minutes. The friction coefficients; p, represents the friction
coefficient during takeoff and p,janqing represents the friction coefficient during landing
with brakes on. The obstacle clearance height is selected as 5m. The friction coefficient can
be figured out at reference [2] in Table 6.1.

4.5 Landing Gear and Parachute Parameters

The landing weight estimation parameters are used to calculate the weight landing gears
during iterations. The values in Table 3. 6 are estimated by using the similar aircraft landing
gear weights. Similarly, parachute weight parameter is also estimated from the parachute
weight of the similar aircraft.
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Table 3. 6 Landing Gear And Parachute Paramters

Wm.gear

Wose gear

Wparachute /
Wrorar  0.05

4.6 Air Properties

Air properties include the takeoff, cruise, descent heights and the sea level air properties.
Takeoff height is determined as 1000m above sea level due to the fact that Ankara city
where the aircraft is supposed to be tested is about at that height above the sea level. The
cruise altitude is selected as 700m above the takeoff height which is a reasonable distance to
perform the possible missions. The performance of the aircraft is tested at two different
altitudes, too. The descent altitude is used for descent mission segment calculations and
selected as 1100m above the sea level.

Table 3. 7 Air Properties

htakeorr [M] 1000 hgpyises [m] 3800
heruise [M] 1700 T [K] 288.16
haescent [M] 1100 P, [Pa] 101325
heruisez [M] 2300 Po [kg/m?] 1.225

4.7 Sample Structural Weights

Sample structural weights are used to calculate the weight of aircraft skin and internal
structure. The sample weights are obtained from the sample laminates which are produced
prior to the prototype production for calculations. The units are given gr/m?,

Table 3. 8 Sample Structural Weights

Ws_skin [gr] 1000 Ws_tail [gr] 1000
Ws_frame [gr] 2000 Ws_tank [gr] 500
Ws_paint [gr] 300
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5. Weight Analysis

The weight analysis is one of the key steps in the calculation method described in the thesis.
As mentioned before the weight calculation is conducted in an iterative process. The fuel
weight is the output of the mission profile analysis, but the mission profile analysis starts
with the total weight value. So, it needs an iterative calculation. The reason of doing this is
the fact the conventional weight estimation methods which relies on the historical data is not
satisfactory for the small scale UAVs. So, more accurate iterative weight estimation is
presented in this thesis. Below the summary of the weight analysis is given in Table 3. 9.
Detailed calculations are presented in Appendix Al.

Table 3. 9 The Weight Build-up Summary

Unit Weight(gr) # Unit Weight(gr)
1 Wying_skin 3661.6 12 Wryer 7117.4
Wsp frame (Span'

< . 13 W, i

2 wise frames) 1585.9 engines 2850
Wlng_frame

3 (longitudinal 539.8 14 Wengine comp 1218.2

frames)

Ww; inlet
4 m—;‘rr;r;]neesg 15205 15 Winain 1 gear 1941.05
5  Wrrame (3+4+5) 2277.8 16 Whose_i_gear 647.01
W .
6 e 5939.4 17 Wavionics 438
7 Winlet 378.4 18 Wbatterl’es 600
8 Whaint 1098.5 19 Wharachute 1294
Wwing body Ws internal
_ . 2 ys_tnterna .

? (6+7+8) 7416.3 0 (13+14+15+16+17+18+19) 90713
10 Wiait 275.6 21 Whaytoad 2000

Wempty
11 (9+10+20) 16763.2 22 Wrorar (11+12+21) 25880.7

6. Aerodynamic Analysis

The aerodynamic properties of the initial design are represented in this section. It includes
the aerodynamic coefficients like lift curve slope of the blended wing-body, drag coefficients
and etc. Detailed, step by step calculations are shown in Appendix A.
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6.1 Initial Design Geometric Calculations

The geometric properties of the wing-body and LEX are presented here. Table 3. 10 shows
the summary of the geometric properties.

Table 3. 10 Initial Design Geometric Properties

LEX sweep angle at semi chord,
A¢ya1ex [deg.]
Aspect ratio of the main wing, LEX mean aerodynamic chord,
1.828 ~
ARain wing Crex [M]
Taper ratio of main wing, 1 0.129  Total wing-body area, Syora, [M?]  1.592
Sweep angle at quarter chord,

Main wing area, Spmain wing [M] 1.4 67.3

0.64

52.6 Vertical tail height, h;q;; [M] 0.252

Acss [deg]
Sweep angle ?BZ';']T“ chord, Acrz 41 6 Tail area, S,q; [M7] 0.137
Mean aerodynamic chord, ¢ [m]  1.04 Aspect ratio of tail, AR, 1.84
LEX area, S;gx [M’] 0.192 Taper ratio of tail, 1,45 0.213

Tail sweep angle at quarter chord,

Aspect ratio of the LEX, AR 0.83 64.6
P LEX Acsacair [deg]
. Tail sweep angle at semi chord,
Taper ratio of LEX, 4 54.5
P LEX Acyacair [deg]
LEX sweep angle at quarter 244  Tail mean aerodynamic chord, Gt 49
chord, A¢/4 1ex [deg.] ' [m] '

6.2 Lift Curve Slopes

The lift curve slopes are calculated for the so called front wing, main wing and the tail. The
total lift curve slope is calculated by assuming tail is in downwash while front wing is in up-
wash. By remembering the formula given in chapter 2;

C,.=C. +C - -S—”(1—(E) )+c ex X (1
Lo = blayp Loy "TH S da) gowmmash Loy gy  TLEX S (
de
~ () s
&/ ypwash

The initial design lift curve slopes and other lifting parameters are summarized in Table 3.
11.
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Table 3. 11 The Lifting Properties of The Wing-Body

Lift curve slope of the wing- LEX lift curve slope, CLausx

pody, C,,,[rad] 2132 o 1.01

Lift curve slope of the wing, Down-wash factor,

¢ [rad] 213 (1) 0.965
aw da/ gownwash

Cruise Mach Number 0.26  Up-wash factor, (%)upwash 0.1

Virtual horizontal tail lift curve 113

slope, Cy,, [rad™]

The tail lift curve slope is calculated by introducing the virtual horizontal and vertical tails
due to the fact that the inclined tail is similar to the V-tail configuration.

6.3 Aerodynamic Coefficients

The aircraft parasite drag coefficient is calculated for the main wing, the virtual fuselage and
the tail. Table 3. 12 shows the drag and lift coefficients of the aircraft.

Table 3. 12 Aerodynamic Coefficients

Main wing parasite drag

coefficient, Co, 0.00723  Span efficiency factor, e 0.772
Tail parasite drag coefficient, 0.000703 Cruise drag coefficient, 0.009817
CDOmil CD,cruise
. - Cruise lift to drag ratio,
Total parasite drag coefficient, 0.009439 (C, 4.175
CDO,TOTAL (CD) ;
crutse

Cruise lift coefficient, C cyise  0.0409

7. Performance

In this section the performance properties including the stall velocity, rate of climb,
maximum velocity, turn rate and turn radius and load factor are presented. Detailed
calculations are shown in Appendix A.

7.1 Thrust and Power Required, Rate of Climb and Maximum Velocity

The available thrust at the cruise altitude is calculated from;
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pcruise) =230- (1-037207

1225 ) = 194.7372 N

TA,cruise = TA,O ’ (
Po

The maximum thrust available for the engine is given as 230N art sea level.

Figure 3. 15 shows the change of thrust required with respect velocity. The thrust available is
constant with velocity due to the turbojet engine. The maximum speed is achieved when the
thrust required is equal to the thrust available. From Figure 3. 15 the maximum speed is
found as V,,,,x = 159.45 m/s at the cruise altitude.

N Thrust Required vs Thrust Available
250

200
150

/
50 /

20 70 120

Thrust Required

Figure 3. 15 Thrust Required and Thrust Available Curves

Rate of climb is calculated from;

R/ _ Excess Power  Poyayapie =B V" (Ty — Tg)
C™  Weight w - w
R/C (m/s) Rate of Climb
R/C L
40ma /‘!\

= Rate of Climb

170 220 V(m/s)

Figure 3. 16 The Change of Rate of Climb with Velocity.
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Maximum rate of climb is found from the Figure 3. 16 as (R/C)max = 45.5261 m/s at the

cruise altitude.

Maximum velocity is calculated where the rate of climb is zero. This situation is due to the
fact that all excess power is consumed at that velocity so; it is at the maximum value.

0

R _Vmax'(TA_TR) _

From Figure 3. 16, the maximum velocity is found as V,,,x = 159.45 m/s which is in
compliance with the value found from Figure 3. 15.

7.3 Maximum Load Factor

The load factor is defined as the ratio of lift to weight. During maneuvers this ratio changes
as the lift must increase. The maximum load factor is constraint with both Cy, ;. and Ta max-

n N .« Vs Velocity
max
14 7
12

10

Nmax,max e ————— —/— —————— — — —
: / B <
6 / e+ Clmax

/ \ TAmax
4
MA
2 7
0 i T T T
V*
0 50 100 150 V(m/s)

Figure 3. 17 The Maximum Load Factor Curves.

Figure 3. 17 point A is the npy,,x value which is satisfied both C, . and Ty max CONstraint.
The value at this point is the maximum sustained load factor which is found as
Nmax sutained = 4-245 Point B is the maximum value of ny,,, and found as nyax max =
8.241

The velocity at point A is the corner velocity at which the turn rate is at maximum value and
the turn radius is at minimum value. The corner velocity is found as V* = 42.24m/s.
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7.5 Turn Performance

Corner velocity is found as V* = 42.24m/s in previous section. For maneuvering this speed

is used.

Table 3. 13 shows the some of the turn performance properties. Detailed calculations are

shown in Appendix A.

Table 3. 13 The Turn Performance Properties

Maximum turn rate, wy,ax [deg/s] 54.8
Minimum turn radius [m] 44
Maximum bank angle [deg.] 83
For the pull up maneuver the turn radius is found from;
VZ
R=——
gn—1)
Rpull-up (m) Pull Up Radius
90
80
70 \
60 \ = Pull Up Radius
50 ~
40 T T T T T T T 1 V (m/S)
30 50 70 90 110 130 150 170 190 210

Figure 3. 18 The Change of Pull-op Radius with The Velocity.

Figure 3. 18 shows the change of pull-up turn radius with respect to velocity. The pull-up
radius nearly becomes constant while the velocity increases. The minimum pull-up radius is

approximately found as Ryin pul—up = 44m.
For the pull down maneuver the turn radius;

VZ
R=——
gn+1)
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Figure 3. 19 The Change of Pull-Down Radius with The Velocity.

Figure 3. 19 shows the variation of the pull-down radius with respect to velocity. The pull-
down radius is approximately found as Ryin pull—down = 42m.

8. Mission Profile

Mission profile analysis is conducted for the sub segments that are takeoff ground roll,
transition, climb, cruise, descent, loiter, approach and landing ground roll. Detailed, step by
step calculations are demonstrated in Appendix A. Following sections just show the most
important parameters.

8.1 Takeoff Ground Roll: Segment 0-1

Table 3. 14 shows the results obtained from the takeoff ground roll calculations. Takeoff
rotation time is takenas N = 1.

Table 3. 14 Segment 0-1 Parameters

Initial weight, W, [N]

Lift-off Velocity, V¢ o, [M/s]

Takeoff available thrust, Ty tgkeorr [N]
Thrust to weight ratio during takeoff,

)
W/ takeof f
Ground roll distance, Sy [m]

Weight after takeoff, W; [N]

Thrust specific fuel consumption during
takeoff, Ct,ground_roll [1/ S]
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256.2
25.7
208.7

0.814

69.4
255.64

0.0004971




8.2 Transition: Segment 1-2

Table 3. 15 shows the transition segment parameters. The obstacle height is selected as 5 m
as described in the mission profile inputs.

Table 3. 15 Segment 1-2 Parameters

Obstacle distance, h,,s [M] 5
Load factor during transition, n 1.82
Transition distance, S, [m] 29.2
Weight after transition, W, [N] 255.52

Thrust specific fuel consumption during

transition, Ct transition [1/5] 0.0004971

8.3 Climb: Segment 2-3

As described in previous sections climb angle is assumed to be constant during the climb.
The climb speed is the cruise speed, but at the first stages of the climb segment the speed is
lower than the cruise speed. So, the aircraft accelerates until it reaches the desired speed.
Table 3. 16 shows the climb segment parameters.

Table 3. 16 Segment 2-3 Parameters

Climb angle, 6imp [deg.] 31.7

Thrust to weight ratio during climb,

(T_A) 0.792
W/ climb

Total climb time, timp rorar [S] 23.2

Thrust specific fuel consumption during

climb, ¢, cyimp [1/5] 0.0004971

Weight after transition, W5 [N] 253.1

8.4 Cruise: Segment 3-4

During cruise aircraft performs a constant speed and constant altitude flight. The cruise
speed is one of the main design inputs as well as the cruise time. Table 3. 17 shows cruise
segment parameters.

Table 3. 17 Segment 3-4 Parameters

Cruise speed, Vi ise [M/S] 87
Weight after cruise, W, [N] 190.85
Cruise time, t yyise [Min.] 30
Tr_]rust specific fuel consumption during 0.0006557
climb, Ct,cruise [1/5]

Range achieved during cruise, Ryqnge 1451

(km]
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8.5 Descent: Segment 4-5

Descent segment is performed with constant angle and constant speed. Table 3. 18 shows the
descent segment parameters.

Table 3. 18 Segment 4-5 Parameters

Descent rate, V,, gescent [M/S] 20
Descent angle, 0 4escen: [deg.] 13.6
Weight after descent, W5 [N] 190.1

Thrust specific fuel consumption during

descent, ¢; gescent [1/9] 0.001727

8.6 Loiter: Segment 5-6

Loiter is assumed to performed with constant speed and constant altitude. The speed is the
cruise speed. Loiter time is one of the design inputs. Table 3. 19 shows some of the loiter
segment parameters.

Table 3. 19 Segment 5-6 Parameters

Weight after loiter, W [N] 186.9
Loiter time, t;yi¢er [Min.] 2
Thrust specific fuel consumption during 0.0006257
loiter, c¢ 1piter [1/5]

8.7 Approach: Segment 6-7

Approach segment is divided into two sub segments. One of them is the constant speed and
constant angle descent which is performed with a constant descent rate until the flare altitude
and another is the flare which is assumed to be performed in a circular path until the main
gears touch to the ground. Table 3. 20 shows the approach segment important parameters.

Table 3. 20 Segment 6-7 Parameters

Approach speed, Vipproacn [M/S] 23.7
Approach angle, 6 ppraoch [deg.] 2.4
Approach descent rate, V;, gpproacn [M/S] 1
Flare speed, Vfgre [M/S] 225
Approach distance, Sqpproach [M] 2285
Approach time, t,ppreach [S] 99
Flare distance, S¢;qre [M] 44
Weight after approach, W, [N] 184.6

Thrust specific fuel consumption during

0.001799
approach, Ct,approach [1/5]
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8.8 Landing Ground Roll: Segment 7-8

Landing ground roll is the last mission segment which starts at the moment when the main
gears touch to the ground and ends when the aircraft stops. Table 3. 21 shows the landing
ground roll parameters and the total important mission profile parameters. Total fuel burned
during the mission profile is found as 73.3 N and the total mission time is 34.9 min which
includes the 30 min. cruise time which is a design input.

Table 3. 21 Segment 7-8 Parameters

Free roll distance, S;z [M] 22

Total Landing distance, Sy rorar [M] 147.7
Fuel burned during mission, Wy, [N] 73.3
Total mission time, t,,ission [MIN.] 34.9
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CHAPTER 4

OPTIMIZATION

1. Optimization Method

The optimization is conducted by using the initial design parameters as a starting point.
Some of the design inputs are selected as variables and matched each other to form the
different design cases. As stated in Chapter 2 the number of designs is defined as;

The number of designs, NOFD;

Yinputs

NOFD = 1_[ (Xrange),

i=1

Where; Yinputs is the number of variable design inputs and X, is the range of each
design input.

2. Defining the Design Variables

The design variables the selected design inputs to construct the design cases. Each design
case is formed via the combination of these design variables. Each design variable has a
length which determined the size of the number of design parameter, NOFD.

The design parameters are selected as the main geometric parameters of the wing-body
which is stated to be a combination of the main wing and the front wing which is called as
LEX in this thesis. The design variables are selected as;

¢ - Wing root chord

c; . Wing tip chord

b : Wing span

Ar g - Wing leading edge sweep angle.
crLEx - LEX root chord

brgx : LEX span
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Figure 4. 1 The Design Variables On The Wing-Body Conceptual Geometry.

The design variables which are shown in Figure 4. 1 determine the basic geometry of the
main wing and the front wing. Instead of selected the wing loading or aspect ratio as design
variables, the basic geometric parameters are considered as variables. So, in this method the
wing loading and aspect ratio are generated according to the design variables.

The length of each design variable is determined by taking the initial design parameters as
reference. So, the design variables are varied around the initial design parameters. The
design parameters with length;

¢, = [1.4 1.55 1.7]

e = [0.10.150.2]
b=[1.4161.8]

Arg = [50 60 70]
CrLex = [0.8 0.96 1.2]
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Six variables have three different values. So, the number of designs;

Yinputs 6
i=1 i=1

3. Setting The Requirements

The operational requirements are determined prior to the initial design. Table 4. 1 shows the
operational requirements. The requirements are basically based on the maneuverability and
high speed which are important design considerations for the high speed target drones. 2000
gram payload capacity is reserved to be used for avionics such as radar, smoke systems or
additional avionics.

Table 4. 1 Operational Requirements

Endurance 30 min.

Maximum Speed 0.5 Mach

Maximum Sustained Load 69

Payload Capacity 2000 gram

Operational Altitude 1700m Above Sea Level

The design requirements are set to determine the limiting cases for the optimization analysis.
Table 4. 2 shows the design requirements. The maximum speed is selected as 167 m/s at
1700m above the sea level which is selected as an input. The cruise time is a constant design
input. All the design cases are generated for t. yise = 30 min. The maximum sustained load
factor is selected to be equal or greater than 6g’s.

Table 4. 2 Design Requirements

Vinax = 167 m/s Maximum speed at the operational altitude.
teruise = 30 min Cruise time.

Nax,sustained = 6 Maximum Sustained Load Factor.

Apg > 0° Main Wing Trailing Edge Sweep Angle.
VrusL rank > VrveL Fuel Tank Volume.

Some design requirements are set to check the geometry of the aircraft. The fuel tank volume
constrain is necessarily is set to be bigger than the fuel volume calculated from the mission
profile for a feasible design. The trailing edge sweep angle is selected to be a positive value
which is required for a delta wing design.
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4. Defining the Inputs

The inputs are divided into two parts as constant inputs which does not change for each
design case and variable inputs which change for each design case. Table 4. 3 shows the
constant design inputs.

Table 4. 3 Constant Design Inputs

Wing-Body Parameters

CLpor 0.738 b 16 bpgy 0.4
la,wing 5.7 ALE 60 Cla,LEX 5.7
t

(E) ) ) ] 0.06 hnwing 0.33 hnLEX 0.36

wing airfoil
t

(—) 0459 €y, 0 NLEX 1
C/m

A, 4208  Cp, 0

C, 1.55 CT,LEX 0.96

Ct 02 Ct,LEX 0

Tail Parameters
Crtail 045  ajtau 27 ATE tail 50
Ct tail 096 Ly 065  Cigean 5.7
t t

ALg tail 66 (E) o 0.06 (—) 0.459

tail airfoil c m,tail

Am,tail 57.9

Propulsion System Parameters
Nengine 1 tfuel tank 0.5 bfuel tank 0.5
Rinlet 0.11 Cfuel tank 0.5 linlet 0.5
Mission Profile Parameters

Nground roll 1 h,ps. S5 Uy 0.03

Vv,descent rate 20 tloiter 2 Vcruise 87

ﬂr,landing 0.3 tcruise 30

Landing Gear And Parachute Parameters
Wm.gear Wnose gear Wparachute
WroraL 0.075 Wrorar 0.025 Wroral 0.05

Air Properties

htakeoff 1000 hcruise3 3800 hcruisez 2300
heruise 1700 T, 288.16  p, 1.225
Rgescent 1100 P, 101325

Sample Structural Weights
Ws_skin 1000 Ws_tail 1000 Ws_paint 300
Ws_frame 2000 Ws_tank 500
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Table 4. 4 Variable Design Inputs

c, [141551.7] b [141618]  Crppx [0.8 0.96 1.2]
c, [0101502] Ay [506070]  bypx [0.3 0.4 0.5]

Table 4. 4 shows the six variable design inputs which are combined with each other to
generate 729 different design cases.

5. Results

After defining the constant and variable inputs for the analysis the optimization analysis is
conducted. 729 designs are generated and elected according to the design requirements
shown in Table 4. 2.

Table 4. 5 The Satisfactory Number of Designs According to the Design Requirements

Design Constraint Number of
g Satisfactory Designs
VrueL Tank > VFUEL 729
Vinax = 167 m/s 526
Agg > 0 369
Nmax,sustained =6 21
ALL 21

Table 4. 5 shows the satisfactory number of designs which are determined according to the
design requirements. The available fuel tank constraint is satisfied by all the designs which is
a result of the fuel tank design inputs which allows the usage of half of the wing span,
thickness and mean chord for the fuel tank and the slender delta wing configuration which
enables high internal wing volume. The most challenging constraint is the maximum
sustained load factor. 21 designs are satisfactory for this constraint and all of the design
constraints by the same time.

Table 4. 6 shows some of the properties of the satisfactory designs which satisfy all the
design constraints given in Table 4. 2. Lowest weight and maximum velocity is achieved by
the design #30 as a result of the smallest total wing-body area. All the satisfactory designs
have a leading edge sweep angle of 50 degrees. Highest maximum load factor is achieved by
the design #57.
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ID
30
31
32
33
34
36
57
58
59
60
61
63
300
301
302
303
304
305
306
307
543

Ct
0.1
0.1
0.1
0.1
0.1
0.1
0.1
0.1
0.1
0.1
0.1
0.1

0.15
0.15
0.15
0.15
0.15
0.15
0.15
0.15
0.2

cI‘

14
14
14
14
14
14
14
14
14
14
14
14
14
14
14
14
14
14
14
14
14

b

1.6
1.6
1.6
1.6
1.6
1.6
1.8
1.8
1.8
1.8
1.8
1.8
1.8
1.8
1.8
1.8
1.8
1.8
1.8
1.8
1.8

Arg
50
50
50
50
50
50
50
50
50
50
50
50
50
50
50
50
50
50
50
50
50

Table 4. 6 The Satisfactory Designs

Criex brex
08 0.3
08 04
08 0.5
0.96 0.3
096 04
1.2 03
08 0.3
08 04
08 0.5
0.96 0.3
096 04
1.2 03
08 0.3
08 04
08 0.5
0.96 0.3
096 04
0.96 0.5
12 03
12 04
08 0.3

WroraL
238114
24060.9
24310.1
24007.5
24306.1
24290.2
24767.7
25016.8
25266.3
24958.6
25257.4
25233.1
25051.6
25301.1
25550.7
25241.4
25540.6
25840.3
25516.3
25887.2
25335.4

Vtuel
8.84
8.91
8.97
8.90
8.98
8.98
9.08
9.14
9.21
9.13
9.21
9.21
9.15
9.22
9.28
9.21
9.29
9.37
9.29
9.39
9.23

VFuEL TANK
13.87
13.87
13.87
13.87
13.87
13.87
15.6
15.6
15.6
15.6
15.6
15.6
15.97
15.97
15.97
15.97
15.97
15.97
15.97
15.97
16.34

Vinax
185.3
182.8
180.4
183.3
180.4
180.4
176.4
1743
172.2
1747
172.2
172.2
174.1
172.0
170.0
172.4
170.0
167.7
170.0
167.2
171.8

Arg
23.4
234
23.4
23.4
234
23.4
141
141
141
141
141
141
111
111
111
111
111
111
111
111
8.0

nmax,su‘
6.158
6.1
6.039
6.11
6.038
6.037
6.419
6.356
6.297
6.366
6.294
6.297
6.211
6.152
6.091
6.163
6.095
6.024
6.094
6.011
6.016

As an initial election from the satisfactory designs, the design #30 due to the lowest weight
and highest maximum velocity, the design #36, #63, #306 and #307 which have one of the
highest total root wing-body chord which the summation of the main wing root chord and the
LEX root chord and as a result thicker root section and design #57 for the highest load factor
are selected. Figure 4. 2 shows the selected wing-body geometries.

ARuying = 2.13
STOTAL:]--32m2

#30

W/S=18.03kg/m?

#36

ARying = 2.13
STOTAL:1-38m2
W/S=17.6kg/m?

Figure 4. 2 Selected Design Wing-Body Configurations.

#57

ARying = 2.4

STOTAL:1-47m2
W/S=16.84kg/m?

#63

ARying = 2.4
STOTAL:1-53m2

W/S=16.49kg/m?
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#306

AR ying = 2.32

STOTAL:1.575mZ
W/S=16.2kg/m?

#307

ARying = 2.32
STOTAL:1.635m2
W/S=15.8kg/m?



Second selection is conducted geometrically rather than performance. Longer wing-body
root chord results in thicker wing-body root and more internal volume which is a desired
property for such a slender, thin profile wing-body configuration. Although all of the designs
have sufficient internal volume for the fuel, the designs which have longer root wing-body
chord are selected over the others. As a result, design #30 and #57 which have the highest
maximum velocity and load factor, respectively are eliminated.

Final selection is conducted according to maneuver performance. Maximum load factor is
considered as a selection criteria. The highest load factor is obtained by the design #63
among others. So, the final decision is made in favor of design #63.

«0.9m

<—0.8m44

50°

60°

—10.2m F

0.15me—
|

;}A 1.55m
Lil.Zm—"—+—1.4m—>‘

< 0.96m

Figure 4. 3 The Initial Design (on the left) and The Final Design (on the right) Wing-Body
Configurations.
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6. Summary of the Final Design Properties

The final design is selected as a result of the optimization process described in the previous
section. The maximum velocity and maximum load factor are satisfied with the final design.
Table 4. 7 shows the comparison of the initial and final design according to some of the
important design and performance parameters.

Table 4. 7 Comparison of The Initial and Final Design

Parameters INITIAL FINAL
DESIGN DESIGN
¢y [m] 0.2 0.1
¢ [M] 1.55 1.4
b [m] 1.6 1.8
Ay [Deg] 60 50
CrLEx[M] 0.96 1.2
bgx[m] 0.4 0.3
Wrorar [or] 26304.3 25233.1
Vfuel [Litres] 9.97 9.21
Vrever Tank [Litres] 17.64 15.6
Vinax [M/s] 159.45 172.25
Arg [Deg] 0 14.18
nmax,sus. 421 629
Storar [M’] 1.592 1.53
ARmain_wing 1.82 2.4
Cp, 2.26 2.79
wW/S 16.52 16.49
Vstaur [M/s] 20.57 20.56
R/C [m/s] 44.95 50.17
(R/C)max [m/s] 45.18 51.33
V* [m/s] 42.24 51.59
Rmin,turn [m] 44.4 43.64
Wmax,turn [Deg./s] 54.4 67.72
(T/w) 0.808 0.843
V cruise [M/s] 87 87
VR/C,max [m/s] 92.25 994
S g.ground rolt [M] 70.16 68.09
Sa,transition [m] 29.38 29.42

As shown in Table 4. 7, the maximum velocity and load factor design constraints are
unsatisfactory for the initial design. The maximum velocity is 159.45 m/s and maximum
load factor is 4.21. The total weight is 26304.3 grams for the initial design while the final
design has a weight of 25233.1 grams which is less than the initial design. It means that
design requirements are satisfied with a lighter design. The maneuvering capability is higher
for the final design. The turn rate is increased from 54.4 deg/s to 67.72 deg/s and rate
climb is risen from 44.95 m/s to 50.17 m/s.
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7. The Final Design Geometry

In this section the modeling of the external geometry of the aircraft and modeling and
integration of the sub-systems are dealt with. CATIA software is used for designing and
assembling.

7.1 Modeling of The Wing Body Surface

The wing body geometry, in chord-wise direction, is in the form of NACA 66 006 airfoil
while in span-wise direction it is symmetrical diamond like shape.

Lofting Sections

Guide Curves

Figure 4. 4 The Lofting of the Wing-Body Geometry.

Figure 4. 4 shows the horizontal and vertical guide curves and the span-wise sections. Span-
wise sections are guided with the guise curves to give the desired shape to the geometry.

/ NACA 66 006 Profile
e —————RL || l

Figure 4. 5 The Side View of The upper Wing-Body Geometry.

Figure 4. 5 shows the NACA 66 006 profile on the upper guide curve. The chord-wise
sections are in the form of NACA 66 006 profile. Figure 4. 6 shows the joined upper and
lower lofted surfaces.
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Figure 4. 6 From Up to Bottom; The Isometric, Right and Front View of The Lofted and Joined Upper
and Lower Surfaces.

The inlet is modeled by considering the engine properties. The inlet is sized according to the
engine lip dimensions to provide sufficient air flow to the engine. Figure 4. 7 shows the

engine Inlet modeling.

Figure 4. 7 The Inlet.

Figure 4. 8 The Side View of The Inlet Part of The Geometry.
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The engine is located at the end of the aircraft due to the fact that the nozzle section of the
engine contains high temperature mass flow and it means high heat signature for the infrared
sensors. The infrared visibility of the aircraft is increased with this configuration. Another
reason of locating engine to the back side is to protect structural parts of the aircraft against
excessive heat.

Figure 4. 9 The Tails with Wing-Body Geometry.

The tail design is considered as an inclined tail configuration to provide both longitudinal
and directional stability. The tails are inclined 27 degrees inwards as given in the design
inputs. The tails profiles are NACA 66 006 as the whole wing-body chord-wise sections.

—————————

Figure 4. 10 The Side View of The Aircraft With The Tails.

The side view is shown in Figure 4. 10. The engine nozzle is outside of the structure of the
aircraft. The control surfaces are decided to be elevons as shown in Figure 4. 11.

10

Figure 4. 11 The Elevons.

\
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7.2 Structure

The structure of the aircraft consists of the internal frames and the outer skin. Frames are
made of Beech wood while the outer skin is made of balsa wood and fiber-glass and epoxy-
resin combination. The internal frames are modeled according to the conceptual frames
generated during the optimization process. The locations of the conceptual frames are taken
as reference. Minor changes for the positions are made during the detailed design phase.
Figure 4. 12 shows the internal structure which consists of the span-wise and chord-wise
frames and Figure 4. 13 shows the inside of the UAV.

Span-wise
Frames

Chord-wise
Frames

Figure 4. 12 The Internal Structure.

1. Turbojet Engine
2. Elevon Pushrods

3. Elevon Servo

4. Main Gear

5. Main Gear Servo
6. Header Fuel Tank
7
8
9
1

. Main Fuel Tank

. Nose Gear

. Nose Gear Servo
0. Avionics

Figure 4. 13 The Inside of The UAV.
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8. Static Margin Analysis

The static margin analysis which is required for the longitudinal stability is conducted in this
section. The positions of the units are shown in Table 4. 8.

Table 4. 8 The Weight Distribution.

. Weight X . Weight X
ont @ (mm ont @)  (mm)
B";“o‘fje;s\’ll’i':g' 3519 728 0 MainGear 189248 84826 0
Inlet Skin 240 156 0 Nose Gear 630.82 1950 0
Elevon 1384 468 O SeEr'veo‘;‘(’QZ) 60 15 0
Boya 1055.7 728 0 Autopilot 100 77578 0
Frames 2304.18 750.82 0 Data Modem 70 2210 0
Tail 102.33 156 90 Video Modem 70 2210 0
Rudder Pushrod 10 50 o  Da@aModem 36 2210 0
Antenna
Main Gear Dood Video Modem
Pushrod 6 0 0 Antenna 20 2210 0
NOSTDSS&;]&:;EOM 3 0 0 GPS Antenna 28 2210 80
Engine 2850 156 0 AGL Sensor 50 2210 -70
Engine Controller 200 624 0 Eleéc;r;)izrvo 20 1300 0
Fuel pump 80 624 0 LED 10 2210 10
Gas Solenoid 50 624 0  Autopilot Cables 30 910 0
Valve
Gas Tank 100 780 0 Parachute 1261.65 1560 0
Fuel Shuoff Valve 50 624 0 System Battery 300 2210 0
Engine Battery 300 2210 0 Engine Mount 80 156 0
Fuel 6910.14 832 0 Fuel Pumps 100 520 0
Fuel Tank 547.44 832 0 Payload 2000 2340 0
TOTAL 25233.1 893.76 0.31

During the optimization process some of the sub-system weights such as autopilot, modems,
antennas, cables, engine and components and battery weights are considered as inputs. The
positions are reconsidered to provide a sufficient static margin. The static margin is
considered as acceptable for values around 5%.

Initially the neutral point of the aircraft is found. The neutral point is defined as;

h Py (14 () )
n = ac . r
rorat CLa Hr da downwash
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Where;

acrorar 1S the total aerodynamic center of the main and front wing which is calculated
according to the area distribution of the main and front wing. It is calculated from;

acroraL
SLEX _ . ~ )
—STOTAL . C‘r + C‘I",LEX - (C - hnWlTlg . C) —_ (CT,LEX —_ (CLEX - hnLEX . CLEX))

c

= hnwing -

As described in Chapter 2 hn,,;, 4 and hnygy are the neutral points of the main wing and
front wing, respectively and found from the Figure 3.44 in [9]. The total aerodynamic center
is found as acyora;, = 0.1689 and the neutral point, hn = 0.1683. Detailed calculations
are shown in The Appendix section which can be found at the end of the thesis.

The static margin is defined as;

hn — (Cr + CrLEx — Xcg — lLE)

Cr + CrLEX

Static Margin (%) = +100

Where;

I, is the distance from aircraft nose to the leading edge at the mean chord. Above
calculation is valid when the dimensions are taken from the back of the aircraft due to the
fact that positions of all of the components are referenced from end point of the aircraft
instead of the nose point. [, is found from;

lLg = ¢y + Cpppx — € — ¥ - tan (Arg)

It is calculated as [;; = 1.581m and the static margin is found as %3.52 and this value is
considered as acceptable for a highly maneuverable aircraft.

The angle between the main landing gear wheel rotation center and the center of gravity of
the aircraft is found as 8.62 degrees by taking the vertical distance between the gear rotation
center and center gravity of aircraft as 300 mm. Figure 4. 14 shows the tail touch-down angle
together with the angle between the gear and the center of gravity.

Figure 4. 14 The Angle Between Center of Gravity and Wheel Rotation Center and The Tail Touch-
Down Angle.
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CHAPTER 5

PRODUCTION AND MAIDEN FLIGHT

1. Production Methodology

Initial production is conducted for a scale version of the final design. The geometry of the
aircraft together with the internal structures is scaled down to 1:2. The aircraft structure
consists of span-wise and longitudinal frames and a skin which covers internal structure.
Frames are produced from Beech plywood due to higher stiffness to weight ratio among
other wood types. The skin is formed by covering the frames with 1mm Balsa wood which is
properly shaped via a laser cutting process prior to the covering process. The outer layer of
the skin is produced by covering the surface with fiberglass and resin to provide more
stiffness. Figure 5. 1 shows the production methodology basically.

FIRST SMALL SCALE PROTOTYPE PRODUCTION

STEP 1 STEP 2 STEP 3 STEP 4 STEP5 STEP 6

PRODUCTION OF LASER CUT ASSEMBLY OF THE SURFACE FIBERING TAIL PRODUCTION, INTEGRATION
THE COMPOSITE 2D Laser cutting of FRAMES AND SKIN Covering of the INTEGRATION Engine integration,
SANDWICH the Frames and COVERING surface with fiber Composite tail Sub-system
LAMINATES Skin Pieces Joining of the and epoxy production integration
Application of wet Lyl Ly lframgs and slfin N Lyl

layout and vacuum pieces in one piece

bagging technique

FINAL PRODUCTION \

STEP1 STEP 2 STEP3 STEP4 STEPS
PRODUCTION OF FRAME PRODUCTION OF ASSEMBLY OF THE INTEGRATION
THE COMPOSITE PRODUCTION THE SKINS WITH FRAMES AND Engine integration,

SANDWICH [N 2D cutting of the Ly MOLDS SKINS BY USING [N Sub-system
LAMINATES Frames Use of the molds to MOLDS integration
Application of wet produce the Joining of the
layout and vacuum surface pieces of frames and skin
bagging technique the platform pieces by using
; molds

Figure 5. 1 Production Methodology.

The Initial scaled prototype is produced without using molds due to the fact that the design is
prone to minor changes before the final production.
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1.1 Step 1: Laser Cutting

The first step is the laser cutting of the frames and skin pieces. Skin pieces are formed by
unfolding the 3D geometry so that 2D surface pieces are obtained for laser cutting. Figure 5.
2 shows the skin divisions one the 3D geometry. Each piece is unfolded to produce 2D
geometry.

Figure 5. 2 Surface Skin Pieces on 3D Geometry.

Figure 5. Error! Bookmark not defined. shows the surface pieces which are produced from 1
mm balsa sheets via laser cutting technique. At the places where high curvature exists, the
pieces are kept narrow due to the fact that balsa can be broken due to the high curvature
during skin adhesion process.
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Figure 5. Error! Bookmark not defined. The Laser Cut 2D Surface Pieces.

The internal frames are produced in a similar way. The Beech plywood panels with 3mm
thickness are applied laser cutting to produce the internal frame sections. Figure 5. 3 shows
the span-wise and chord-wise laser cut frames.

Figure 5. 3 The Laser Cut Internal Frames.

1.2 Step 2: Adhesion of Skin and Internal Structure and Wiring

After producing the necessary components for the construction of the wing-body, the
adhesion process is applied. For accurate positioning the chord-wise frames sections which
are nearest to the symmetry line are fixed as in Figure 5. 5. Before covering the frames the
cables are located inside as in Figure 5. 4.
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Figure 5. 4 The engine and servo cables located inside of the UAV.

Figure 5. 5 The Internal Frames are Fixed.

1.3 Step 3: Surface Fibering

After the skin and the frames are stuck with each other, the surface is reinforced with
80 gr/m? E-glass and epoxy-resin for higher stiffness. Figure 5. 6 shows the surface after
the surface covering process. The white color is obtained by mixing the epoxy-resin with
white color pigment which is applied to the mixture with a ratio of %5.

Figure 5. 6 The Surface is applied e-glass and epoxy resin.
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1.4 Step 4: Tail Production and Integration

The tail is considered as a passive stability device for the UAV as stated in previous
chapters. The whole tail is produced from foam with E-glass combination. Initial tail
geometry is given to the foam block and the surface is reinforced with 80 gr/m? E-glass and
epoxy-resin as in the wing-body. Figure 5. 7 and Figure 5. 8 show the tails before and after
the sanding and fibering process, respectively.

Figure 5. 8 The Left and Right Tails after the sanding and fibering process.
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1.5 Step 5: Landing Gear and Electronic Equipment Deployment

The main and nose landing gears are located as in Table 4. 8 . Before landing gear
deployment the necessary gear doors are opened. The radio control receiver, gear controllers,
and batteries are located at the nose section of the UAV.

Figure 5. 9 The Landing Gears are deployed.

2. Maiden Flight

The maiden flight is conducted with the initial scaled prototype. The flight runway is located
at Mamak in Ankara. Figure 5. 10 and Figure 5. 11 show some pictures during the flight
day.

86



Figure 5. 10 The initial prototype is ready to fly.

Figure 5. 11 The initial prototype is controlled with remote controller by a pilot.

Figure 5. 12 The initial prototype is on the takeoff run.
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Figure 5. 13 While the initial prototype in the sky.

The flight has taken approximately 2.5 min. The takeoff and flight are conducted
successfully. Takeoff distance was approximately 70-80 m. The aircraft longitudinal stability
was as desired. The high maneuvering capability of the aircraft was clearly observed.

2. Weight Comparison

After the initial prototype production, the estimated weight and the measured weight are
compared. Due to the fact that the weight estimation is heavily based on the sample
structural inputs and they are obtained from the sample plates which are produced prior to
the production of the prototype, the estimated weight is expected to be quite close to the
measured one. Table 5. 1shows the comparison of estimated and measured weights.

Table 5. 1 The Weight Comparison

Unit Estimated Weights (gr)  Measured Weights (gr)
Aircraft (Structural) 1889.89 1835
Battery 700 700
Engine 450 450
Electronics 410 410
Main Gear 287.54 250
Nose Gear 95.84 100
TOTAL 3833.96 3745

The estimated values in Table 5. 1 are obtained by using the small scale prototype
parameters. The small scale prototype is 1:2 scaled version of the final design.
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CHAPTER 6

CONCLUSION

In this thesis study design of a high speed target drone which is capable of flying at 0.5 Mach
is conducted. Total flight time is set to 30 minutes. The engine is selected as a single turbojet
engine which gives 230 N of thrust at sea level. The takeoff is performed on the runway
while landing can be performed via parachute. Fuel tanks are located inside of the wing-
body. Engine nozzle is located outside of the wing-body to increase the heat signature.
Passive tail surfaces are inclined inwards for longitudinal stability. Control surfaces are
selected as elevons.

The slender wing-body geometry is assumed to be a combination of the main wing and front
wing which is called as LEX (Leading edge extension) in this thesis. The total lift curve
slope is calculated by considering the virtual wing in up-wash and virtual horizontal tail in
down-wash. The lifting contribution of the virtual wing and horizontal tail is quite lower than
the main wing. The projected area of the tail which is considered as the virtual horizontal tail
area is inadequate to have a considerable effect on the total lift curve slope. The aspect ratio
of the wing is intentionally kept low to benefit from the vortex lift which is effective at high
angles of attack. Low aspect ratio delta wing configuration also provides better structural
stiffness than a conventional moderate aspect ratio wing.

Design parameters are divided into the constant design parameters which are not changed
during the optimization process and the variable design parameters which are changed
during the optimization. Variable design parameters are selected as to define the basic wing-
body planform geometry. Increasing the number of variable design parameters causes more
calculation time because of the iterative calculations. In this thesis 729 design cases are built
with six variable design parameters.

The optimization process is conducted by assigning the each design case parameters to the
corresponding cells in the Excel file and writing the results to a new file. The key point for
optimization process is to find a good starting point since the optimization is conducted
around the initial design parameters.

The total weight is heavily dependent on the cruise time input which forces the mission
profile to generate the necessary fuel amount for the given input. Sample structural weights
are considered as design inputs. In this thesis, the design methodology does not include
structural modules to check whether the generated geometry is satisfactory for the pre-
determined g loads or not. Instead, sample structural weight inputs which are determined
experimentally prior to the design process are used to satisfy the structural stiffness. To
determine these inputs sample structures are built and checked whether they are satisfactory
for the desired g loads prior to the final design.

89



Production is started with 3D modeling of the aircraft. The skin is divided into pieces and
unfolded for the 2D laser cut process. Wooden panels are used to produce the internal
frames. During the assembly of the frames the positioning is important to eliminate shifting
of the frames. So, the longitudinal frames are fixed by using a fixture which is produced
according to the longitudinal frame geometry.

Maiden flight is performed with the initial design scaled prototype. The scale factor is
determined to be 1:2. The high maneuvering capability of the UAV is observed during the
flight. The longitudinal stability of the aircraft is observed as satisfactory.

As a future work following remarks are determined;

L

The scale version of the final design is planned with the integration of the
turbojet engine.

The verification of the performance parameters such as maximum speed, cruise
time and maneuvering capability is supposed to be conducted.

The deployment of avionics including the autopilot and radar systems may be
done.

The cruise time may be increased by removing the parachute option.
Alternatively, landing gears may be removed by introducing the catapult lunch
and parachute recovery.

Thrust vectoring option may be considered to increase the maneuvering
capability.

To increase the lifting performance a thicker airfoil may be selected.

The vertical tail area may be increased for better lateral stability.

Skin can be produced by using molds instead of covering the frames with pre-
produced skin pieces.
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APPENDIX A

INITIAL DESIGN CALCULATIONS

In this appendix the initial design calculations are performed for demonstration purpose only.

ALWEIGHT ANALYSIS

In this appendix the initial design weight analysis is demonstrated step by step. All of the
formulation is given in Chapter 2.

Total weight is calculated from the equation;

Wo = WroraL = Wempty + quel + Wpayload

Aircraft total weight;

Wempty = Wwing boay + Weait + Wsys_internai
The weight of the wing-body;

Wwing body = Whiended wing + Winiet + Wyaine
The weight of blended wing-body;

Whiended wing = Wwing_skin + Wrrame
The weight of skin;
Wwing_skin = 23" SroraL" Ws_skin

By using the design inputs the total wing-body area is calculated as;

_(ert+c) b (crpiex + Cerex) - brex

Srorar =S = Smain_wing + SLEX = 2 2
1.554+0.2)-1.6 096+0)-0.4
_( +2 )16 ( +2 )04 _ 4 s92m?

Then the skin weight;

Wiping skin = 23+ (1.592) - (1000) = 3661.6gr
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The total frame weight is found as;

Wframe = Wsp_frame + Wlng_frame + Win_frame

The number of span-wise frames parameters is selected as Ng, ¢ = 30. That is 30 span-wise

frames are located in the aircraft structure. By using the method described in Chapter 2
following table is constructed. The longitudinal position parameters of the frames and fill
ratio parameters are design inputs.

Table Al. 1 Location and Weight Distribution of the Span-wise Frames

Frame(i) Wsp_frame ) Ssp_frame(i) x(i) Ffill(i)
Frame 1 43.630674 0.0218153 62.75 1
Frame 2 49.698006 0.024849 112.95 1
Frame 3 56.561069 0.0282805 163.15 1
Frame 4 64.060091 0.03203 225.9 1
Frame 5 70.879943 0.03544 276.1 1
Frame 6 74.488524 0.0372443 301.2 1
Frame 7 81.867809 0.0409339 351.4 1
Frame 8 95.841576 0.0479208 451.8 1
Frame 9 78.996422 0.0526643 539.65 0.75
Frame 10 162.35805 0.0541193 577.3 15
Frame 11 167.88252 0.0559608 665.15 15
Frame 12 83.388422 0.0555923 753 0.75
Frame 13 79.518491 0.0530123 845.87 0.75
Frame 14 72.887202 0.0485915 938.74 0.75
Frame 15 64.453992 0.0429693 1029.1 0.75
Frame 16 54.652376 0.0364349  1119.46 0.75
Frame 17 43.928802 0.0292859 1209.82 0.75
Frame 18 32.598004 0.021732 1300.18 0.75
Frame 19 20.891119 0.0139274 1390.54 0.75
Frame 20 0 0 1550 0.75
Frame 21 0.8232096 0.0005488 1543.65 0.75
Frame 22 40.33631 0.0268909 1631.5 0.75
Frame 23 35.231592 0.0234877 1719.35 0.75
Frame 24 30.018381 0.0200123 1807.2 0.75
Frame 25 24717576 0.0164784 1897.56 0.75
Frame 26 19.664689 0.0131098 1987.92 0.75
Frame 27 15.005964 0.010004 2078.28 0.75
Frame 28 10.804856 0.0072032 2168.64 0.75
Frame 29 7.0417906 0.0046945 2259 0.75
Frame 30 3.7042498 0.0024695 2349.36 0.75

Table Al. 1 shows the weight, area, fill ratio and position parameters of the span-wise
frames. The position and fill ratio parameters are the inputs for the calculation. The
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calculation is performed according the formulas described in Chapter 2. The total weight of
span-wise frames;

30
Wep frame = z Wep._rame (i) = 1585.93gr

=1

The weights of longitudinal frames are calculated for the main wing and the front wing. The
number of longitudinal frames in main wing parameter is selected as Ny, sp ¢ = 3 While

wa_sp_f =1

Wlng_frame = Wmw_ing_frame + wa_lng_frame

Table Al. 2 Location and Weight Distribution of Longitudinal Main Wing Frames.

Frame(i) me_lng_frame(i) Smw_lng_frame(i) y(i) Ffill(i)

Long. Framel 18.90436 0.009452 640 1
Long. Frame2 55.61158 0.027806 440 1
Long. Frame3 142.4408 0.07122 152 1
Long. Frame3S 142.4408 0.07122 -152 1
Long. Frame2S 55.61158 0.027806 -440 1
Long. FramelS 18.90436 0.009452 -640 1

3
me_lng_frame =2 Z me_lng_frame (l) = 433.91gr

i=1
Table Al. 3 Location and Weight Distribution of Longitudinal Front Wing Frames.

Frame(i) wa_lng_frame(i) wa_lng_frame(i) y(i) Ffill(i)
Long. Frame4 52.98435 0.017661 66 1.5
Long. Frame4S 52.98435 0.017661 -66 15

1
wa_lng_frame =2 z walngfmme (i) = 105.97gr
i=1

The total weight longitudinal frames;

Wing frame = Wmw_ing_frame + Wrw_ing_frame = 433.91 + 105.97 = 539.88gr

The weight of inlet frames are calculated for N;, ¢ = 5
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Table Al. 4 Inlet Frames

Frame(i) Win_frame(i) Sin_frame(i) Ffill(i)
Inlet Framel 30.410617 0.0152053 0.4
Inlet Frame2 30.410617 0.0152053 0.4
Inlet Frame3 30.410617 0.0152053 0.4
Inlet Frame4 30.410617 0.0152053 0.4
Inlet Frame5 30.410617 0.0152053 0.4

5
Win_frame = Z Win_frame(i) = 152.053gr

=1
The total frame weight;

Wrrame = Wep_rame + Wing_frame + Win_frame = 1585.93 + 539.88 + 152.053
= 2277.863gr

The weight of inlet skin is calculated as;

VVinlet =22 Rinlet ' linlet ' Ws_skin =2-2m" (011) ' (0274) ' (1000) = 3784‘91'

The weight of paint;

Wiaine = 2.3 (Srorar) * Wi paine = 2.3+ (1.592) - (300) = 1098.48gr

The weight of the blended wing-body;

Whiended wing = Wiving skin + Wrrame = 3661.6 + 2277.863 = 5939.463gr

The weight of the wing-body;

Wwing body = Whiendea wing + Winiet + Wpaine = 5939.463 + 378.4 + 1098.48
= 7416,343gr

The weight of the tail is as follows;
Wiait = 2 Stair Ws_tail
The area of the tail is calculated as follows;

The vertical tail height;
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Cr tail — Ct tai 0.45 - 0.096
htail — rtail t,tail T _ - 0. 252m

- o 1
tan (Apg tair) — tan (66) — tan (507

tan (Arg tair)

Then the tail area by considering two tails ;

Cr,tail + Ct,tail) — 2 i 0 252 . (0.4’5 + 0.096

= 0.1378m?
2 2 ) m

Stait = 2" Reqir (
Then the tail weight;
Weait = 2 Seqit* Ws tau = 2 (0.1378) - (1000) = 275.59gr
Then the aircraft structural weight is found as;
Waircrare = Waing pody + Wean = 7416.343 + 275.59 = 7691.933gr

The internal system weight includes the weight of, landing gear and parachute and fuel tank
calculation is conducted iteratively since the total weight which is an output of the weight
analysis is an input for the mission profile.

The system weight;

Wsys_internal = Wmain_l _gear + Wnose_l_gear + Wengines + Wengine_comp + Wavionics
+ Wbatteries + Wparachute

Table Al. 5 shows the internal system weight build-up.

Table Al. 5 The internal System Weight Build-up

Unit Weight (gr)
Engine 2850
Engine Controller 200

Fuel Pump 80

Gas Solenoid Valve 50

Gas Tank 100

Fuel Shutoff Valve 50

Fuel Tank 558.204
Engine Mount 80

Fuel Pipes 100
TOTAL Engine Component 1218.204
Main Landing Gear 1941.051
Nose Landing Gear 647.017
Servos 60
Autopilot 100

Data Modem 70

Video Modem 70

GPS Antenna 28

AGL Sensor 50
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Table Al. 5 (continued)

Servo Cables 20
LED 10
Autopilot Cables 30
TOTAL Avionics 438
Engine Battery 300
System Battery 300
TOTAL Battery 600
Payload 2000

The landing gear and parachute weights;

W... . — Wm.gear / W
main_l_gear WTOTAL TOTAL
W, — Whose gear / ‘W
nose_l_gear WTOTAL TOTAL

Wparachute = 0.05* WroraL

By combining the aircraft, internal system and payload weights;

Wrorar = Wempty + Wpayload + quel
= 7691.933
+ [(0.075) - 25880.679 + (0.025) - 25880.679 + 2850 + 1218.204
+ 438 + 600 + (0.05 - 25880.679)] + 2000 + 7117.43 = 25880.67

The fuel weight, landing gear weights and parachute weights are calculated according to the
mission profile. The calculations of the values are presented in the next sections.

A2. AERODYNAMIC ANALYSIS

In this appendix the initial design aerodynamic analyses are demonstrated step by step. All of
the formulation is given in Chapter 2.

A2.1 Initial Design Geometric Calculations

The geometric properties of the wing-body and LEX are presented here.

The main wing area;
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_(crtc) b (155+02)-16

Smain_wing = > > 1.4m?

The aspect ratio of the main wing;

ARmain_wing = b = (16)" =1.828

- Smain_wing 14
Taper ratio;
A= & = E =0.129
c. 155
Sweep angle at quarter chord;
Ac/4 = atan (E “tan(Apg) + fe” Cr) = atan (2 . tan(60°) + 02_—155) =52.65
2 2b 2 2(1.6)
Sweep angle at semi chord;
A¢jp = atan (g ~tan(ALg) + L ; Cr> = atan (@ -tan(60") + 021_—6155> =41.62°
Mean aerodynamic chord;
2 1442 2 14 0.129 4 (0.129)2
C=§Cr1—H=§(1'55) 170129 = 1.0458m

The position of the mean aerodynamic chord in spanwise direction;

_ b14+2x 1.61+2(0.129)

Y=61+x 6 140129 _ 297m
Similarly for the virtual front wing, LEX;
The LEX area;

S gy = (CrLEx + C;LEX) " bLEx _ (0.96 +20) 0.4 — 0.192m?

The aspect ratio of the LEX;

bfEx _ (0.4)?

AR py = —2
LEX = g ex  0.192

= 0.8333

Taper ratio;

CtLEX 0
A = — =—=0
LEX Cr,LEX 0.96

Sweep angle at quarter chord;
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brex Ct,LEX — Cr,LEX
AC/4,LEX = atan (T ) tan(ALE’LEx) + —>

2bLEX

= at (0'4 tan(78.23") + 0- 0'96) = 74.48°
= atan 2 an . 2(0.4) = .
Sweep angle at semi chord;
brex Ct,LEX — CrLEX
AC/Z,LEX = atan ( ) . tan(ALE’LEx) + —b d )
LEX
= at (0'4 tan(78.23°) + 0'96) = 67.38°
= atan 5 an . 0.4 = .
Mean aerodynamic chord,;
2 14 Apx + Aex® 2 140+ 02
C =— ==(096)——— = 0.64
CLEX 3Cr,LEX T+ Apx 3( ) 1+0 m

The position of the mean aerodynamic chord in spanwise direction;

Jipx = X T AAEX A  0.06667
Y = e t Agx 6 140 m

The total wing-body area;

STOTAL =S = Smain_wing + SLEX =144092 = 1592m2

The tail geometric properties are calculated as follows;

The vertical tail height;

o —Cr 0.45 — 0.096

htail _ r.tail ttail - — T = 0.252m
an (eeai) ~ Gn Agan 2 66) ™ fn 507

The tail area;

Crtail + Cttai 0.45 + 0.096
Stail = hiail * ( rtail t,tall) — 0.252 (

= 0.13779m?
2 2 ) m

Aspect ratio of the tail,

AR - Zhei)® _ (2-0.252)7
al = g o 013779

= 1.8489

Taper ratio of the tail;
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Ct,tail — 0.096 — 0 213
Cr tail 0.45 .

Atail =

Sweep angle at quarter chord;

3 Crtail — Cttail 3 0.45—0.096 .
Ac/4,tai1 = atan (Z . %) = atan (Z . W) = 64.62

Sweep angle at semi chord;

1 Crail — Cetail 1 0.45—0.096 .
AC/Z,tail = atan (E ' %) = atan (E . W) = 5456

Mean aerodynamic chord of the tail;

2 14+ At + Aeait® 2 1+0.213 4+ 0.213?
Ciai] — — : =—=(0.45 = 0.311m
Ctall 3 Cr,tall 1 4+ Atai] 3 ( ) 1 + 0.213

The position of the mean aerodynamic chord in spanwise direction;

o _025214200213)
Yail = =377 10213 oo™

A2.2 Air Properties

Air properties are formulated according to the air properties inputs.
The densities;

Ptakeoff = ((1 —6.875-107°-3.2808 - htakeoff)4'2561) " Po
= ((1-6.875-107°-3.2808 - 1000)*2561) - 1.225 = 1.111647 kg/m3

Pcruise = (1 — 6.875 - 107 -3.2808 - hcruise)4'2561) " Po
= ((1-6.875-107¢-3.2808 - 1700)*2561) - 1.225 = 1.037207 kg/m?

Pdescent = ((1 —6.875-107°-3.2808 - hdescent)4'2561) " Po
= ((1-6.875"- 107¢-3.2808 - 1100)4'2561) -1.225 =1.10077 kg/m3

Pcruisez = ((1-6.875- 107°-3.2808 - hcruise2)4'2561) "Po
=((1-6.875"- 107©-3.2808 - 2300)4'2561) -1.225 = 0.976491 kg/m3

Pcruises = (1 — 6.875- 107°-3.2808 - hcruise3)4'2561) "Po
=((1-6.875"- 107©-3.2808 - 3800)4'2561) -1.225 = 0.836573 kg/m3

The temperatures;
Teruise = (1 — 6.875 1076 - 3.2808 - hpyise) * To
=(1-6.875-107°-3.2808-1700) - (288.16) = 277.11K
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Teruisez = (1 — 6.875- 107°-3.2808 - heruisez) * To
= (1-6.875-107°-3.2808 - 2300) - (288.16) = 273.211K

Teruises = (1 — 6.875 107°-3.2808 - heruises) * To
=(1-6.875-107°-3.2808-3800) - (288.16) = 263.462K

The viscosities;

3 1
Weruise = 1.458 - 10_6 ) (Tcruise)2 ) (m)
3 1
_ .10-6. 2 -
1.458-107° - (277.11) (277.11 + 1104

) = 1.736E7> (Pa-s)

3 1
Heruisez = 1.458 - 1076« (Teryise2)? - (TcruiseZ T 110.4>
3 1
_ .10-6 . 2 -
1.458-107° - (273.211) (273.211 +110.4

) = 1.716E~% (Pa-s)

3 1
Ucruisez = 1.458-107°- (Tcruise3)2 ) (Tcrui563 + 1104)
3 1
=1.458-10"°-263.4 2§-<
>8-107"-263.4622 (o 1104

) = 1.668E7> (Pa" s)

The Reynolds Numbers (mean chord is taken for the main wing);

T 1.0458

Recruise = Peruise * Veruise " ——— = 1.037207 - 87 - W = 5451666

Hcruise

C 1.0458
= 0.976491 - 87 - ———— = 5190057

Recruisez = Pcruise2 'VCFUiseZ . cruise2 L716E7
z 1.0458
Recruise3 — pcruise3 . Vcruise3 . ucruiseg = 0836573 . 87 . —1668E—6 = 4576130
The Mach Numbers;
Voo 87
Meruise = cruise = = 0.260728
\/y ‘R Teruise V1.4-287-277.11
Voo 87
cruise = 0.262582

M . = =
cruise2 \/Y R Torure V1.4-287-273.21

V(:ruise3 87

Mo _ = 0.267396
TUSEET YR Toruises  V14- 287 - 26346
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A2.3 Lift Curve Slopes

The lift curve slopes are calculated for the so called front wing, main wing and the tail. The
total lift curve slope is calculated by assuming tail is in downwash while front wing is in up-
wash. The formula is shown as;

L, =C C () (% C SLEX (4
Lo = CLoyy T CLoy " MH ?( —(£>downwash>+ Laggy TLEX " g (

(dE) )
da upwash

The wing-body or blended wing body lift curve slope is calculated as;

L“WB

2
dfuselage dfuselage
= CLaW -1 1-0.25 b + 0.025 5

0.078986)2 c (0.078986)

=Cc_ -|1- 0.25(
Law 1.6 1.6

= 2.132076 (rad™?1)

The virtual fuselage diameter is calculated from the inputs;

dfuselage = \/41-[ " Wfyselage * hfuselage = \/4“' (0.07) - (0.07) = 0.078986m

The lift curve slope of the wing;

2T[ARmain_wing

Law Iy 2
24 \/(ARmain_;ving) BZ . (1 n tanzlz\c/2> 44
K B
21m(1.828) 1
= = 2.130972 (rad™)
24 (1.828)20.9654132 ) (1 tan241.62) 44
0.8758062 0.9654132

Where;

B= [1—Mguise> =+1—0.2607282 = 0.965413

B Cigwi 0.965413) - 5.7
K= awing _ ) = 0.875806
2T 2T

Mach number;

87
) S = 0.260728
cruise T J1.4-287-277.11
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Tail lift curve slope is calculated by introducing the virtual horizontal and vertical tails due
to the fact that the inclined tail is similar to the V-tail configuration.

The aspect ratio of the virtual horizontal wing;

(2 heait - €05(90 — a; ga1))” _ (20252 cos(90 - 27))°

= 0.84031
Stail HT 0.0626

AR ot =

The area of the virtual horizontal tail;

Stail HT = Stail - €0S(90 — Qi ai1) = 0.13779 - cos(90 — 27) = 0.0626m?

The sweep angle at the semi chord;

1 Crtail — Cttail 1 0.45 — 0.096

Ac/2,tail_HT = atan ET = atan EW = 57.059

2 2

The span of the virtual horizontal tail;

bHT = \/ARtail_HT . Stail_HT = \/084‘031 -0.0626 = 0.229m

Similarly, the aspect ratio of the virtual vertical wing;

(2 gy $in(90 — o))’ (20252 - sin(90 — 27))°
Stail vT B 0.1227

ARl vt = = 0.6469

The area of the virtual vertical tail;

Stail vT = Stail * SIN(90 — &; i) = 0.13779 - sin(90 — 27) = 0.1227m?

The sweep angle at the semi chord;

1 Crtail — Cttail 10.45—-0.096 o
Ac/z,tail_VT = atan Em = atan 502248 = 38.217

2 2

The span of the virtual vertical tail;

AR o S V0646901227
htau_w=‘/ ta“‘VZT ILVT : = 0.2248m

The lift curve slope is then;
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2mARtail HT

M 2
94 J (ARairnt) B? <1 _I_tanzAc/Z,tail_HT) 14

Loy

Keail2 B2
211(0.84031)

(0.84031)2(0.965413)7_ ( tan2(57.059)>
2+ 0.8758062 1+ 5565213z ) T4

= 1.134376 (rad™1)

B-C .y 0.965413-5.7
Ktail = 21°T"ta“= - — 0.875806

The downwash factor is found from,

(de‘ ) - de| Plawi _ (0.9711334) - 220972 _ 9650918
daly — daly=o Cro,, B 2.144756

wnwash
do as M=o

de
a‘M:O = 4.44 [KA Ky Ky fcosAc/4]

1.19
= 4.44 [(0.283016) - (1.373272) - (0.92109)w/cos(52.65°)]
=0.9711334

1.19

_ 1 1 1 1
AR main_wing 1+(ARmain_wing)l'7 1.828 1+ (1.828)17

Ka = 0.283016

_10-3% _ 10 —3(0.129)

Ky = = 1.373272
A 7 7
1— heaig vt 1— 0.2248
Ky = b__— 16 __ 092109
(21taﬂ)§ 2(0.65)\3
b 16

The wing lift curve slope for M = 0;

2T[ARmain_wing

C j—

o (AR )’ B2 tan2A

2+ g (1 =g C/2> +4
21(1.828
B (1 828)212( : 241.62 = 2.144756(rad™)

. tan .

2+ 70907182 (1 Tz ) +4
Where;
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B= 1_Mcruisezz\/l_ozzl

B Cly i 5.7
K=—>"N8 _~" —0.90718
2T 2T

The lift curve slope of the LEX is calculated by assuming the front wing is similar to a
canard.

ZTUXRLEX

M
24 (ARLgx)?B? . 1+tan2AC/2,LEX +4
KLEX?

L“LEX
BZ
21(0.8333)

(0.8333)20.9654132 (1 +tan2(67.38°)) 4
0.8758062 0.9654132

= 1.012461 (rad™1)

2+

B-Clerex (0.965413)-5.7
R 2m

= 0.875806

de

= 0.1 according to the Figure A2. 1 .
d"‘)upwash g g

The up-wash parameter is taken as (

COPIED FROM: REF. 9

4

e

J
7
S~wn

3 X t

4 |

‘ A

PV

7 !

— e t
u; = -
20 16 12 & 4 T} -4 -8

DISTANCE FORWARD OF ROOT QUARTER-CHORD POINT IN ROOT CHORDS

Figure A2. 1 Wing Up-wash Gradient. (Copied From Ref. [5])
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A2.4 Maximum lift Coefficient

The maximum lift coefficient is calculated by using the Figure 2.26.
CLmax = 0.9 Cjmax = 0.9-(0.82) = 0.738

A2.5 Parasite Drag Coefficient

The aircraft parasite drag coefficient is calculated for the main wing, the virtual fuselage and
the tail.

The total parasite drag coefficient;

_ Z(CFC "FF.-Qc- Swetc)

DOsybsonic —

Sref + Cdmisc + CdL&P

For turbulent flow;

_ 0.455
F™ (log1oRe)258(1 + 0.144M2)0.65

For wing and tail surfaces;

0.6 /t t\4
FF=|1+ —( ) + 100 (E) - [1.34M°18 (cosA ,,) 28]

(),

For the fuselage;

FF=1+ %0 + f
f3 400

fe 1

- d
The parasite drag coefficient for the wing;
c _ 0.455
FWing ™ (log,oRe)258(1 + 0.144M2)0-65

0.455

= 0.0032953

~ (log105451666)258(1 + 0.144(0.260728)2)065
06 (t £y 0.18 0.28
FFwing =1+ X—(E) + 100 (E) . [134M ’ (COSAm) ) ]
©.
= [1 + 06 (0.06) + 100(0 06)4]
B 0.459 * '
-[1.34(0.260728)%18(cos(42.087))%28] = 1.0449131
|
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Swetwing = 2-1* StoTaL = 2.1-1.592 = 3.3432m?

CEwing " FFwing * Quing * Swetying, _ (0.0032953) - (1.0449131) - 1 - 3.3432

C =
DOwing Spef 1.592
= 0.007230953

The interference factor for the wing, Q.ing is taken as 1.

The parasite drag coefficient for the tail;

0.455

C g o=
Frail ™ (log,oRe)258(1 + 0.144M?2)0-65
0.455

~ (log191618245)258(1 + 0.144(0.260728)2)05

= 0.0040668

0.6 [t t\*
FFan = |1+ W(E) +100 (E) - [1.34M%18(cosA ) 28]
c m
0.6 ]

_ 4
— [1 + 5225 (0.06) + 100(0.06)

-[1.34(0.260728)%18(cos(57.97))*?8] = 0.9515912
Swetey = 2.1 Stait = 2.1+ 0.13779 = 0.2893767m?

oo Cran FFiai Quail Swetiy _ (0.0040668) - (0.9515912) - 1 - 0.2893767
DOcil — Sref - 1.592
= 0.000703442

The Reynolds Number for the tail;

R = V < - 1.037207 - 87 0311 = 1618245
€tail = Pcruise * Vcruise Weruise = & 1.736E-6

The parasite drag coefficient for the virtual fuselage;

0.455

C =
Ffuselage ™ (1og; yRe)258(1 + 0.144M2)065
0.455

~ (log1013049834)258(1 + 0.144(0.260728)2)065

= 0.0028612
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60 f 60 16.67

o .00 f . =1.0546267
fuselage + 3 + 400 + 16.673 * 400
1251 _ 1667
“d 0.1506 '

The virtual fuselage diameter is calculated as;
t
d= (E) - (er + crLex) = 0.06 - 2.51 = 0.1506m

=21-d-1=21-0.1506-2.51 = 0.7938126m?

SWe'cfuselage

CFfuse]age ! l:‘Ffuselage ! quselage ' SWetfuse]age

CDOfuselage -

Sref
_ (0.0028612) - (1.0546267) - 1 - 0.7938126

1592 = 0.001504626

The Reynolds Number for the fuselage;

C 2.51
Refuselage = Pcruise * Veruise * m = 1.037207 - 87 W = 13049834

The mean aerodynamic chord is taken as; € = ¢, + ¢, gx due to the fact that the virtual
fuselage length is actually the sum of the main wing root chord and the LEX root chord.

The total parasite drag coefficient;

CDO,TOTAL = CDO,wing + CDO,tail + CDO,fuselage = CDO,wing + CDO,tail + CDO,fuselage
= 0.007230953 + 0.000703442 + 0.001504626 = 0.009439022

The lift to drag ratio at cruise conditions are found as;

CL CL,cruise
. 2

o -

cruise CDOTOTAL + kCL,cruise

The cruise lift and drag coefficients are found from below equations;

CL,cruise -

2-Wroran/S _ 2-9.81-26.112/1.592

= 0.04099
1.037207 - 872

2
cruise Vcruise

1 1
k= = = 0.2253297
T e ARmain wing T 0.772929 - 1.828

The span efficiency factor for Aig > 30 deg.;

0.68
e =461 (1 - 0.045(ARmain wing) ) - (cos (Ag))**® — 3.1

= 4.61- (1 — 0.045(1.828)°%8) - (cos (60°))*"° — 3.1 = 0.772929
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The drag coefficient;

Cp,eruise = Coororar + K* (CLeruise)” = 0.009439022 + 0.2253297 - (0.04099)>
= 0.0098176

A3.PERFORMANCE CALCULATIONS

In this section performance calculations are shown step by step.

A3.1 Stall Velocity

The wing loading of the aircraft;

W 9.81-26.112

— 2
S 1597 = 160.908 N/m

Stall velocity is calculated at the cruise altitude as follows;

A3.2 Turn Performance

Corner velocity is found as V* = 42.24m/s in previous section.

Maximum turn rate is calculated as;

2
g,/nwmax 1 9g1vaz452 =1
— = = 54.88 deg/s

@max = v = 42.24

Minimum turn radius;

R v (42.24)° 44,102
—— = = . m
M e M — 1 9.81V4.2452 — 1
Maximum bank angle;
1 o
D max = acos (nmax> = acos (4.245) = 83.03
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A4.MISSION PROFILE CALCUALTIONS

In this section the mission profile calculations are demonstrated in detail.

A4.1 Takeoff Ground Roll: Segment 0-1

Figure A4. 1 shows the Ground roll distance, S, , the initial velocity, V; o, and the final
velocity, Voq.

T
|
| |
Vion S; Vio
Figure A4. 1 Takeoff Ground Roll

By taking the initial velocity zero and the takeoff rotation time N = 1, the takeoff distance is
calculated as;

2
= 1 (KT +Kp - vfém) FN-Vio,
gKa Kt + Ka - Vo1
_ 1 I <0.784754 + (=3.26E7%) - 25.7472)
2(9.81)(—3.26E75) 0.784754 + (—3.26E~5) - 02
- (25.747) = 69.408m

Where;

p
Kp = 2W/S) [:Cro — Cpo — k- CEo]

= 1111647 [0.03-0 —0.009439022 — 0.2253297 02] = —3.26E7°
"~ 2(160.908) " ' ' T
Ta
Ky = (—) —p, = 0.814754 — 0.03 = 0.784754
w takeoff

ptakeoff> — 230 (1.111647

1275 ) = 208.71337 N

TA,takeoff = TA,O ' (
Po

Ta 208.71337
(—) = 0.814754
takeoff

w T 26.112-9.81
The final velocity on the takeoff leg is calculated as;

Vio1 = 1.3 * Vg = 1.3 - 20.505 = 25.749m/s
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The time, tyq, to accelerate to Vgo, from V; o4;

28, 2(69.421)

0= Vo | 25749 S

Total weight after the takeoff;

W, =W, — (Ct,ground_roll) ' TA,takeoff “to1
= 256.20098 — (0.00049719) - 208.71337 - 5.392 = 255.64144 N

The thrust specific fuel consumption during takeoff ground roll is calculated as follows;

WF 0.01057801
_ ground_roll _ _
Ctground_roll = Toround roll (208.71337) = 0.00049719 (1/s)
( ) 9.81

g

From the engine model,

RPM = 0.0010673 - (230)7 — 0.099774 - (230)® + 3.7964 - (230)°> — 75.755 - (230)*
+ 855.69 - (230)3 — 5597.3 - (230)? + 23412 - (230) + 18776
= 107816.5

The equivalent thrust for the ground roll;

Po
Ptakeoff

1.111647

) = 208.71337 - ( ) = 230N

Ty = TA,takeoff' (

The fuel flow is calculated as;

WF = —3.5E-28 - (107816.5)® + 1.33E-22 - (107816.5)° — 1.96E~17 - (107816.5)*
+ 1.43E-12 - (107816.5)% — 5.48E~8 - (107816.5)% + 0.0010834

gr kg

- (107816.5) — 7.147 = 10.57801 (?) = 001057801 ()

A4.2 Transition: Segment 1-2

Figure A4. 2 shows the transition section. S, represents the distance to clear an obstacle with
a height of hyps.

Figure A4. 2 The Transition
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The transition distance is calculated form;
S, = R sin(B,ps) = 88.1754 - sin(19.3875) = 29.2703m

The climb radius;

Vitz + Vei2\® /25747 + 27.7281\2
e I ; )

R = = = 88.1754
g-(n—1)  9.81-(1.826489 — 1) m
Where;
1 Viiz + Vi) 2
7P S Clpnax (—1'12 > f’“) 21111647 - 1.592 - 0738 - (22747 + 27.7281)
n= w - 205.60736
= 1.826489

Vi 12 is the initial speed at the start of the section and Vg 4, is the final speed at the end of the
section.

Vi,12 = Vf,Ol = 25747m/5
Veip = 14+ Vg = 1.4 - 20.505 = 27.73001m/s

The climb angle is calculated by taking the obstacle height as 5m as defined in t he input
parameters;

hobs

5 o
R ) = Acos (1 — m) = 19.3875

Bops = Acos (1 -

The time, ty1, to accelerate to Vg1, from V; 1,;

oo % _ 2(29.2703)
27 Vo + Vi, 27.7281 + 25.747

= 1.0947s

Total weight after the transition;

W, =W; — (Ct,transition) ! TA,transition "ty
= 255.641 — (0.00049719) - 208.71337 - 1.0947 = 255.527N

The thrust specific fuel consumption during transitionl is calculated as follows;

_ WFyansition _ 0.01057801

Cttransition = (Ttransiton> = (208.71337) = 0.00049719 (1/s)

g 9.81

From the engine model;
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RPM = 0.0010673 - (230)7 — 0.099774 - (230)® + 3.7964 - (230)5 — 75.755 - (230)*

+855.69 - (230)3 — 5597.3 - (230)? + 23412 - (230) + 18776
=107816.5

The equivalent thrust for the ground roll;

T. =T . Po
0 — lAtransition
Ptransition

) = 208.71337: (1.111647

) = 230N
The fuel flow is calculated as;

WF = —3.5E728. (107816.5)° + 1.33E722 - (107816.5)°> — 1.96E~17 - (107816.5)*
+ 1.43E712-(107816.5)% — 5.48E7% - (107816.5)% + 0.0010834
gr kg
-(107816.5) — 7.147 = 10.57801 (?) = 0.01057801 (?)
The transition segment is assumed to be performed at full throttle so the available thrust is
the same as the one at the takeoff segment.

A4.3 Climb: Segment 2-3

Figure A4. 3 shows the climb segment details.

= |
|
- |

- Vf,23=vcruise

hcIimI:A

J

\
hVi,23-Vf,23

-~
P ~
- ) eclimb

| %—ﬁ
#
| Svi23-vf,23
|

Vi3

Figure A4. 3 Climb Segment
The initial speed at the start of the climb segment;
Vi,23 = Vf’lz = Vf,12 = 2773001m/s

The final speed at the end of the climb segment is taken as the cruise speed which is an
input;

Vf,23 = Viruise = 87 m/s
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. ((R/C)f> . (45.835
O¢limp = asin = asm(

=31.79°
87 )

cruise

The rate of climb at end of the climb segment;

1
Vcruise ’ (TA,cruise - 7 pcruisevczruises(CDO,TOTAL + kCL,cruisez))
(R/C)¢ = W
3
87 - (194.7372 - % (1.037207) - 872 - 1.592 - (0.009439022 + 0.225329 - 0.041012))
- 253.173
= 45.835m/s

Perui 1.037207
Ta,cruise = Tao * ( c:.::se) = 230" (W) = 194.7372 N

The climb time to cruise speed during climb;

Vs — Vizs 87 —27.73001
tyvi23-vf23 = = : =13.112s
T_A) — sin(O) 9.81(0.7926 — sin(31.79))
& W climb climb
T Ta qli 201.632
(@) = hdmb_ = 0.7926
W/dimb  Weimp ~ 254.382
Peruise T Prakeoft 1.037207 + 1.111647
_ ) 2 _ ) 2 _
Taclimb = Ta,0 o) 230 1375 201.632 N

W3 +W, 253.175 + 255.589
2 N 2

WClimb = = 254382N

The height achieved during ty; »3_vf23,

1 Ta ] 2
Vias - (tVi,zs—Vf,23) +-( 8" ((—) - Sln(eclimb)> ' (tVi,23—Vf,23)
2 W climb

' Sin(eclimb)

1
= [27.73001 -(13.112) + 3 (9.81 . (0.7926 — sin(31.79))) . (13.112)2]
-sin(31.79) = 309.68m

hyi23-ve23 =

The time elapsed during constant speed climb;
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N heruise = (hvizs-veas) — hobs _ 1700 — 309.68 — 5 = 10.132s
climb = ((R/C)Vi,23—vf,23 + (R/C)f) - (30.22 + 45.83) .

2 2
Where;

(R/C)viz3-vea3 is the rate of climb at the acceleration segment during the climb and
(R/C)cruise 1S the rate of climb at cruise altitude.

Vias + Vs
2

27.723 + 87

) = sin(31.39) - ( 3 ) = 30.22m/s

(R/C)vi23-v23 = sin(Bclimp) - (
The total time during the climb segment;
tclimb,TOTAL = t23 = 13112 + 10132 = 232445

Total weight after the climb segment;

TA,takeoff + TA,cruise
W; =W, — (Ct,climb) ) ( 2 ) "l23

= 255.589 — (0.0004972) - (201.725) - 23.244 = 253.175N
The thrust specific fuel consumption during climb;

_ WFqimp _ 0.01057801

Ctclimb = (Tclimb) - (201.725
g 9.81

= 0.00049719 (1/s)

T +T ; 208.713 + 194.737
Tclimb — A,takeoff2 A,cruise — . — 201.725N

From the engine model;

RPM = 0.0010673 - (230)7 — 0.099774 - (230.1)® + 3.7964 - (230)° — 75.755 - (230)*
+855.69 - (230)3 — 5597.3 - (230)2 + 23412 - (230) + 18776
= 107816.5

The equivalent thrust for the climb;

Po
Pcruise ‘; Ptakeoff

1.073934

= 201.725- ( ) = 230N

Ty = TA,climb '

The fuel flow is calculated as;

WF = —3.5E728 - (107816.5)°® + 1.33E722 - (107816.5)° — 1.96E~'7 - (107816.5)*
+ 1.43E7'2-(107816.5)3 — 5.48E8 - (107816.5)? + 0.0010834

gr kg

. (107816.5) — 7.147 = 10.586 (?) = 0010586 ()
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A4.4 Cruise: Segment 3-4

The total weight after the cruise is;

W = 178 _ 253.175 — 190.854N
4 teruise’Cecruise) (30'60'0-0006557) - '
e( (CL/Cp)cruise ) e 4.176
The thrust specific fuel consumption during cruise;
WFeryise  0.00410085
Ct,cruise — (Tcruise) = (61.353) = 0.0006557 (1/5)
g 9.81

The thrust value during the cruise is actually the required thrust values during the cruise.

From the engine model;

RPM = 0.0010673 - (7.386)7 — 0.099774 - (7.386)° + 3.7964 - (7.386)°> — 75.755
- (7.386)* + 855.69 - (7.386)° — 5597.3 - (7.386)? + 23412 - (7.386)
+ 18776 = 74211.7

The equivalent thrust for the cruise;

T, =T ( Po )—61353 ( 1225 )—724616N—7386k
0 = IR cruise cruise - ) 1.037207/ . - s

— 2 2
TR,cruise - E pcruisevcruises(CDO,TOTAL + kCL,cruise )

1
= 5(1.037207) - 872 - 1.592 - (0.009439022 + 0.225329 - 0.04101%)
= 61.353N

The fuel flow is calculated as;

WF = —3.5E728 - (74211.7)° + 1.33E722 - (74211.7)° — 1.96E~17 - (74211.7)*
+ 1.43E712-(74211.7)3 — 5.48E~8 - (74211.7)? + 0.0010834

gr kg
- (74211.7) — 7.147 = 4.10085 (?) = 000410085 ()

The lift to drag ratio during the cruise;

(CL) _0.041007 4176
Cp ©0.0098179

cruise

The range achieved during the cruise is;
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2 ’ 2 C
Rrange= ) p-S 'E'(VW3_W4)

Ct,cruise
_ 2 2 v0.041007
"~ 0.0006557 1.037207 -1.592 | 0.0098179

- (V253.175 — 190.854) = 145158.04m = 145.158km

A4.5 Descent: Segment 4-5

Figure A4. 4 shows the descent flight leg.

;‘:‘

-
= 0 )
g descent Vrvise
g \
d) ~
o V, d ~<
_‘l: v,descent ~—_
Q =~
k] S~
2 ~<
3] =<
N = ~~
~—_
A ~_
:"q‘q_
g »l
- »
Sdescent

Figure A4. 4 The Descent Segment

The descent time during the altitude 10ss of h.ryise — Ngescent ;

hcruise - hdescent _ 1700 — 1100 _
tys = = =

30s
Vv,descent 20

Where;

Vy.descent 1S the vertical component of the constant descent velocity and selected as 20 m/s
as an input.

The descent angle;

vV,descent

20 .
Bdescent = ASin( ) = Asin (§> = 13.608

descent

Where;

Viescent = Veruise
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The horizontal distance covered during the descent;

S — hcruise - hdescent — 1700 — 1100
descent tan(Bgescent) tan(13.608)

= 2478.4m

The total weight after the descent segment;

Ws = W, — (cydescent) - (TR descent) * tas = 190.854 — (0.0017274) - (14.384) - 30
= 190.106N

Where;

Ct descent IS the thrust specific fuel consumption during descent segment and Tg gescent IS the
necessary thrust to achieve the constant speed descent; it is calculated as follows;

1 (pcruise + Pdescent

2
TR,descent = E ) *S- (Vdescent)2 ’ (CDO,TOTAL +k- (CL,descent) ) - W,

2
* Sin(Bgescent)
1 (1.037207 + 1.10077 )
=§-( _ )-1.592-(87)

- (0.009439 + 0.22532 - (0.03017)2) — 190.854 - sin(13.608)
= 14.384N

The lift coefficient during the descent;

c B 2 - W, - cos(Ogescent) B 2-190.854 - cos(13.608)
L,descent — . -
(pcrulse ‘I'Zpdescent) .S (Vdescent)2 (1.0372072-|- 1.10077) 1.592 - (87)2

= 0.03017

During descent the lift coefficient changes due to the change of weight and flight angle.

The thrust specific fuel consumption during descent;

WFescent _ 0.0025329

Ct descent — (Tdescent> = (16.488)
g 9.81

= 0.0017274 (1/s)

From the engine model;

RPM = 0.0010673 - (1.6808)7 — 0.099774 - (1.6808)° + 3.7964 - (1.6808)5 — 75.755
- (1.6808)* + 855.69 - (1.6808)% — 5597.3 - (1.6808)2 + 23412
- (1.6808) + 18776 = 45821.6

The equivalent thrust for the cruise;

Po
Ty = TR,descent ’ <—

descent

5
) = 16.488N = 1.6808kg

) = 14.384- (1.10077
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The fuel flow is calculated as;

WF = —3.5E728 - (45821.6)6 + 1.33E722 - (45821.6)° — 1.96E"17 - (45821.6)*
+1.43E712 - (45821.6)% — 5.48E~8 - (45821.6)% + 0.0010834

gr kg

- (45821.6) — 7.147 = 2.5329 (?) = 00025329 ()

A4.6 Loiter: Segment 5-6

During the loiter segment, the aircraft is considered to achieve a constant speed loiter. The
speed is considered as the same as the cruise speed. The loiter time, ts is the input.

The total weight after the loiter segment;

Wy 190.106
W6 = (tloiter'ct,loiter) = (120'0.0006257) = 186.969N
e e

(CL/CD)loiter 3.0024
The loiter time is an input and taken as;
tloiter = tse = 260 = 120s

Cloiter 1S the thrust specific fuel consumption during the loiter.

The thrust value during the loiter;

1 2
TR,loiter = E (pdescent) -S- (Vloiter )2 ’ (CDO,TOTAL +k- (CL,loiter) )
1
=3 (1.10077) - 1.592 - (87)% - (0.009439 + 0.22532 - (0.02866)2)
= 63.828N
The lift coefficient during the loiter;

2-Wy 2-190.106

A _ =0.0289
Lloiter = () tescent) * S * (Vioiter)?  (1.10077) - 1.592 - (87)2

The thrust specific fuel consumption during loiter;

= Whoirer _ 00040715 _ ) 1006257 (1
Ctloiter = (Tloiter> = (63.828 = 0. (1/s)

g 9.81
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From the engine model,

RPM = 0.0010673 - (7.2407)7 — 0.099774 - (7.2407)° + 3.7964 - (7.2407)5 — 75.755
- (7.2407)* + 855.69 - (7.2407)3 — 5597.3 - (7.2407)2 + 23412
- (7.2407) + 18776 = 73740.3

The equivalent thrust for the cruise;

Po

Pdescent

5
) = 71.031N = 7.24072kg

) = 63.828- (1.10077

Ty = TR,loiter ' (

The fuel flow is calculated as;

WF = —3.5E728 - (73740.3)° + 1.33E722 - (73740.3)° — 1.96E~17 - (73740.3)*
+ 1.43E712-(73740.3)% — 5.48E~8 - (73740.3)% 4+ 0.0010834

gr kg

- (73740.3) — 7.147 = 4.07154 (?) = 00040715 ()

The lift to drag ratio during the loiter;

= 3.0024

(&) _ CL,loiter _ 0.0289
- 2 . 2
Cp Cootorat + k- (CLioier)’ 0009439 +0.22532 - (0.0289)

loiter

A4.7 Approach: Segment 6-7

Figure A4. 5 shows the approach and flare segment. The aircraft starts to approach with a
speed of Vipproach - The vertical component of the velocity is the descent rate for the

approach, VV,approach :

The flare path is considered as circular. The velocity at the start of the flare segment is Viare
and the velocity at the end is Vpp.

Rsi
| are e
Vv,approach flare

Vfla re

hflare

—= = T — VTD

Sapproach Sflare

Figure A4. 5 The Approach and Flare Geometry
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The approach velocity is found from;
Vapproach = 1.4 * Vstallapproach = 1.4+ 16.923 = 23.695m/s

The stall velocity at the approach state;

v ~ 2 W, ~ 2-187.03 _ 16923m)
stallapproach = [0y S Comax o (1.111647)-1.592-0.738 - <>™/®

The flare velocity is found from;

Vitare = 0.95  Vapproach = 0.95 * 23.695 = 22.51m/s

The approach angle is calculated by taking the descent rate as 1 m/s which is an input;

. Vv,approach . 1 °
Oappraoeh = Asin{ g = Ve | = A1\ 23695 1 2251 | — 248
2 7

The Flare radius is calculated from;

R Viare 22.512 10287
ﬂ — — — . m
e g(CL,approach/ACL) 9.81 (%)

Where;
ACy is the lift coefficient change during flare and found as;

ACy, = C1p — Cpfare = 0.4388 — 0.4188 = 0.02
Where;

CLnare 1S the lift coefficient at the start of the flare segment and Cy, 1, is the lift coefficient at
the end of the flare segment.

Cutare =75 2"16 c05(Bappraocn)  _ : 1116472 -187.03 - cos(2.48)
(Pranding 2 Paescent) ... (v 002 (= F L0077 .1 592 - (22512
= 0.4188
Cump = 75— 2 We _ 2-187.03
( landing . pdescent) 'S+ (Vop)? (1.1116472+ 1.10077) 1592 (22.003)2
= 0.4388
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Vrp = 1.3 VstaiLapproach = 1.3 - 16.925 = 22.003m/s
The vertical distance covered during the flare,
Biare = Rare - (1 = €05(Bappraocn) ) = 1028.7 - (1 — cos(2.48)) = 0.964m

The horizontal distance covered during the flare;

< Ritare 10287 _,
= = — = 0om
flare sin(appraoch)  Sin(2.48)

The horizontal distance covered during approach;

hgescent — hlanding — hpare _ 1100 — 1000 — 0.964

S = = = 2285.9m
approach tan(Gappraoch) tan(248)
The time elapsed during the approach;
h — hjandine — h 1100 — 1000 — 0.964
tapproach _ descentV landing flare _ - — 99.035s
v,approach
The time elapsed during the flare;
2R -0 2-1028.7-2.48 - (/180
_ flare  Yappraoch _ ( / ) — 2.001s

t =
flare Vitare + Vi 22.51 + 22.003

The total weight after the approach segment;

W; =W — (Ct,approach) ' (TR,approach) ' tapproach - (Ct,ﬂare) ' (TR,ﬂare) *tare
= 187.07 — (0.001799) - (13.086) - 99.035 — (0.00144) - (18.99)
-2.001 = 184.69N

The thrust required during the approach;

1 planding + Pdescent Vapproach + Vﬂare 2
Tr.approach = P . > -S- >
2 .
! (CDO,TOTAL + k(CL,approach) ) — W+ Sln(eappraoch)
1 (1111647 + 1.10077 23.695 + 22.51\°
=+ )-1592-( )
2 2 2
- (0.009439 + 0.22532(0.3976)2) — 187.07 - sin(2.48) = 13.086N

The lift coefficient during the approach;
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2-Wg- Cos(eappraoch)

(planding + pdescent) .S (Vapproach + Vﬂare)2
2 2

2-187.077 - cos(2.48)
= - =0.3976
(1.111647 + 1.10077) 1597 (23.695 + 22.51)

2 2

CL,approach =

The thrust specific fuel consumption during approach;

WFapproach _ 0.0024002

Ctapproach = (Tapproach> - (13.086)
T g 9.81

= 0.001799 (1/s)

From the engine model;

RPM = 0.0010673 - (1.47)7 — 0.099774 - (1.47)° + 3.7964 - (1.47)5 — 75.755 - (1.47)*
+855.69 - (1.47)% — 5597.3 - (1.47)? + 23412 - (1.47) + 18776
= 43485.9

The equivalent thrust for the approach;

Po
Ty = TR,approach ’ <

1.225
= 13.086 - (—) = 14.42N = 1.47kg
Papproach

1.111647
The fuel flow is calculated as;

WF = —3.5E728 - (43485.9)° + 1.33E7%2 - (43485.9)° — 1.96E~'7 - (43485.9)*
+1.43E712 - (43485.9)3 — 5.48E~8 - (43485.9)2 + 0.0010834

gr kg

- (43485.9) — 7.147 = 2.4002 (?) = 00024002 ()

The thrust required during the flare;

1 /Planding T Pd t Vrp + Viare) 2
TR,ﬂare = E ( e —— ) "S- ( 2 are) ' (CDO,TOTAL + k(CL,TD) ) - W

2
! Sin(eappraoch)

1 /1.111647 + 1.10077 22.003 + 22.51\?
:E'< 2 )'1'592'< 2 )

- (0.009439 + 0.22532(0.4388)2) — 187.07 - sin(2.48) = 18.99N

The thrust specific fuel consumption during flare;

WFpare  0.0027884

Ctflare = 7 N T (18.99)
g 981

= 0.00144 (1/s)

From the engine model,
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RPM = 0.0010673 - (2.133)7 — 0.099774 - (2.133)® + 3.7964 - (2.133)5 — 75.755
- (2.133)* + 855.69 - (2.133)3 — 5597.3 - (2.133)2 + 23412 - (2.133)
+ 18776 = 50149.1

The equivalent thrust for the flare;

Ty =T Po)_ 1899 ( 1225 )—2092N—2133k
07 Ritare | oaen) . \L111647) U T 48

The fuel flow is calculated as;

WF = —3.5E728 . (50149.1)° + 1.33E722 - (50149.1)° — 1.96E~7 - (50149.1)*
+ 1.43E712-(50149.1)3 — 5.48E~8- (50149.1)% + 0.0010834

gr kg

- (50149.1) — 7.147 = 2.7884 (?) = 00027884 (-)

The necessary fuel for the cruise segment;
Wegel = Wy — W, = 258.045 — 184.69 = 73.355N
In terms of liters;

(Wo — W,) _ (258.045 — 184.69)

= 9.97 lit
2 - drel 9.81-0.75 fHres

Vigel =

dgye IS the density of the fuel and taken as 0.75 kg/L.

A4.8 Landing Ground Roll: Segment 7-8

Figure A4. 6 shows the landing segment. The landing starts with the velocity Vtp and
continues with the same velocity a few seconds meanwhile the nose gear is off the ground.
This part is called the free roll. After the free roll, the aircraft stops in the distance, S;, .
During this period, the brakes are applied.
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& oY &
| T T
| | |
| [ |
VTD VTD V=0
| Sir- Free Roll ‘ S
N i l
Figure A4. 6 The Landing Segment
The free roll distance is calculated from;
Sir = N - Vpp = 1-22.003 = 22.003m
Ny, is the landing rotation time and taken as 1.
The total landing distance;
1 Ja
SiroraL = SLr + Zg_]A “In (1 + E) * (Vrp )?
= 22.003 + ! 1 (1 + _0'000372) (22.003)2
o 2-9.81-(—0.000372) 0.3 '

= 147.76m

Where;
Plandi 2
Ja= anv\llng ! (CDO.landing + k(CL,landing) ) - (I‘J‘I‘,landing) : CL,landing
2(s)
1.111647
=~ 184.69~ (0.0097078 + 0.22532(0.4311)?) — (0.3) - 0.4311
2(Ts7)
1.592
= —0.000372
T 0
Jr = % + Hrlanding = m +0.3=0.3

Cpo,landing IS the parasite drag coefficient during landing. Ty, is the thrust reverse value and
taken as 0. The lift coefficient during landing;

c _ 2W, _ 2-184.69
Llanding = o ding S (Vrp)?  1.111647 - 1.592 - (22.003)2

= 0.4311

The parasite drag coefficient during the landing is calculated as Cpg janding = 0-0097078 by
using the methods described in section 6 for the landing conditions.
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The landing ground roll time;

2 * SL,TOTAL _ 214‘776

. _ - = 13.43
land_grd_roll Vrp 22.003 °

The total mission time;

Emission = o1 T Tz T ta3 + 134 + s + L5 + g7 +t7g
=5.4301+1.094+23.394+30:60+30+2-60+99.035 + 2.001
+ 13.43 = 2094.36s = 34.9min

t34 and tgg are inputs which are the cruise time and loiter time, respectively. tg4, is the sum
of approach and flare times.
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