EXPERIMENTAL INVESTIGATION OF DYNAMIC DELAMINATION IN
CURVED COMPOSITE LAMINATES

A THESIS SUBMITTED TO
THE GRADUATE SCHOOL OF NATURAL AND APPLIED SCIENCES
OF
MIDDLE EAST TECHNICAL UNIVERSITY

BY

IMREN UYAR

IN PARTIAL FULLFILLMENT OF THE REQUIREMENTS
FOR
THE DEGREE OF MASTER OF SCIENCE
IN
AEROSPACE ENGINEERING

SEPTEMBER 2014






Approval of the thesis:

EXPERIMENTAL INVESTIGATION OF DYNAMIC DELAMINATION IN

CURVED COMPOSITE LAMINATES

submitted bk MR E N UM paRial fulfillmentof the requirements for the degree
of Master in Aerospace Engineering Department, Middle East Tachnical

University by,

Prof. Dr. Canan Ozgen
Dean, Graduate School Nhtural and Applied Sciences

Prof. Dr. Ozan Tekinalp
Head of Departmenferospace Engineering

Assoc. Prof. Dr. Demirkan Coker
SupervisorAerospace Engineering Dept., METU

Examining Committee Members:

Prof. Dr. Altan Kayran
Aerospace Engineering Dept., METU

Assoc. Prof. Dr. Demirkan Coker
Aerospace Engineering Dept., METU

Prof. Dr. Levend Parnas
Mechanical Engineering Dept., METU

Assoc. Prof. Dr. Melih Papila

Material Sciece & Engi neeri ng Dept .

Assist. Prof. Dr. Ercan Glrses
Aerospace Engineering Dept. BEMU

Sabance

Date: 05.09.2014

Uni



| hereby declare that all information in this document has been obtained and
presented in accordance with academic rules and ethical conduct. | also declare that,
as required by these rulaad conduct, | have fully cited and referenced all material

and results that are not original to this work.

Name, Last nametmren Uyar

Signature:



ABSTRACT

EXPERIMENTAL INVESTIGATION OF DYNAMIC DELAMINAT ION IN
CURVED COMPOSITE LAMNATES

Uyar, K mr e n
M.S., Department of Aerospace Engineering

SupervisorAssoc Prof. Dr. Demirkan Coker
September 201421 pages

In the aerospace industry, higemand for lightweight structuresfisstering the use

of composite laminates in a wide variety of shapes, as primary load carrying
elements. However, once a composite laminate takes a highly curved shape, such as
an L-shape, high interlaminar stresses induicethe curved region causes @ynic
delamination formation This thesis discusses the experimental investigation of
delamination in kshaped CFRP composite laminates under quasatic shear
loading. An experimental setup is designed to appiye quaststatic shear loading.
Three layup configurations are investigatej@/90] fabric, unidirectional [0] and
crossply [90/0] CFRP compositelaminates.The effect of material layup, inner

radius and thickness dhe failure process studied.The load displacement curves

are recorded anithe subsequent dynamic delaminationaptared with a million fps
high-speed camera. The failed specimens are analyzed under a micréssopge
delamination is found to grow in a single load drop for [0/90] fabric laminate.
Multiple delaminations ina singleload drop are observed in the failure of the
unidirectional laminate whereas a sequential delamination at each discrete load drop
is seen in the croggly laminate The geometrical constraints such as the thickness
and the inner radius are alsmuhd to be affectinghe failure processDelamination

in all casess observed to be propagatimgthe arms at the intersonic speed of 2200
m/s. This study presentdhe first known experimental evidena# intersonic

delaminationn composite laminates

KEYWORDS: Composite materials, fracture mechanics, delamination, high speed

monitoring, dynamic failure.
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DKRSEK YAPI LI KOMRARORA IGANMK LEN DKNAMKK
DELAMKNASYONUN DENEYSEL Y¥NTEMLERLE KNCELE

Uyar, Kmr en
Yé¢ksek Lisans, Havacél ék ve Uzay M¢he
Tez Yoneticisi: Dog. Dr. Demirkan Coker
Eylul 2014, 121sayfa

Havac&lkak®rr¢nde hafif yapeéelar i-in olukan yg
-eki tli geometrilerde °zellikle de birincil
etmektedir. Ancak, kompozit lamina | a r il e begkeml ¢ bir geometri
(°rneddakj ILI aminatl ar arasé kavi sl b°l gede ¢

acma gerilimleridi nami k del ami nasyon ol ukmaséna nede.]
delaminasyonurL-sekilli KETP kompozit laminatlarda sang&tatik kesme kuvveti

al t elenelysel incelemesia p € | meé K statik yuk Wgularkak icin deneysel

d¢zenek tasarl anméxkter . Deneyl erde séraseéeyl a
-apraz katl é ol mk iczere é - f a Digilimé di zi | i mc
farkl él ej e, i - -apnve kearehmak mpharnamemaske ¢
makro°l -ekte ve orta °Il-ekte -aleéekél mékteéer.
mil yon kare -ekebilen bir k a méeplasman | e - eki |
grafiiji k aDyedheadyi lynai pkétlimé. ks knaupmuanletl @md ani ikm @e | e n
[ O] tek yo°nl ¢ Il aninatlarda tek ye¢k d¢gkKeégKen

g°zlenirken, [ 90/ O0OF okdpr yzkkatolkg eamil gatr k&l d
delaminasyoro | uk u mu g Xall €@mriekt ivgeaneit-r i-kapd egiibkik enl er
de kérél ma mekani zmasé ¢ zleaminatlaedakigatlaki s i ol duj
il erl eme ybhlezeélar éhezl é kamer a fotojrafl ar é

Del ami nasyemklhiénz| laolel aLr € n 200d mo/$) rdizeylerent er soni k

ul akméexkter . Bu durum,intersonic delaminasyon

ANAHTAR KELIMELER : Kompozit malzemeg k ér €|l ma mekani zmas

delaminasyoyy ¢ k sek heézld ngMmi kntk&lr @inena
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CHAPTER 1

INTRODUCTION

In this chapter, the composite material usage in aircraft industry, specifically in L
shaped geometry, is discussed. Firstly, the r dompsité is defined and the
laminated compositenaterialsare mentioned in detail. Secondly, the structures that
consist of composite material are explained and examples ofshaged structures

are given. Thirdly, the mechanical load on thehHaped parts is defined, where the
box structures in a wingre taken as reference. By this way, the delamination
problem in the curved composite laminates is defined. Finally, the scope of this

thesisis introduced.

l.lWhat is a Acompositeo?

The history of the word Acompositedo dat e
Latin word Acompossti tpuasrot iwhiipclhef fbso camh eo fp ai c
At oget her 0 + pl[dlnaenrde nfietaon sp Ifapcleadc ed t oget h
meaning of composite is the combination of two or more materials with different
physical or chemical properties that, when combined, produce anagerial with

different physical characteristics from the constituels The main factor that
distinguishes composites from alloys is that tbastituent materialstay separate

within the finishedstructure at the macro scale because they are chemically and
physically different. The aim of manuf a

stronger, lighter or cheaper product than its homogeneauderparts.

In early times, a combination of wood, bone, reed and animal glue were composed to
build strong and durable bows and arrow sh&ftsThe most famous example in the
history was composite Mongolian bows, which provided Genghis Khan with an
extremely powerful and accurate weapon, and it was regarded as the most powerful
weapon until the invention of gunpowd@&j.[ In the 20th century, the natural resins
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were replaced with the plastic based materials like vinyl, polystyrene, polyester and
phenolic. The synthetic materials enlargeanposite usage to different areas. In
structural applications, reinforcement became an important issue to provide strength
and rigidity [B]. In 1935 Owens Corning introduced the first glass fikgiWhen the
fiberglass was mixed with a plastic polymer, extremely strong and lightweight

structures were created.

In the 1970s, the composite industry began to mature. Better plastic radins a
improved reinforcing fibers were developed. DuPont developed an aramid fiber
known as Kevlar, which has become the standard in armors due to its high impact
resistance 4]. Carbon fiber was also developed around this time. Although the
carbonreinforced polymers (CFRP) were expensive to produce, they were
commonly used when strengihrweight ratio and rigidity were needed in

components such asraiaft wings or fuselage, automotive parts and sporting goods

[4].

Compared with the isotropic or organic materials, the main advantage of the
compasite material is the weight saving. In addition, several important benefits of
composites include necorrosiveness, neoonductivity, flexibility, low
maintenance, long life and design flexibility. Due to these advantages, fiber
reinforced polymers (FRPare commonly used in aerospace industry, marine
industry, automotive components, military based equipment and wind turbine blades.
Currently, there is an increasing trend in composite industry to use composite

materials in complex shapes.

1.2. Laminated Composte Material

I n this study, the word Acompositeodo refers
of fibers and epoxy parts that mix together in a specified orientation and amount to

achieve specific structural properties. The strength of composites deperite

composition, orientation, length and shape of the fibers the properties of the matrix

and the quality of the bond between the fiber and epoxy @rt$he stiffness and

strength properties of the laminate highly depend on fibers. The composite material

is only strong and stiff in the direction of fibe#4]. Therefore, the fiber dominates

the field in term of volume, properties and design versatilii}. [The major types of

composite fibers are compared in the following paragraph.
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Fiberglass:It is often used for secondary structures on aircraft like fairings, radomes
and wing tips. The major reason for using the fiberglass is its lower cost compared
with the other compositmaterials and the dielectric nature of fibers. The primary
field of application isthe aircraft parts that do not have to carry heavy loads or
operate under critical stress. Two types of fiberglass are availablesg (electrical
glass) and lass or 3-glass (structural fiberglass).-gbass has higher strength

whereas Eglass has outstanding dielectric proped# [

Kevlar (Aramid fiber):Kevlari s DuPont 6s product 44name f

There are two type of aramid fibeused inaircraft industry; Kevlar 49 with high
stiffness andKevlar 29 with low stiffness. These aramid fibers have been used for
structural applications since 1970s. The high specific tensile strength and high
toughness of the material with ladensityincreased the percentage of usage day by
day Figurel.21). It is famous with t tiliegensile strength compared to steel. At the
same weight, the Kevlar is five times stronger than steel. Another advantage of
aramid fibers is their high resistance to damage impact since the material is important
for the areas prone to damage impact. The main disadvantages of the aramid fibers

are their general weakness in compression and hygroscopy.

Boron: Boron fibers are verytdf and have high tensile and compressive strength.
Boron fibers have limited application areas due to the high manufacturing costs and
large fiber diameters. The general application area of boron fibers is repairing
cracked aluminum aircraft skins becaube thermal expansion of boron is close to

aluminum [A4].

Graphite /Carbon fiber:Carbon and graphite fibers have the hexagonal layer
network which is present in carbon. In graphite fibers, the manufacturing time and
cost is relatively high and the bonding between planes is weak. Due to this
observation, the later explanations belongadion fibers. Carbon fibers are 3 to 10
times stronger than thgdass fibef{44]. Due to their high strengtto-weight ratio and
stiffnessto-weight ratio, they are used in matrix systems for ipghformance
structures such as stabilizers, fuselage, wing primary and secondary structures and
flight control parts. Also, the fatigue limits of carbon fibers are better than aluminum
or steel counterpts with superior vibration dampin@][ However, the conductive

capacity is lower than aluminum which requires lightning protection mesh or coating
3



in case of a lightning strike. Another disadvantage is the high cost of carbon fiber

manufacturing44].

The main characteristics of carbon fibend the advantages are explained. A brief
advantage/disadvantage comparison chart is shoviaigure 1.21a. Carbon fibers

have the best average wal among the three main fiber types. In addition, the
compositeusage in commercial aircraft between 19%®0 isshown in Figure

1.21b. The glassfiberparts were replaced with the carbon fiber and grajetdar

hybrid fibers. Due to these reasons, carbon fiber type reinforcement is chosen to be

analyzed in this thesis.
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Figurel.21 (a) Composite fiber comparison (b) Composite usage of commercial

aircrafts[9].

The main types of fibers are explained in previous paragrafiiese fibers are
grouped as unidirectional tape, woven fabrics andppeg for manufacturing.
Unidirectional type forms includdibers only in one direction. Properties of
transverse direction of fibers highly depend on the matrix material. Therdfere, t
fibers are oriented in specified directions in each ply to withstand the longitudinal
and transverse loadings. Woven fabrics have more complex shape than the
unidirectional tapes. In this case, fiber bundles are knitted or weaved in plain or
different harness types, repetitively. On the other hand, theppg forms include
unidirectional or woven fibers impregnated with resin, which can be laid up in plies

and cured. In prpregs, the partially cured epoxy preserves the orientation and



alignment of filers during the layip which provides a close control of strength and

weight in the finished componer§][

The fiber reinforcement is placed to puog optimum mechanical properties and
dimensional stability. In the design of fiber stacking, the composite materials have
their own nomenclature and coding rules. In this part, the global directions and
coding system of composites are introduced. Thal@t idirection refers to the-x
direction which is the longitudinal direction of fibers. The 9@fers to the y
direction which is transverse to the fibers in unidirectional chsgie 1.22a). In
multidirectional stacking laminates, the warp clock method is used to entitle the
stacking sequence. Warp indicates the longitudinal fibers of a f&bguaré 1.22b)

[44). A classic example of multilayered composite is shawrFigure 1.22c. 0°

layers are parallel to theaxis and 90° layers are pdedlto the yaxis

+45

90

Sessssnsssnnnne
................

+45 —45

0

(a) (b) (c)

Figurel.22 Composite fiber orientation rul¢44].

1.3. Composite Structures in Aircraft Industry

Composite material usage in aircraft industry as increasing demand since
manufacturers look for ways to reduce weight, increase strength and durability and
improve performance of an aircraft. Composite materials are being used in transport
airplane components for decades which are typically formedaoyon or glass
fibers with epoxy.The first composite aircraft ihistory is acceptedhe British two-

seated small airplane Bristol Scouttive 1910s b], theusage of composites in large
transport aircrafts was not seen until the early &GDsAfter this time, there was an

increasing trend of composite usage in gahaviation The mainreasonis the
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reduction ofweight in airplane parts compared to the equivalent metal stru¢@res

A Federal Aviation Administration (FAA) Advanced Materials Research Program
report had shown that for every pound of weight saved on a commercial aircratft,
there is a US$10000-300.000 cog saving over the service difof that aircraft
[7,8,9].

A major breakthrough had occurred with the increased composite usage ift aircra
industry in 1970s. NASA had spent more than $60 million dollars on the Aircraft
Efficiency (ACEE) Program for the designing, manufacturingd aesting of
composites9]. The ACEE program expanded the scope of the commercial transport
applications, which include three second@ryl011Ailerons, 727 Elevators, D0
Rudder)and three primary structure prodsi€L-11011 Vertical fin, 737 Horizontal

tail, DC-10 Vertical fin)(Figure1.31).
W )

Ailerons
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(eacondary struchure} (prmary siruchuresy

Figurel.3.1 Aircraft components of NASA ACEE program using composite

materials 9.

After this project, the composite material gsaccelerated as shownHigure1.3.2,
wherecommercial airplane models over time by the percentage of compfdsijes

Prior to the midl980s, airplane manufacturers continued to use composite materials
in transport category airplanes in secondary structures (e.g., wing edges) and control

surfaces (e.g. ailerons).



Percentage of total structural weight attributed to composites
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Figurel.3.2 Percentage of total structural weight attributed to composites by years
[1Q].

Airbus started to use composite ssthuctures in the mi@0s wih A310 spoilers,
airbrakes and rudder parts. In 1988, Airbus introduced the A320, the first airplane in
production with an alcomposite tail sectiorF{gure1.3.3) and, in 1995, the Boeing
Company introduced the Boeing 777, also with a composite tail sedhnr the
aircraftindustry, an important example to enlarging the usage of composites is the
Boeing 787 Dreamlinetn which 50 perent of the airplane by weighfigurel.34)

was produced with composite materiaxcluding engines)1f0]. The capacity of the
aircraft is remarkable. The Boeing 787 Dreamliner is 10,000 Ibs lighter and burns
20% less fuel than a comparably sizedasiminum aircraff11]. It will carry 210

290 passengers on routes of 7650 NM to 8500MIL]. [Another important example

for the composite industry &irbus A380 which consists of a composite center wing
box, wing ribs, a rear unpressed fuselage and cross beams. In 2006, the experts
cl ai med that Athe Airbus A380 is schedul

25% composite by weight, including all-composite cente wi n gl2l.lb ox 0 |



Evolution composite application at Airbus . +Main Wing
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Figure1.3.3 Evolution of composite applicatisrat Airbus by year and model (By
courtesty of AVALON Consultancy Services LTD.)
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Figure1.34 Composite struare content of the Boeing 78I().

The increased use of the composite makernas created a strong demand for-non
destructive inspection (NDI) of composite structures, both in the fabrication process
and for the irservice inspectionslp]. Since composites have a laminated nature and
their damage mechanisms are different than the metals, they are subjected to their
own distinct problems. For instance, delaminations and matrix cracks are common
damage modes, which nucledite inner part of the structure and are not visible on
the damage surface. This fact is also a problem for inspection and because of that,
aircraft manufacturers use sensors inside the structure to detect the damager. Anoth
important challenge withcompogtes is computer simulations. The nroniform

properties due theterogeneity, thgariability of compositeparameters such gy
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orientations and the number of plies make an analysis on computer difficult. Besides,
the increasing stiffness of the matémequires nodinear analysis and the dynamic
fracture mechanisms of composites need explicit solutions. With comprehensive
simulations and more reliable manufacturing options of composites, the aviation
industry has integrated composite structures inoaircraft design at an accelerated
pace [L4]. But, the lack of knowledge on failure mechanisms and composite testing
enforce the industry to beaw® conservative in desigid4]. It is necessary to make
progress in testing mechanisms and numerical analyses to customize a new

technology and makit safe 15].

1.4.L-Shaped Composite Structures

In this part, the interior structure members of aircrafts are introduced and the L
shaped parts of &ése members are emphasized. In general, the basic functions of an
aircraftés structure are to transmit an
loads, landing loads, propulsion system loads etc.) and préh@laerodynamic
shape of the airplane. These functions are carried with thin shell structures, namely
skin of wing and fuselageThe most critical part of an airplane is the wing box
structure, which must be light and strong to create lift aitdstand the énding
moment [L6]. The wing box structures are strengthened with the longitudinal
stiffening members to transverse frames and make it possibiesist bending,
tensile/compression, torsional and shear loads without antceiastability. Box
structures or torque box structures are the general names of the load carrying sub
structures of a wing, which consists of ribs, spars and strindéfs There are
several arrangements of these members for moderrsphigd airplanes: thick box
beam structure (high aspect ratio wings), which is bualwith two or three spars

and multispar box structure (low aspeetip wings) with thin airfoil Figure1.4.1).



i Loniing TS
Centar aar
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S,

T S e

fa) Typical ransport wing fhi Typical fiphter wing

Figurel.4.1 Typical transport and fighter airplane wind$.

In a typical wing cross section;dhaped parts are placed inb@ twing covers as the
extension of spars/ ribs that are laid through the skin or a as separate part which
connect the rib to the sking. stringers). By definition, three different forms as L
shaped parts appear, which are flange of a spar/riBratket and backio-back

configuration L7]. Some examples are explained below.

SkinStringer Panels

The most common wing covers of traosts are skirstringer panelsKigure1.4.2a)

[16]. The machined skins are combined with machined stingers, riveted, bolted or
bounded by adhesive. This is the most efficient structural messhani save weight
[16].In Figure 1.3.2ba closed shot of the typical interior stringer of the Boing 787 is
shown which is formed as-¢haped and bolted to the skit8].
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Figurel.4.2 (a) Types of skirstringer panelslfe] (b) Closed view of Boeing 787

interior stringer panel18].

Integrally Stiffened Panels

Integrally stiffened panels are another solution for lightweight and-stigimgth
construction whichs composed of skins and stiffeners into qoiece panel sgion.
By this way, thenumber of the basic assembly membenediiced and the skin fia
smoother surface. Ifigure 1.4.3, several different sectionsf integrally stiffened

panels are shaw

1 C

{a)Integral blade section
{Widely used)

(bilutegral 7-section

P——

L W

(cilntegral T-section

(d)Blade section with reinforcement

A

te)Splice configuration (NSplice configuration tavoid)

Figurel.4.3 Typical integral stiffened paneld§).

Spar Caps

Spar cap sections are always used with a beam web composed of flat sheet. The air
loads acting orthe wing are directly transmitted to ribs. And, the ribs transmit the
loads in skar to the spar webs and distribute the load between them according to the

web stiffness 16]. Some of the spar cap secticaare shown irFigurel.4.4. The use
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of spars reduces the stress on the ribs and also provides a better support for the
spanwise bending materidld].

=

Extruded
cap Extruded
cap

Skin

Sheet metal
bend-up
angle

Shest metal
bend-up
angle

p—— Webh

(a) by (€) )

Figurel.4.4 Typical spar cap sectionq].

Ribs and Bulkheads

Wings have to be strengthened in the chord direction for aerodynamic reasons.

Hence, ribs are used to hold the cover panel, to contour shape, and also to limit the
length of skinstringer or integrally stiffened panels to an efficient column
compressive strengifirigure 1.4.5). Another important task of ribs is thstribute or
transfer the applied loads. Typical wing rib {gaare caps, stiffeners and we§][

Rib bulkheads are also placed in the flapsrails, landing gear support and tank

ends for the same reasons.

Figurel.4.5 Typical rib construction 16)].

Another important stiffened shell part of an airplane is fuselage, which is commonly
referred to semmonocoque construction. The stiffened material has the same logic
with the wing structure. The fuselage as a beam contains longitudinal &emen
(longerons and stringers) and transverse elements (frames and bulkheads) to maintain

the shape of the fuselage and prevent the general instability in the st(fogure
12



1.46a). The longerons carry the fuselage axial loaoiment combination. The
fuselage skin, on the other hand, carries the shear due to cabin pressure and external
transverse and torsional forces. Stringers are placed to thepiamnef the fuselage

skin to carry axial loads induced by the bending mon{€igure 1.4.6b) [16].
Generally, the interior structure of the fuselage is mounted with tkbaped
extensions to the skiffrigurel1.4.6¢).

Typical Interior Frames

Courtesy of Lockheed
Aeronautical Systems Co.

Fairing

enter saction 7. /2
Frame —\F/9/3¢

A,
iy i @
Longerons “ i
4 ;,__._,M ; ’
Stringer 30

Seat track -i R

Floor beam
support post

support beam assembly

Cargo compartment floor
support beam assombly

(a)

Figurel.4.6 (a) Typical semimonocoque stiffened shell {L001) [L7], (b) Typical
Interior Frame of Boein@87 [19], (c) Typical transport skistringer panels for

differentaircraft models 17].

The load carrying member of the airplane parts were manufactured with the
aluminum alloys and isotropic counterparts. After the 80s, there has been an
increasing demand to replace the metallic -stbctures with composites as
discused in section 1.3 [10]. New advances irthe composite manufacturing
technology and the high demand for the lightweight structures are promoting the
growth of composite usage in a wide variety of ways, includosay carrying
members such as-t¢haped ribsSeveral currently used composite pastifening

methods and their advantages/disadvantages are desoriteulel.4.1 [16].
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(@)

(b)
Figurel.4.7 (a) Blade (b)unsymmetricabulb (c) 3stiffener (d) +Stiffener [L6)].

(€)

(d)

Table1.4.1 Types of composite panel stiffening methotl§] [

Pros

Cons

Blade stiffened panel

Simple to fabricate, easy

to stabilize at frame or riQ

Inefficient in bending,
edge wrapping may be

needed to prevent

(Figurel.47a) simple tiein at frame and, delamination, marginal
rib torsional stabity under
axial loading
Difficul li
Bulb panel ifficult to splice,
. Fair in bending, Fair tien difficult to fabricate
(Figurel.4.7b)

at frame or rib

because fopossible

compaction of bulb

J-stiffened panel

(Figurel.4.7¢)

Simple tiein at frame or
rib, double skin flange
improves peel and post

buckling strength

Torsionally unstable,
difficult to fabricate

compared to blade

I-stiffened panel

(Figurel.4.7d)

Symmetric crosssection
improves torsional
stability; double flanges
improve peel and post

buckling strength

More difficult to fabricate,
splicing difficult because
of narrow flanges,
difficult tie-in at frame or

rib
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1.5. Stress State ofin L-shaped Member

A typical stiffened member of a wing is subjected to three main kinds of loading,
namely the axial load which is parallel to the arm (P) , the shear load, which is
perpendicular to the ar(V), and the moment (M)Figure1.5.1). These loads are the
structural response of su#ructures to the external loads. In his thesis, Aki
Vanttinen explained the external loads applied to a wing substructife The

origins of the loads were explained as follows;

- Shear loads in the web

- Loads applied to the rib caps due to the bending of ribs
- Shear attachment of the rib to spar and wing covers

- Rddistributes concentrated loads: such as nacelle and landing gear loads to wing

spars and cover panels

- Support members: such as skininger panels in compression and shear.

- Inertia loads: fuel, structure, equipment, external stores (missiles, rockets etc.)

- Tension attachment of wing covers to the rib (combined shear and tension loading)

- Crushing Iads applied to the rib: when a wing box is subjected to bending loads,
the bending of the box as a whole tends to produce inward acting loads on the wing
ribs. Since the inward acting loads are oppositely directed on the tension and

compression side, thegnd to compress the ribs.
- Shear flow distribution on a rib bordering a-cwit
- Additional loads normal to the rib from items such as fuel pressure, slogtéetc |

These loads are applied to thesthaped parts of the ribs and create a complex stress
state at the curved region, which is a combination of shear @Mjpdepening
(Model) and longitudinal stresses. The combination of these stressates

delamination, which is the separation of layers.

15



Shear Loading Axial Loading Moment Loading

Figurel.5.1 Types of reaction forces ondhaped member

1.6. Delamination Problem in Curved Composite Structures

The composite material usage in caatft industry is an increasing trend and
laminated composites are being used in complex sheglesd carrying members.
These parts are exposed to the complex external loads, which were explained in
sectionl.5. Since composites have a laminated nature, it is important to understand
how loals are shared among the plighiese shared loads are causing various types
of failure modes. Thus, it is alswitical to distinguish the resin and fiber dominated
failures. In a curved region of laminates, the primary failure mode is delamination
[20, 21]. Delamination, by definition, is the separation of one or more layers
according to the lovthroughthickness strengths of composites and it causes a
reduction in the stiffness of the specimen. Thehiaped brackets of Airbus A380
wings pose as one of the important examples of the delamination problem.
According to the New York Times article, cracks are found in tshadped brackets

that connect thewngs é al uminum skin to its structur :

combination of metal and composite materz]]

In designs, it is important to aid delamination in the probable locations that are
prone to delamination. Some of the delamination nucleation points which are due to
manufacturing defects, oof-plane loads and ignoring the rules of laminate
geometry are shown ifrigure 1.6.1 [16]. In most applications, mulbriented
composites are used. The material property mismatch between the layers may create
singular stresses at the free edge and cause edge delami@afi@2]] Singular
interlaminar stresses are placed around the notch (or hole), into the laminated

structure, which may lead to delamination. The rédagoints of thickness (i.e. ply
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drops) and the regions subjected to the opening stresses are other reasons for
delamination 23].

. K‘QF?\
‘%\2_%?_‘3_2%1‘5 .

Frae edge Moich fhole) PLY terminalions Buckiad
cefaminalion

% \‘\W T“’
b

Maomal load

Figurel.6.1 Delaminationinitiation Locations[16].

The curved part of the laminate is considered as critical locatidarfona failures
(Figurel.6.2b) [16]. Geneally, all three failure modes (Modgopening), 1l (sliding

shear) andlll (tearing)) are seen in the delamination initia and propagation
(Figure1.6.2a8). Thus, to characterize delamination, mixedde failure analysis has

to be conducted. The interlaminar toughness associated with the fracture modes and

the corresponding strain energy releasesratast be characterize?/]

Arglestiffenes

~Skin

e} Banded amgle striffener t skin

Mode-{ (opaning) Maode-# (sliding shear) Mode-Iil Itearing shaarl
(a) (b)
Figurel.6.2 (a) Three fracture modes lead to delaminafz8) (b) Potential
delamination critical locatiofil6].

Test methods to characterizeetimaterial strengthare tabulated in Composite
Materials Handbook 17 2p], which shows the coupon test methodology of
composite laminates. American Society for Testing of Materials (ASTM) standards
was used in most of the tests. Tensile tests for the compositeatam were
conducted using the method of ASTM D638. Mddand Il fracture toughness
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values were established with double cantilever beam tests (DCB) and Mixed mode
and Il (mixed mode bending MMB). For pure Mode Il and lll, there is no standard
test metld available. Therefore, End Notched Flexure test (ERE;2Y] for Mode

Il and the Edge Cracked Torsion (ECPBJ29,30] test for Mode Il are generally
used.

Understanding the fracture mechanism of composites and designing new parts
require the knowledge of composite analyses. To characterize the delamination
mechanism, standard coupon tests are not enough. The microstructural analysis and
the component test mti be established. The full scale testing methods (Static,

fatigue and damage toleraneeed also to beonducted 16].

1.7.High Speed Monitoring System

In this thesis, the experiments ar®nitored with high speed camera systém.
understand the high speed imaging, it is important to understand the fundamentals of
the photography mechanisf(]. For this purpose, some of the factors of capturing
mechani sm are identified at this section.
which is a circular hole that shrinks or expands to arrangartteint of light. The
second factor is the shutter speed which defines the rate at which camera film is
exposed to light. The longer the shutter time is, the amount of light reflected onto the
film increases 48].The range of the shutter speed is between a second and
1/2.000.000 seconds depending on the frame rate in our case. The challenge of the
high-speed photography is that it depends on howkduithe film is exposed to

light. Because of this, the lighting mechanism has a great importance. Once the
object passes through the frame, the lighting unit enables the burst of light. In
addition to these factorg, photographer has be aware of someoncepts to get a

clear photograph from the camera, which are detection, synchronization and imaging
[48]. Because the actions can be fast moving anpredictable, they need to be
detected remotely. In our case, the high speed camera system has an external trigger.
The camera system displays the live images continuously but its capacity for
recording is limited to 16 GB RAM. Thus, the triggering memkm is set to capture

the dynamic event. Photron Fastcam SA5 camera system was used in the

experiments. The resolution of the camera is 1MP up to 7000 fps. 10,913 frames can
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be recorded at the maximum resolution which corresponds to approximately 1,5 sec

recording time. When the frame rates (i.e. speed) increase, the resolution decreases.
For example, at 620.000 fps, the measuring area decreases to 64x56 pixels. This
provides the increase in the total record time up to 5.15 sec, which corresponds to

3.193000 frames in total. lirigure 1.7.1, some examples of the shots taken during

the highspeed experiments in our lab with Photron Fastcam SA5 are shown

Water Balloon Explosion @ 7,000 fps

Delamination in composite structures @465,000 fps

Figurel.7.1 High speed camera pictures taken with Photron SA5 camera (a) water
balloonexplosion (7000fps) (b)Perfumespray (10000fps) (c) Delamination in
composite laminate (465000 fps)
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1.8. Scope of the Study

Laminated composite structures are used in the aircraft industry in different
configurations as discussed in the previous sections. In the planar structures like skin
and fuselage, the composite material usage dates back to 60s. However, the usage of
compasites in complex shaped structures is a new concept and needs to be
investigated. Theaveakness of the composite materials under out of plane loadings
limits the usage of composites. Therefore, the failure mechanism of the composite
parts has to be fullynderstood. The composite structures are placed in the sub
structures as curved parts. One of the critical configurations for these curved parts is
cal |l eds hampee dioL. | n sshapddipartas in aircrdft, strutturase L
mentioned in detail. Ats, the out of plane loads cause the separation of layers, which
is a primary failure mode of the-¢haped parts. In this work, the failure mechanism,
which is focused on, is delamination. In chapter 2, previous studies that are related to
the delaminatiorproblem of the curved composite parts will be discussedhe

light of these studies, the delamination is thought toaldynamic event which
propagates on theubRayleigh wave speed of the material. In order to monitor such

a dynamic event, a high spkeamera system is integrated. The loading case is
chosen as the quastatic shear loading, which was also commonly discussed in the
previous literatureln chapter 3, the experimental method will be discussed. The
material usedin this study, the variabb and the measuring techniques will be
clarified. In chapter 4 and,5he results related to experiments will be explained and
several concepts will be discussed. Firstly, the dynamic failure mechanism of the
delamination problem will be showrSecondly,the effect of the material on the
failure mechanism will be discussed. In this part, the [90/0] UD fibers and the [0/90]
weave prepregs will be compared. In the third part, the [900b$sply) layup and

the [0] (unidirectional) layup will be used irhé experiments and the effect of the
lay-up on the failure mechanism will be discussed. In the fourth part, the effect of
thickness on the failure mechanism will be discus$ads,specimens with the same
orientation are useith five different thicknessedsn the fifth part, the effect of inner
radius on the failure mechanism will be discussed. The specimens are manufactured
with 5mm and 10 mm inner radithe aim is to explain dynamic failure mechanism

of composites.
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CHAPTER 2

LITERATURE SURVEY

2.1. Historical Background

There are numerous studiediteratureforc d el ami nati ondé probl em.

2.1.1. Delamination Problem in L-shaped Structures

In this part, studies odelamination problerwere discussed in chronological order.

In the paperfi T hseengths of F e r Reinforced Composite
Springer (1986) conducted numerical and analytical studies to predict the stress
strain field of bend composite parts and the strength of bends made of fiber
reinforced composites. For the-ptane failure, TsaHill criterion was used and for
out-of-plane failure the Char§pringer criterion was used. The effect of geometry
and ply orientation on failure mode was discussed. The objective of this study was to
develop an analytical technique, which calculates tfessts and strains of bends or
elbows (curved structures) and estimates the maximum load before the specimens
fail. The problem was constructed on unidirectional fibers and thegdayas chosen

as symmetric with respect to the npthne. When the angle die curvature part of

the structure was 90°, it was called elbow, and when it was smaller or larger than

90°, it was called bend.

The analysis consists of two parts. In the first part, the sétegis calculation was
conducted and in the second pam failure conditions were established []. In the
stress analysighe thickness to width ratio was assumed small in bends. Thus the
displacements along width direction (u3) were neglected. The -strass
expression was derived with respect to the ptdreen theory. In the second part, the
effects of geometry on the bend strength were investigated. Numerical results with
five different ply orientations were generated for unidirectional graysipioxy

laminates. The basic assumption for the strengttulzdion was that the bend failed
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when either in plane failure or delamination failure occurB. [The effect of the

inner radius of the curved region and the bend angle for fiffereint layups are
shown in Figure2.1.2-3].
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Figure2.11 The effect of inner radius and bend angle on strength for different
ups B1].

22



[0,/45,/-45,/90, /-45,/45,/0,) T 300/1034-C LiH=4

" B
Cl o= 60" a-go* | a=1200
§ I¥
; | FF | =L IhF
: f " I
x K / e K
g i f’ i 4 -"Hh
" L
w r L i — in-piane Faikae
= i f," = Dealamination
w
L i | 1 i
0 2 4 o 2 4 [ ]
INNER RADWS R,/H INNER RADWS R,/H INNER RADMIS R/H
(30, f — 305,,/30.] T 300/1034-C LiH=4
'i‘ a=g0* a=120"
I s
L=
g /l‘ :@ur
F L
E -"'-'-__— W e .
3 L .( ,-I ﬂHu-
g o F — in-piane Faliure
15 . F,' === Delanailicn
I i 'l " i i 1
2 4 0 2 4 ]
INNER RADWS R, /H INNER RADUS R/H INNER RADWS R;/H

Figure2.12 (Continued)The effect of inner radius and bend angle on strength for

different layups B1].
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Figure2.14 The effect of stacking sequence on the stre[®fth

First comment was that the magnitudes of the inner radius and the bend angle affect

the strength as well as the ply orientati®i][ But the critical outcome was that

failure is generally due to delamination for small radius to thickness ratios. On the

other hand, in higher ratios, the failure mode is changed to in plane under inward

bending moment. If the bending moment was outward, the failure mode was always

delamination 31]. In addition to these, the highest strain valuesembtained in

pure 0° fiber orientation and 90° bend angle. Drawing another comparison from the

graphs, the bend was weaker for outward acting moments than it was for inward

acting moments3l]. A final comparison for the twarossply stacking sequence

points to the fact that laminates stacking starting with 0° orientation i.e. [0/90/0]

were much stronger than laminates stackistarting with 90° orientation i.e.

[90/0/90]. The importance of this paper is that it was anthaesis for the approach,

wh i

ch cl ai

ms t hat 6t h

e stbadHKiang

| aemg nneant ees Oi. s

the laminated structures become curved, thekstgcsequence plays an important

role in strength and failure mechanisms.

The

paper

OFailure in

Composite

Angl e Struct

by C.T. Sun and S. R. Kelly1988) In their paper, they studied the failure

mechanisms of congsite angle structures both experimentally and analytically.

They concluded that, there were two possible failure modes, i.e., initial transverse

matrix cracking due to bending stress and final delamination due to thiloetgh

thickness normal stress in gedregion B2]. They mentioned that the delamination

leads to the complete loss of bending stiffness causing total failure. In some cases,

the inital failure mode was matrix cracking in a lamina. But, the small cracks
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generally required additional energy to force the matrix crack to become a

delamination.

Three differentstackingwere chosen for experiments including graphite/epoxy and
fiberglass/epxy materials. The prpregs were placed to give 0° and 90° orientation.
The 0° and 90° plies were grouped by two or three in stacking. The reason was to
highlight the different failure modes. In the experimentalugetthe curved specimen

was mounted om fixed grip from the lower leg. In the upper part, specimen was
both bolted and clamped to the hinge mechanism. An optical microscope recorded

the onset of the damage.

According to the results, the stacking differences affected the initial failure
mechaism; matrix cracking was followed by delamination or directly delamination
was grown. By means of that, the curved composite laminates had two distinct
failure modes which are, 4plane failure and out of plane failurgg. In the curved

region, tensile radial stresses were higher due to geometry, which tends to separate
layers. However, the groups of 0° plies near the surface of the layup, weere t
bending stresses are critical, causes initial failure was bending failure. The small
bending cracks needed additional load to cause gross failure mode, which is

delamination.

I n the paper fADel amination Fail urad eion a
Martin (1990) investigated delamination failure numerically and experimentally in a
unidirectional curved composite laminate. The idea was to predict the maximum load
a unidirectional laminate can sustain. The delamination failure occurred unstdbly a
developed through the curved part, which caused the complete loss of bending
stiffness RQ]. Delamination failure was assumed to be startingp@tiocation of the
highest radial stress in the curved region and a closed form elasticity solutiorr with 2

D FEA was developed to find the location of the highest radial st&s The

energy release rate (G) variation was determined with respect to delamination
growth. On the basis of these analyses the delamination was predicted to propagate
from the curved part to the leg of the laminate und&rlaminar tension failure.
Another conclusion was about the radial stress in the curved region which was

maximum at the inner sublaminate after the initial delamination. These stresses
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caused a new delamination formation at the inner part of the ctegezh without

an increase in the applied load.

In the introduction part, possible failure types of laminated structures are shown with
the typical usagef curved parts in macro scalEigure 2.15). The main cause of
delamination failure was explained as the material property mismatch due to the
multi directional layup in composite laminate, which cause singular interlaminar
stresseq34]. Another source of delamination was explained to be the transverse
tension cracking acss the width 34]. These stresses caused delaminatidace by
matrix cracking at this location. A final description of delamination formation was

interlaminar tension failure caused by the bending of curved laminate.

n Curved
. 4 region
Angle bracket Co-cured web Curved frame

% Interlaminar
tension failure

Delamination
induced
by matrix crack v

Edge delamination —

Figure2.15 Possible failure mechanishof composite curved structures]].

In experiments, 24 plies of unidirectional graphite/epoxy curved laminates were
used. The fracture toughness tests were conducted and the average properties were
calculated. From the calculations the specimens were assumed as transversely
isotropic. As aesult of the calculations, the specimens were found toabsversely

isotropic.

During the experiments, small load cell (890N) was used to accurately monitor the

small load changes due to matrix crackir®f][ The lower part of the curved
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laminate was clamped to the ground and the upper side was clamped in a hinge
system which was free to pivotFigure 2.1.6a).As an author comments, the
displacemat change during experiments was small due to the high stiffness of UD
curved laminates. Because of this, the load applied via hinged was considered to be
vertical. In the results, the maximum load per unit width and the place of first
delamination initiabn was tabulated. There were two important outcomes of this
result. First, the maximum failure load, which was highly changeable, varied from
7N/mm to 14N/mm. Second, the delamination initiation place, which #4648 of

total thickness, was nearly tharsafor each experiment. A picture of the ocenae

of delamination is shown irF{gure 2.1.6b)It is shown that a single delamination is
initiated at 48% of the thickness and a second delamination is initiated at 23% of the
thickness. Finally, multiple elamination growth was shown and the longest

delamination in the picture was defined as the first delamination.

Lbad cel;

Load applied
via hinge

Pivot
pin

curved |

Specimen

| Fig. 5. - Damage in unidii

(@) (b)
Figure2.16 (a) Loading fixture (b) Delamination pictures taken during experiment

[24].

In the analytical results, the radial, transverse shear and tangentisées were
calculated and the normalized distributions of stresses with respect to thickness at

25° from the lower arm were plotted. The highest radial stresses were placed in 42%
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of thickness and the radistress wasound to be an order of magnitudegher than

the transverse shear stresses through the thick@€sHesides, the tangential
stresses were found to be maximum at the inner datheo curved region. In
addition, elasticity solution for radial stresses was compared with FEA. Between 20°

and 60°, they had a good balance.

In the next step of analytical calculations, the energy release rate (G) variation was
calculated separately fdooth crack tips. Modé and Modell energy release rates
were calculated separately to find out which mode is dominant in the crack front. In
the left direction, G(Mode| energy release rate) reached the maximum value at 22°
and moddl energy releaseate values were ineffective when compared with the
model [20]. Same energy release rate tendency was obtained in the right crack tip.
The magnituds were different and the place of maximum G was 50°. The
differences between these two crack tips were explained witlvalies. These
explanations show the delamination growth in both arms individually. There is no
explanation about the simultaneous cgragrowth. However, there are some
explanations under the assumption that the crack grows in both arms equally. Near
the crack nucleation point, the crack propagates in both directions equally but in
large angles, the energy release on the left of leftvaas higher than on the right
one. From this informati on, a G criterion \
approach, if G value were greater than 2%, then the delamination would have grown
at that direction. Otherwise, delamination grows in both direstegually. It is also
noted that the delamination growth is unstable up to 60° due to the positive energy
release rate values. In numerical analysis, after the initial delamination growth, the
maximum radial stress in cracked specimen was obtained atitieminate of the
structure without any load increase. Same phenomenon was shown in the

experimental pictures.

In the last step, the failure load was predicted. From the stress analysis, the failure
damage criterion was obtained, which is based on absumption that the
0del amination occurs when radial stresses

strength. o

I n the NASA technical icresppty rcurvedficbnaposdeg e pr edi ¢

| ami nat es o, Mar tin and Jacksomwaimduct ed an
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predict the delamination onset and growthcmossply curved composite laminate
under static and fatigue loading. In analytical work, a closed form stress analysis was
conducted to determine the stress distribution before failure. The strangye
release rate (G) was calculated with FEM. In the report, the focused failure type was
delamination emanating from a matrix crack. Experimentailpssply curved
laminate were tested for static and fatigue loading for a comparison with the
analytica results. Interlaminar tension delamination was predicted by comparing the
maximum radial stress with the interlaminar tensile strength and the life data of
composite. The matrix cracking was predicted by comparing the maximum radial
and tangential stresin a 90° ply. And finally, delamination onset from a matrix

crack was predicted by comparing the G values to the fracture toughnefxlflata

In the crossply testing, the layup was chosen asmj w gIm, ; (Lay-up A).
Although, it was mentioned that the lap is not structurally applicable, it was
chosen because the matrix cracks wouwdduo in the tension loaded (9QShes and
the delamination would grow from them. Another-lgy in the experiments was

Thj 0 BATY w0 TAT . (Lay-up B) (Figure 2.1.7)

Delamination
from matrix
crack

-~ Interlaminar
7 tension failure

~— Delamination
from matrix

— Matrix
crack >

crack

Matrix
crack —

Figure2.17 Damage in curved laminate (a) LayAp(b) LayupB [21].

In the report, some of the delamination pictures are shown. InRigeie 2.1.7agn
interlaminar tension failure in the 0° plies and an oblique matrix crack in the tension
loaded 90° pks in layup A are seen. It was claimed that the sequenceafrrence

was not known. In Figure 2.1.78,straight matrix crack was seen again at the 90°
plies. Although it was not experimentally proved, it was thought that the matrix crack
had occurredbefore the delamination.
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In the report, the crack initiation path was to be determined with stress energy release
rate analysis. Martin used a technique to characterize the path along curved region
which consisted of comparing the values of G at each draok and growing the

delamination at the location of highest G. Based on this technique, he concluded that
the strain energy release rate value (G) was highest at the inner right part of the
curved region undepreviously described loadin@(]. The unstable crack growth

behavior was also explained with the upward trend of G values from the center to the

leg of the specimen.

In the discussiomart, several important outcomes were explained. For example, it
was mentioned that the matrix cracks in laminate can be avoided by choosing the
lay-up so that the tangential stresses in the 90° plies are not highly tensile. Another
suggestion was to minize free edge delamination by choosing the-upg with

90°/0° or +45°/45° interfaces where the radial stress is [ad].

I n t he p a p e failured fCedliatipno &f isingét. joint structures under
bendi ngo, F e (2004) emddced 8xperimeanthl iarfd fnumerical analysis

on L-shaped joint members. Primary function of these parts is to transmit flexural,
tensile and shear loads between twain parts B5]. The aim of the paper was to
investigate failure predictions at adhesive bonding parts and curved parts of the joint
members 35]. For this reason, they used specimens bonded to the base and to the rib
structure. Between the-jhart and the base, there is a peel fillet partained size and
thicknessIn the mechanical testing part, they applied transverse displacement on the

joint rib part to create tensile loading on the inner part of Hshdped parf35|.

Al t hough they described the | oading scenari

the loading case was the same with the shear loading which applied perpendicularly
to the free arnfFigure2.1.8)
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Figure2.18 SingleL structure positioned between rib and biag.

The material chosen was AB%52 unidirectional carbon fiber prpregs with
HTA/977-2 epoxy matrix. In the laminate property calculations, the lamina is
assumed to be transversédptropic. Different layups are chosen for the base, the
rib and the kshaped part. The sequence eshaped part is [45/8Y5/90/45/0/45/0]

with 9 mm inner radius. After manufacturing process, they had 4mm thickness for 16
layers. They claim that theeason why they chose such a sequence and separated
thev 45° plies by 0° and 90° plies is to minimize the interlaminar shear stress

between thelies [35).

In the fixture, they clamped the base part of the specimen on a fixed plate, which
restricted all movements in-»and y directions. The strain recording method was
chosen as strain gauge measurement. The data was compared with the numerical
resuls. The stran gauge placement is shown Fiqure2.19). There were six strain
gauges. Two of them were placed on the rear side of the base plabé tlome was
placed on rib section and the rest were on the L section. Although this method was
highly efficient when it was compared with the numerical results, it only monitored
local strain fields. Their first important observation was that the péatl diktails do

not play an important role in the failure mechanisi8S].[In their experiments,
variable failure loads, failure displacements atiffiness values were observed. The
elastic stiffness in the experiments was in 10 % variation. On the other hand, the

average strain gauge values were in good agreement with the numerical results.
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Figure2.19 Joint structure and tedetails (a) Loading arrangement (b) Strain gauge

positions[35].

The preliminary analyses showed that the inner side of the cueggohrof the L
shaped laminate fails under tensile matrix cracking while the upper side fails under
compressive matrix cracking. The effects of matrix cracks were obtained from the
difference between strain gauge data. When the strain gauge data wereedompa
with the numerical results, there were two important outcomes, which are
summarized in the results. First, the numerical analysis without damage development
was nonlinear due to the elastjglastic behavior of the adhesive. Second, contrary to
the exgrimental data, no sudden jumps were observed in the numerical strain gauge

values B5].

According to the failure model predictions, the initialdiee mode was determined

as tensile matrix cracking at the inner part of trghaped part which occurred in the
45] plies. The reason was that the 45° plies carry highesvesige stresses during
loading. Atthe second stage, delamination initiation wagdicted. Several failure
criteria were combined at this stage to obtain thgeeb of delamination. Ifrigure
2.110, the predicted delamination location is shown which occur between the second
(0°) and the third (49 plies [35]. So the sequence of failure is summarized as
follows: The initial failure mode was tensile matrix cracking while the second failure

mode was compressive matrix cracking and final failure mode was delamination.
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Figure2.110 The predicted failure mechanism including delamination, compressive
and ensik matrix cracking35].

In his thesis (2004), Aki Vanttinen proposed a comprehensive study related to the
delamination problem in rib foot corners. The main purpose of the thesis was to find
a strength predictioomethod for the curved composite parfi9[ The strength
analysis was conducted with 90° angled carbon fiber reinforced specimens. The
typical load and stress states at the curved part of the structure were presented. It is
proposed that the out of plaséresses causeatklamination which wasalculated

with a method developed by LekhnitskBg. The applied loads were calculated
from the numerical code and five different failure criteria are considered in the study.
ASTM D6415 standard test method was conducted foobptane tensile stregth
testing. And the ouwof-plane shear strength was obtained with a newly designed
testing method. In the final analysis, Puck Failure criterion was used for the

prediction of the failure loadLP].

In the introduction part, the most common application for thghd&ped parts was
explained to be rib structures. The different rib structures were introduced well and
the stress state of ribs was clatfi It was mentioned that the enftplane shear and

tensile stresses both cause delamination and that it was hard to separate them. The

rib foot corner was defined as theshaped part that is bolted to the skin panel.

In the explanation of stress statkethe rib foot corner, Vanttinen showed the radial

stress £ and shear stresg () distributions through the curvature. The radial
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stresses reached their maximum level at the angle 0°. It changes from tension to
compression at the angle x80n the oher hand; the shear stress reached its
maximum level at 90°. Due to the change in th@lane tension, the owlf-plane

shear stresses decreased through the curv@gjre |

In theexperimental workL-pull tests were conducted. The specified name of the test
method comes from the shape of the specimen. The lower leg oftlibanh was
bolted to the table andehupper part loaded parallel to the upper arm (i.e. pulled).
Despite to the fact that it was not understood clearly, the lower plate was free to
move in horizontal direction, although not frictionless. The angular displacement was
restricted.This test wasconducted to clarify the failure mode of composites under
the specified loading conditions. The specimens were varied in stacking which
include 05 45 and 90° oriented plies. In the analysis part, it was found out that the
stacking sequence and the chang the corner radius had minor effects on the
strength of the ipull specimen. But it is worth to mention that the stacking
sequences were the different combinations of 0°,45° and 90° oriented plies, so it was
not the comparison of wdirectional laminte stacking. However, the fiber volume
fraction change had an important effect on the increasing strerfihsi the
analysis, it was criticizedhat the numerical clamped boundary condition was not
very accurate because in the experiments it was seen that structural response was
elastic [L9].

In the main part of the thesis, the critical failure loads with the critical positions were
tabulated for different layps. The loads were compared with the Fidliand Puck

failure criteria based solutions. The failure angles are predicted witPuitiefailure
criterion, which was the interaction of eoftplane shear and ocof-plane tension
failure modes. The compressive radial stress were embedded in the failure criteria,
since it was known by virtue of Kroll and Hufenbach that these stresseased the
fracture toughness against the -ot#plane shear due to the increased material

internal fiction [37].

I n the paper de&&menmentd avestigatoa of delamination in L
shaped | ami nated composi t e (20@9 compdocte@d nt s O, Wi
numerical and experimental study to understand the formation of delamination and

growth of existing delaminations in-¢haped carboremforced epoxy resin. They
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designed a test setup, whigives the dominant failure mode as delaminati®®.[

They had two types of test specimens (with and without the initial crack). Also the
experimental results were compared with the numerical simulations. The main goal
was to determine delarmdtion growth with maximum principal strains, growth

stability and structural response.

Due to the weakness of laminated structure strength in thickness direction, curved
parts had delamination problems under loading. Delamination significantly changed
the structural stiffness and the load carrying capacity of the specimen. Thus, it was
considered as being one of the critical failure modes in laminated stru@a43.[

It is mentioned that the general failure behavior of composite structures was brittle.
So, the local noflinearities aroundhe delamination front can be neglected and
Linear Elastic Fracture Mechanics (LEFM) can be ugdfl |[n the numerical work,
based on LEFM, the Mwal Crack Closure Technique (VCCT) was used. In FEM
analysis, Cohesive Zone Elements (CZE) had been develd@ed [

In the terminology of theirgper , t he term &éddel aminati on
initial delamination, which is formed in an intact interfa88][ In this paper, the
delanination emergence and growth of unidirectional CFRP under -gtsigi

loading is being investigated in two steps. In the first step, specimens without any
initial crack were tested and numerical simulations were conducted to discuss
delamination emergerc In the second step, delamination stability was tested with
specimens that have varied in initial crack length.

In computational part, strength/energy approach was used for delamination initiation
prediction and seranalytical approach was used for giction of delamination

gr owt h. Al so the phenomenon 6del ami nat.
kinking analysis, they wanted to discover when the delamination propagates between

0° and 90° layers, when the delamination front is oriented parallel @Dthigers or

grows into the 0° ply through the fibers. Based on the failure criteria, they concluded

that the crack had kink tendency under mbdminated mixed mode failures,

proportional to the modHd and model stress intensity factor.

In the expements, l-shaped structure was built up by UD®0° laminate. The ply

sequence was determined according to the consistency with numerical results. From
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the comparisons, the sequence was selected:;/65/0s/905/0;] i.e. the 0° and 90°

layers werggrouped by three3g]. The fixture was designed to create shear loading.

The lower part of the specimen was bolted and clamped to a fixed paheangper

part of the fixture applied displacement loading perpendicular to the upper arm. In
experiments, the local strain field was measured with 3D digital image correlation
system. At this stage, it I's i mportant
numerically based study. The experimental studies were only used for the load

displacement curve comparison and primitive strain field visualization.

According to the numerical analysis, they computed the stresses with Puck FPF
criterion. The crack initiatin location was determined between 9th and 10th plies
from the inner side within 30 plies. Another analysis was conducted and the critical
initial delamination length with respect to delamination emergence load was
calculated. The nehinear response of temination was estimated by knowing the

size and the location of critical initial delamination numericéfiigure2.1.11) [38].

In the Figure 2.111, the dynamic response of delamination iowh. Load
displacement curve had a sudden drop with respect to the increase of the delaminated

area.

\ = Delamination initiation

== Delamination propagation

i.5

Delaminatio
o length [mm]

Load Factor

= +5.00
h +1.00
/

Force [N]

Displacement [mm]

Figure2.111 Predicted delamination process in thehaped laminate; delamination
initiation curve and delamination propagation curve (top), structural response
(bottom)[39].
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Another important outcome of the numerical analysis was about the relation between
initial delamination length and equilibrium load. Different initial lengths were
analyzed and beginning from 1 mm initial crack length, the structural response was
obtainedto be unstable with the highest equilibrium load. Since the initial crack
length was increasing, the equilibrium load and the corresponding displacement were
decreasing. However, the delamination growth was still unstable. They continued to
increase thenitial crack length up to 5mm and they found out that the delamination

growth was stable for large initial delamination sizes.

In the experimental results, the leddplacement curves of three specimens without
the initial crack were shown and compareithwwhe numerical prediction8esides
instantaneous load drop with respect to unstable delamination growth was observed.
But the elastic stiffnesand the maximum loads varieBigure2.1.12). The variation
between the experimental results was stemming from the manufacturing
imperfections and the slipping problem between fixture and specimen during
loading. In the second part, initial cracked specsngrere tested. The kinking
problem was seen in all specimens. According to the results, the delamination was
initiated from the Teflon tape area and had grown across the 90° ply, and then had

grown along the opponent interface.

300 T T T

— Specimen #1 ;
ssobdr-- specimen 42| ___ L il L | |
Specimen #3 - L
— —-Predictien < .
— &00 . A e s
= H | L3 1 a L=
: | i i P "\
@ 450 : - .
) v
= \
O -
(. 300 i
A e
P
(Y] PR < — S — J

vl 0.2 1 1.5 i £.0 i 3.0 4

Displacement [mm] -

Figure2.112 Measurecand predicted structural response feshiaped laminates
without initial delamination$38].

I n the pap e rthe dyMeont edélammagion @ft-Ehaped unidirectional

| ami nated compositeso, Gozlukl u and Coke
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understand the dynamic delamination growth of existing delaminationsimaped
carbon reinforced epoxy resiithe delaminabn problem in Lshaped composite
beams was investigated with[2 explicit FEM model. The model consisted of 24
plies of CFRP unidirectional laminate with 1 mm qgrack at the center of the
curved part. The analysis was conducted with gstadic axial bading that was
applied parallel to the arm while the other arm was clamped. This loading type
created different types of dominating stress states at the crack tips. One crack tip had
opening stress dominated region and the other had shear dominatedegimessin

the second step, the thickness of the specimen was changed and a second
delamination growth was observed at the arm in this thicker lamjdd}eIn the

study, the radial normal stress () and the shear stregs ) were investigated
through the thickness direction. The related stress distributions were calculated
without precrack through the thickness. In addition, the stress gtateto the crack
growth was calculated. The results show that the left side of the crack was under
Mode| dominancy and the right side was under Mdldgominancy(Figure2.113)

(a) (b)

(c) (d)

Figure2.113 The stress contours during delamination initiation and propagation
[42].



The innovative side of this studstemmedrom the dynamic delamination growth
under the mixedgnode stress stateld]. The FEM analysis was conducted both
implicitly and explicitly. The loaedisplacement curves were compared. First, the
crack growth was found to be dynamic, so it was claimed that the ingoliglysis

did not work during delamination propagation. The crack tip speeds were calculated
differently in each crack tip, thus the mewhixity influenced the crack tip speed
regimes. Also, in the shear dominant region, the crack tip speed is higleer. Th
dynamic effect of the crack was also shown from the perspective of energy. The
kinetic energy distribution was found to be negligibly small up to the crack
propagation and reached immediately te5006 of the Energy Release Rate value
that indicates thenportance of dynamic effects. When the same numerical analysis
was conducted with a thicker laminate, another shear stress concentrated area was
obtained at the arm, and there was a secondary crack nucleated from this point and
merged with the prerack. It follows that the shear dominanciycreaseswith

thickness.
In the proceedings O6Failure analysis of
thicknessé, Zhang, Liu and Wang conducte

the failure mechanism of thmirved woven fabric laminates subjected to gstesic

loads. Four different stacking sequences were tested and they had three major
outcomes. First, the failure mode for all specimens was delamination. Second, the
failure location was close to the innpart and the failure was unstable and
delamination growth was instantaneod8][ In the numerical calculations, 3D FEM
analysis was conducted ugimBAQUS software and the circumferential stress
distributions were obtained. It is seen that the radial stresesty intensifyin the

delamination area and radial stresses are high between different stacking angles.

In the experimental studies, fouiffdrent stacking sequences were used. Each
specimen included (+45°), (090C°) woven plies with variable thickness. In the
fixture, one leg of the specimen was clamped to the stationary of the loading machine
and the other leg was bolted to the testTige load was applied by this moving part.

A classical tensile testing fixture turned into the shear loading condition by this way.

In their results, they did no hear any audible sooefdre failure and it is mentioned

that high level breaking sound wasand during failure. The failure modes of all the
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specimens are delaminatio#id]. But, the location of delamination was different for

all cases. Inwo cases, delamination is initiated in the inner side of the laminate; and
in the other cases, it started in the middle section of the thickness. In load
displacement curves the stiffness of the laminate increases along with the increasing
thickness 43]. But interestingly, the maximum value results did not depended this
rule; the thickest laminate had the smaller maximuad lthan the other specéms

[43] (Figure2.114).

In numerical studies, they calculated tredlial andtangential s&ss distribution
along the circumferential directiorAccording to the results, radial stresses are
maximum about 30° on the right of the lower side of the curved part and the
tangential stress, which reached its maximum value 90° on the right of theplanwer
(i.e. beginning of the upper arm), was zero at this point. Another comparison
included ply number vs. radiatress andangential distributions. For different
thicknesses, the radial stress distributions had similar trend. It was maximum
between (090) and (+45) layers at the inner part. It was shown that the differences
in thickness do not affect the maximum radial stress védigeie2.1.15) [43].

Specimen No. Stacking sequence
Fabric-1 [(=45)0(0.90)/(£45)a])s
Fabric-2 [(£45)0(0, 907/ (£45 )]s
Fabric-3 [(Z45) (£435) [(0,90)/(£451]s
Fabric-4 [(A45)/(0,90) (Z45)/0,900 (£45)4]s
(@)
E 1500
i
o 1 2 u‘;xmq:m] 5 B T
(b) (©)

Figure2.114 (a) Specimen configurations (b) Load displacement curves (c)

Delamination in curved regid@3].

40



Fabrec-1
Fabie-2
Fabrc-3
Fabrc-4

Sims s M Pa]

=20

Figure2.115 The radial stress along the thickness diredt#sj.
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CHAPTER 3

METHOD

In this chapter, the experimental procedure is discussed. Firstly, the nsatsrigl

in specimen manufacturing aretroducedand the microscopistructuresof the
materials in the laminate are shown. Also, in this part, the manufacpoegss of
L-beams isexplained. Secondly, the-shaped geometry is introduced and the
geometrtcal constraints of the laminates are tabulated. Therefore, laminate properties
with the material wave speeds are calculated. Thirdly, the loading mechanism and
fixture design process are summarized. And the parts péremental setup are
introduced espeally the high speed camera details are discussed. Finally, the basic
principles of the high speed monitoring and digital microscopy are explained. And,
the specimen preparation steps for such a microscapiatysis procedureare

itemized.

3.1. Material

In this study, three differentaiminate configurations are usethmely[0/90] fabric
laminate with 12 plies, [0] UD laminate with 17 plies and [9@@ssply laminate
with 17 plies Table3.11). The first layup is a [0/90] fabric consisting ©2 pliesof

5 harness satin weave fabric layefEg(re 3.11). The material is HexPly®
AS4/8552 5HS carbon fabric ppgeg, which has 0.28 mm cured thickness. In this
materal form, carbon fibers bundled and woven repeatedly to float over four
bundles, then under ondhe satin weave progdes a construction with low
resistance to shear distortion and is thus easily molded (draped) ovantpéex

shapeg52]. Because of these reasont is chosen for manufacturing the curved
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geometries.The 12 plies of the specimerannotbe seen clearly in micrograph
(Figure3.11b) because of thmeanderingeffect of the 5 harness satin texture plies.

The seond layup is [0] UD whichconsists ofl7 plies of 0° positioned UD pre
pregs Figure3.12). The unidirectional plies are laid through the thickness direction.
HexPly®AS4/8552 UD carbon prpregs are used having 0.18 mm cured thickness.
In this case, thenicrographsare taken from both thicknedsigure3.12b) and width
(Figure 3.12c) directions. It is observed that the unidirectional-gregs laid
through the same direction, distort the laminated view of the composite specimen. In

Figure3.12c, this effect is seen clearly in width directiormaviness

The thirdlay-up is bi-directional €rossply) lay-up, which has eight 0° and nine 90°
plies in the order of 90/0 and 17 pliestotal, beginning and ending with 90° fibers
(Figure3.13). In this case, the plies are easily recognized, even in the picture taken
from the thicknss direction by a regular camefaigure 3.13a).Using prepregs in
different orientations enables to create clear interfaces between the plies. In the
crossply case, specimerae manufacturedith different thicknesss and inner radii
rather than discussed abowaut, the layup of the allcrossply laminates are same.

In the specimen geometry paatl the specimens witlyeometricatonfigurations a&
shown. In this part, only thenaterials are discussed. Trable 3.1.2the lamina
properties of the prpreg materials (HexPly®RAS4/8552 5HS and HexPly®
AS4/8552 UD) used in specimens are tabulated.

Table3.11 The laminate orientation and the material type of the specimens used in

the experiments.

(;‘:iier?]itr;%toen Number of Plies Material Type
0505 2| et | Mo
[0]17 17 :g:ggé@z UD PrePreg
[wim Fwm, 17 :g:g%’é@z UD PrePreg
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Table3.12 Lamina Properties of the ppreg materials

E1l1l E22 E33 313 | 312 | 223 G12 G13 | G23 |
(GPa)| (GPa) | (GPa) (GPa) | (GPa) | (GPa) | (gr/cnt)
AS4/8552
UD 135 | 8.5 85 1029,0.29/0.05| 4.2 4.2 4.2 1.58
AS4/8552
EHS 55.7 | 55.7 62 |0.30/0.05/0.30| 4.2 3.7 3.7 1.57

=== — o —

5 harness satin weave

y

(a) X

Figure3.11[0/90] Fabric specimen showing in thickness plgbgMicrograph of

the specimen from >z plane.

Unidirectional *

(a)

Figure3.12 (a) [0] UD specimen showing in thickness plafig Micrograph ofthe
specimen from % plane (c) Micrograph dhespecimen from 3z plane.
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Bidirectional Unid

~90° Fibers

—0° Fibers

(a) (b)

Figure3.13 (a) [90/0] UD specimen showing in thickness plab¢ Micrograph of

thespecimen from >z plane.

3.2. Manufacturing Process of L-beams

The L-shaped specimens were manufactured using handplayith the vacuum
bagging techniqueRightangled aluminum male tool was used. Bagging systems for
autoclave forming technique is frequently used in fabricating composite airframe
components. When pygregs are combined with this technique, the production time
and the manufacturing diffictiés are decreased. The primary purpose of the bagging
system is to hold the laminate in position and extriaetexcess quantity of epoxy

[9]. It is critical to use sufficient amount of epoxy in composite manufacturing to
prevent the ovestiffing of the materialln Figure 3.21a, a simple schematishows

the sequence of the bagging system. Before laymdhe prepregs, the tool is
covered with the release agent. In our case Loctite Frekot®dNTZ7@as used as a
release agento prepare the tool fothe layup process46]. When it comes to
increasing the surface quality, the peel ply can be used at the inner angaoutdr

the laminate. But, we did not use in our case because the test specimen is not a
surface component of an airplane. Aftee tlayup process of prpregs Figure
3.21b), the bleeder and bris&r plies are placedrigure 3.21c). The last stage is
nylon bagging which is impermeable. On the nylon bagging, two or three small holes

are opened and the vacuum gage ports are placed. A vacuum vent line and a pressure
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gage are munted on these portfigure 3.21d). Specimens in the vacuum bag are
sent to the autoclave for the curing proc@sgure 3.21d). Autoclave pressure is
applied to the outer surface of the bag. This pressure strengthened the mechanism to
hold the composite materials stable during melting and curing. The autoclave is
pressurized to 6.9 bar at the room temgpure, then the temperature is increased to
180 °C with a rate of 0-8.0 °C/min at the constant pressure. The specimens are
cured in autoclave for 180 minutes at the temperature 180 °C and pressure of 6.9
bars Finally the temperature is decreased twmdemperature with a rate of €850
°C/min, while the pressure is decreased gradually. The total curing iime
approximately 10 hours4f]. After the autoclave process, the cured curved
composite laminates are ready to be cui ggecimen dimensionEifure3.21€). In

the following section th&nal geonetry of specimens are explained.

=

Vacuum bag

Breather

fabric

Figure3.21 (a) Schemtc of manufacturing process of composite laminate with
hand layup technique (b) Hanthyup over the male togt) Preparation for vacuum

bagging(d)Vacuum bagging proce¢s) After manufacturing process
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3.3. Geometry andLaminate Properties

3.3.1. Geometry of L-shaped beams

Manufactured kshaped beams are in tool ¢gh size after curingqigure3.2.1). First

step is to separate into 3emdth pieces which refers flanges and brackets of the
aircraft. In this thesis, the experimental procedure is conducted like coupon testing.
The wholescde testing is not conducted. The experimentalupetind fixture are

suitable for coupon testing.

The geometry of the -shaped composite specimen and the coordinate axes with
respect to the composite specimen are shovagure3.3.1a. The L-shaped brackets

are formed of 90 mm lower arm, 150 mm upper arm, 10 mm inner radius, 30 mm
width and 3.13 mm thickness. However -la%ered fabric laminate has 3.36 mm
thickness. A fnal version of kshaped composite parts and the thickness vision of

three differentayersare also sown inFigure3.3.1b.

1
[}
7 Axis

X-Axis

(a)
(b)
Figure3.31 (a) The geometry of ishapedspecimen (bYhe composite specimens

for three different layup.
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Table3.3.1 Orientation, ply numbers, and geometricahstraintof specimens using

in shear loading experiments.

Orientation Ifli(:s t(mm) | n.(mm) | Ly (mm) | L (mm) | w (mm)

[0/90]es 12 3.36 10 90 150 30
[0]17 17 3.18 10 90 150 30

[ witn fw U 17 3.18 10 90 150 30
[ wﬁnUanO 21 3.95 10 90 150 30
[ it 0 hw i, 25 4.67 10 90 150 30
[90/0}, 11 2.10 10 90 150 30
[90/0], 7 1.33 10 90 150 30
[, foo T, 17 3.18 5 90 150 30

L-shaped specimens were manufactured with some variable properties like number
of plies, orientation and inner radius to use in shear loading experimefitablm

3.31, the specimens are tabulated and dimensions are shbwae different
orientations are using as disused before which arditeggtiona) crossply and 0/90

fabric orientations. The outer dimensions of the specinkeep samdor reliable
comparison. For the further comparisons withssply laminates, the thickness of

the laminates is changed (i.e. number of plies are changed) and the inner radius of the
specimenss changed to 5mm. The experimental results and discusdiong the

differences are in next chapters.

3.3.2. Calculation of Laminate Properties

The coordinate axes with respect to composite specimen are shéiguia3.3 1a.
To calculate the laminate properties of the matetha fiber distribution in the
epoxy matrixis checked from the micrographghich are shownn Figure 3.11,

Figure3.12, Figure 3.13. [0]17 and [0/9Qss lay-ups are assumed be trasversely
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isotropicand [(90/0), ]sare assumed to be orthotropicis important to mention

the assumption for the calculation for laminated composites.

- The laminate thickness (3mm) is very small compared to its other
dimensions. For example, the thicknéssvidth ratio of the composite is
1/10.

- The layers of théaminateare perfectly bonded.
- The lamina and laminate are linear elastic.

For orthotropic casethe relation between sgges and strains are shown 48] [in

transversely isotropic casgseCsg,

. H "™H "H h .
:TI :,ll ::’;H :H :H il :,ll
11 ' | |H H H il 7
11 I 11 “H il 71
11 1l 1] “H |°|| | ¥
u U u "H W U (1)

The stiffness matrix haese independent parameters which are related to mechanical
moduli of material (£ E;, 23& 12&@ n d2). Bhe stiffness matrix components for

orthotropic case expressed as,

H Ry @)
H Ry 3)
H =Ry @)
H ¢ (5)
y AAA (6)

Under plane stress assumption, the stiffness matrix components are expressed with

following equations for both transversely isotrogid orthotropic cases,

1L
T S
h h T (7)
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H A Ho o
"H (8)
y A " H "H
"H 9)
“H "H (10)
"E E
A i & O i
i i (11)

where [A] is the extensional stiffness matrix which is calculated using above
expression whergkis the transformed stiffness of the ply at the position (z) at which
the stresses are being computdd].[ The laminate is taken as symmetric with
respect to the center plyhe laminate properties for [Qland [(0/90)}s specimens

are calculated using the following formuld2-16).[47],

- A A A A A A
A i i A A A
A A A A A A A

i A A A A A (12)

A i i A A A
A A A A A A A
i A A A A A (13)
. A A A A A A A A A A
€0 — — —
i i A i A A A A (14)
o A A
A A
OO0 o
" A
A me (15)
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h‘.

B (16)
The laminate properties are both calculated under orthotropic and transversely

isotropic assumptions and the values are found to be very similar. Only the decimals

are different.

The lamina properties for pggegs and engineering constants used in lamina
property calculationare tabulated inTable 3.1.2 After calculating the laminate
properties for [0]; and [(0/903]s and [(90/0), ]slay-ups Table3.3.2), the stiffness

matrices are calculating.

Table3.3.2 Laminate properties calculated for three-lgpyusing in experiments.

O "' 0A O(GPa] O (GPa| ’'go "o

R 18.0d 8.5 2.8 | 0.3/0.0
[(90/0)4w T8 68.1 75.0 2.8 0.0/0.0
[ 0/690]| 55.71 55.7 2.8 ] 0.0[0.0

3.3.3. Material Wave Speed Calculation
The calculated stiffness components were used in the dilatational, shear wave speed
and Rayleigh wave speed calculations wh‘éi’elenotes the dilatational wave speed

parallel to fibers whiléH denotes the dilatational wave speed perpendicular to the

fibers, His the shear wave speed ant density (1.59 gr/cm3).

The relations between wave speeds and stiffness components are asfgliow [

—JL_
N |

AL ¥ AL ¥

T TR oL
arv

Z Z

For the Rayleigh wave speed calculation following formula was used

12 172
=t _p?\[e (| _o?\) "2 ()"
CChs s ] |1 Co6 Ch6 4 (18)
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The real root of this formula gives the Rayleigh wave speed.

By using the above formulas with the linate and material propertieshe wave

speed of the material for three differeotientationsare calculated as follows,

Table3.33 Wave speeds of-shaped composite laminates.

HOjv H Ojv HWOjv W Ojv
[ @4 9250 2320 1330 1224
[(90/0)4£0 T8 6567 6916 1330 1224
[ 0/69 0] 6547 6547 1550 1510

3.3.4. Error Analysis Method for Velocity Calculation

In experiments, the gh speed camera images are usetheasure the crack length

and calculate the crack tip speeds. In the high speed imagesatkenitiation point

is found and taken as crack origin. The left and right crack lengths are calculated
with respect to the crack origarawing spline on therack. Since the crack length
measuremeris carried out visually, there is amcertainty range in the dat®o, this

range again calculated visuailshich can be expressed ascgtwith respect to time
(t+q1). The crack tip speed velocityg calculatingwith using backward difference
method from crack length vs. time data. The measurement error of the crack length

data is transferred the velocity by using the following procedure;

T (19)

<

o

(20)

o|"§'

Y <«
<

s
ES
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Figure3.3.2 Example for crack length calculation.

3.4. Fixture and Experimental Setup

3.4.1. Fixture Design and Loading Condition

The L-shaped composite beam is subjected to the @@t shear loading
perpendicular to the horizontal arm. Téehematicof the experimental fixture that
illustrates the loading condition for theshged composite is shown Figurel.7.1a
together with a pttograph of the stem inFigure3.4.1b.

Loading
Direction

Machine Head : h Roller

Il\; Bearing
“«
= Pivot Pin
50 mm .
S i i v m— .
P '

Linear ball
bearings

Slide Rail %
t >

Sliding
Direction

(@) (b)

Figure3.4.1 (a) Schematiof the loading fixture for perpendicular loading thfe arm

(b) Photo of the fixture and specimen before the experiment.
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The vertical arm of the dshaped specimen is clamped and bolted to the lower
fixture. The fixture is mounted on a linear motion bearing system which is free to
move along the saxis. Thesliding part of the fixture gives a smooth precise motion
along the xaxis in order to avoid any reaction force along tkeis to the upper arm
[46].The horizontal arm of the specimen is bolted to a pivot pin bearing system in
order to fix the arm with respect to the corner of the specimen which is free to rotate
around the a&axis. The ixture design is a challenge for providing pure shear loading.
The previous numerical studies are considered to desigfixthee [17,42]. The

major point was to apply the exact boundary conditions in experiments. Therefore, a
pure vertical load perpendicular to the upper arm is required ttaidjeof the
horizontal forces and the moment at the conpaant. Ina previous study studying

with same loading condition and boundary conditions, the development of fixture
design was discussedd]. Three diferent fixture types were used experiments

and the loadlisplacement data were compared with the simulation data.

250,

Type-1 »
200 e
]
150 “
[ome z i
T 2 g
ype- la 8
g ~ 100
50 -=-FEA
- : —Type 1
= r —Type2
Type-3 . Type 3

0 1 2 3 4 5 6 7
« () == Displacement (mm)

(a) (b)
Figure3.4.2 (a) Proposed and used loaaing tixtures to simulate the loading
perpendicular to the upper arm of theshapedspecimens(b) Comparison of

fixtures with the finite element analysis in terms of stiffness.

The load displacement curves and schematidstires are shown ifrigure 3.4.2a
Fixture Type#l is designed so that the lower arm of the specimen is clamped while
the perpendicular loading is applied to the upgmen with a line contact. The load
displacement curve dhis fixture (red line inFigure 3.5.1b) was found to be nen

linear. The softening behavior was observed cwhwas not fit to the brittle
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characteristics of composites and it was due to the variable moment arm. Fixture
Type#2, was similar to the shear loadifnguresin the literature 35, 38]. The lower

arm of the specimen was clamped to the fixed part and at the upper arm of the fixture
was mounted on a pivot pin system which is freeotate. Inthese two fixtures, the
loadingapplication point changes as the arm rotates. So the same softening behavior
was seen in fixturgype #2 (blue line ifrigure3.4.2b).

Fixture Type #3 is designedosthat the lower arm of the specimen is clamped on a
slider platform to give a degree of freedom along tiais that removes the reaction
force along the saxis at the upper arm. And the upper gixed to the fixture and

the rotation was created witkxternal pivot pin system on the same part. There was
no softening behavior of the load displacement curve. Just as in the finite element
model, the free movement of the platform prevented application of a horizontal force
as the upper arm rotates. Télepes of load displacement curves wéteerfectly.

Thus Fxture Type #3 gives the boundary conditions represented in the finite
element model accuratelfrigure 3.4.2c), which is a perpendicular displacement
applied to the upper ard§]. In our study, same wedlttested logic for lower arm of

the fixture is used

3.4.2. Experimental Setup

The experimental setup showing the fixture, loading and higkdspemera system is
shown inFigure 3.4.3. A Shimadzu Autograph AGS series with 10 kKN capability
screwdriven displacement controlled tensdempression testing machine was used.
All tests were conducted at a crdssad speed of 8im/min for quasstatic loading

at the room temperature. Photron FASTCAM-SAighspeed camera system which
records the images with framing rates of 7500 fps at full resolution of 1 MP and at
1,000,000 fps at reduced resolution were used. Since thmidateon process had
been expected to occur at least in the Rayleigh wave speed, the frame rates of
372,000, 420,000, 465,000 and 500,000 fps were chosen. A field of view of 17.5 mm
x 15.7 mm is recorded using a 50 mm lens with 12.5 mm extension tubeg thei
experiment. AeroseArt Ral 9010 white color was used to paint the side of the
specimen to create a contrast for better visualization of the delamirEtemmages

are recorded continuously for aboub4econds (2,000,000 frames at 120x64 pjxels

and saved when the record button is triggered manually at the first crackling sound.

56



LIGHTS

Figure3.4.3 Experimental Setup

The time interval bet ween the two pictu
compl ete delamination process | asts | es:
focused area can be captured by 64x120 pixels at the high frame rates. The detailed

measuring paraeters for each test are tabulatedppendixA.

3.5. Microstructural Analysis

Another part of this study includes the migtouctural investigation ofomposites
with an aim to understarttieir fracture mechanisms. Therefore, the tested specimens
were prepared for a micigtructural analysis. The preparation of a specimen to find

out its microstructure includes the following st¢p8,51]:

-Sawing the section to be monitored: This process has a critical importance. The
sawing process might be very slow in orderprotect the fiber orientatiom the

epoxy and prevent the eppburnt. Diamond saw cutter was used in this process.
The cracked specimen needs to be protected with plastic holders prior to cutting.
Otherwise, the cracks can be enlarged or specimen can fall into pieces during the

cutting.

-Mounting in resin: Cold manting is used with vacuuming machine. Although the
hot mounting process has the advantage of taking a lot shorter time than the cold
mounting process, the hot mounting temperature exceeds the glass transition
temperature of the composite. Hence, cold niogns used despite the fact that its

curing time is 24 hour. The dmubble void, which affects the quality of the
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visualization surface, was exploded under vacuum. A key factor for getting a good
flat surface after the grinding process is to choosesttength of the epoxy and

specimen holders close to the strength of the specimen.

-Grinding through coarse to fine the emery paper: This is a progressive process
beginning with 400 grit waterproof SiC papers and finishing with 4000 grit emery
papers. Thavhole process is lubricated with waterpgeeventthe grinding surface

from the epoxy burrindto remove the grinding particles.

-Polishing with 3¢ and Tdgetclehipatomesrwdihighar t i cl e s
magnification factors (100200x) at snall depth of fieldof a microscope is very

difficult. The specimen has to be polished using rotating wheels that are covered with

cloth and impregnated with a very fine abrasive solution. In our case, the filament
diameteris7% . Ther ef oe @mpountisare ehbseransthinvthe diamond

paste interval of 3 € to 1leg.

-Washing with alcohol and drying with warm water: Clearing the finalized sample
from lubricant and particles is important. The invisible marks can be very irritating
under microscopeln the midsteps, water is a good choice for cleaning up the
product but in the final stage, it is critical to use a-lewsity fluid like alcohol,

which dries quickly with warm air and prevents getting strained.

In Figure 3.5.1, the specimen preparation steps are shown. Thedtepcimens
(Figure 3.5.1a) were cut through the width direction by using Micracut 101 high
precision cutter Kigure 3.5.1b) and cold molding with epoxy in VACUMET cold
molding vacuum extractorF{gure 3.5.1c). The several grinding and polishing
processes were conducted with Minitech 223 grinding machine with cloths and
emery papersHigure 3.5.1d). The find view of micrescope samples is shown in
(Figure3.5.1e).

The samples were analyzed with Leica DMil inverted microscope with 5x, 10x and
20x objectives and 10x camera magnification factégre 3.5.2a). In the analysis,

the whole crack, which is seen in the higgeed camera, was observed under the
microscope. The aim was to clarify the crack position in the layers. For this reason,
multiple pictures were taken on the cracked surface and stitchatidoge get the

micrograph of the whole curved part. In Chapter 4, the pictures are discussed.
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(d) | (e)
Figure3.5.1 (a) Monitored area (b) Cutting process @@ld molding with \acuum
extractor (d) Grinding and polishing process (e) The final view of microscope

samples

The fibers orientation into epoxy for three difat layups was seen iRigure3.5.2b

with 100x magnification.

Figure3.5.2 (a) Monitoring process with Leica DMil microscope (a) Micrographs of

specimens.
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CHAPTER 4

EXPERIMENTAL RESULTS

In this chapter, the results ajuasistatic shear loading experiments that are
conducted with the dshaped CFRP specimens are discussagkults for hree
different layup configurations [0/90] woven fabric, [0] UD and [90/0¢rossply
specimens, are chosen for the testing procedine stress fields obtained from finite
element simulation of dshaped laminates are discussed in Sec. 4.1 to help in
discussing the experimental resulfBhe experimental resultarefirst presented for
(0/90) fabric layup in Sec4.2 followedby experimental results for [0] UD layp in

Sec. 4.3. In Sec. 4.4, the experimental results of [90/0]-@igday-up arediscussed

in three parts. In Sec. 4.4.1, detailed experimental results fply®0/0] crassply

with a baseline ply number of 17 and inner radius of 10 mm is discussed. In Sec.
4.4.2, the effect of thickness on delamination behavior of [90/0] -gigsss
presented. Finally, Sec. 4.4.3, the effect of inner ragits mmon a 17ply [90/0]
laminate is presentedn all sectionsobservationsare discussed at three scaldg

the macro scalgethe loaddisplacement curves of the experiments are compated.
the mesoscalethe failure process and sequence are presented and tketiprac
speeds arealculated. At themicro scale the micrograph of cracked specimens are

shown and discussed.

4.1. Stress Fields

The numerically predicted stress fields of theHaped specimen under shear loading
are discussed in this section. It is important to be awatteecpatial distribution of

the stress components before discusdimg experimental results. The stress fields
prior to the delamination initiation are taken from the recent numerical study about
the same configuration and materadl[0/90] fabric speenen([17]. The numerich

study was conducted usirexplicit finite elementmethod in conjunction with the
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cohesive zone otelling in ABAQUS/Explicit FEA commercial codeFor more

information about the numerical study, please lool &t [

In Figure4.11, the stress contowf the radial opening (normal) {8, shear (&)

and longitudinal (§) stresses are shown for [0]9fabric laminate prior to
delamination nucleatiors it is seernn Figure4.11, the opening stress is maximum

(40 MPa)at the center othe curved region which isround 42% of the thickness
measured fronthe inner radiusl7]. On the other hand, the arms of gEecimerare
dominated by the shear stresses with the shear stresses reaching then maximum
values atfour dstinct locationsat the end of the curved regi¢h2 MPa) For the
longitudinal stresses, the maximum locatamexpected from beam bending theory

is obtainedat theinner side of the laminate be 646 MPaThe stress distribution for

the fabric laminat will be used tadiscusg0] UD case gualitatively, sinceboth lay

ups are tkento be transversely isotropic
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Figure4.11 Numerically predicted normal §g, shear (&) and longitudinal (§)
stress distributions in tH8/90] fabricL-shaped composite laminate prior to
delamination initiatiorf17].

Stress distribution plots aregsentedor the [90/0]crossply case.ln Figure4.12,

the stressontoursof the radial opening (normal) {5, shear (&) and longitudinal

(S11) stresses are shown for the [906Bbssply laminate prior to the delamination
nucleation. Sameistribution with the fabric casean beseen. The mid part of the
curvature is dominated by the opening stresses, the arms are dominated by the shear

stresses and finally the inner part of the curvature is dominated by the longitudinal
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stressesHowever, he maximum normalstress become80 MPa whereas the
maximum longitudial stress increases to 980 MRa compared to the fabric
material. In the following sections, the experimental results will be discussed using

these stress fields.
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Figure4.1.2 Numerically predicted normal £8, shear (&) and longitudinal (g§)
stress distributions ithe [90/0] crossply L-shaped composite laminate prior to

delamination initiatior]53].

4.2. Experimental Results of [0/90] Fabric Layup

The first results belong to the [0/90] fabrieshaped specimens. The Jay details

are explained in the methodnp. 8 different tests were conducted. In ApperBljx
the loaddisplacement curveare tabulated. In this part, only three of the experiments

are dscussed.

The load displacement curves of thesthaped composite laminates are shown in
Figure4.21. The results of the experiments F1, F2 (froftbatch) and F6 (from“ﬁ

batch) are presented in which the load increases with displacement in the linear
elastic region before a sudden loawmlis observed at the point of delamination.
Both experiments F1 and F2 yielded similar stiffness and maximum load values of
38.8 N/m and 743 N, respectively, with a 20% variation. The result of F6 was
slightly different than FF2 since it was from a ddrent batch. Its maximum load

and stiffness values were calculated as 931 N and 43.7 N/m, respectively. The
sudden load drop is associated with the delamination initiation and propagation. It

should be noted that, during the loading, a low level crackdimgnd, which is
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attributed to matrix cracking, is heard at B0 % of the maximum load. However, no
effect on the loadlisplacement curves is observed. At the instance of the load drop,

a sudden high level breaking sound is heard in real time.

1200

——F1 (Exp.)

1000 g (Exp.)

800 | ——F6 (Exp.)

600 r

Load (N)

400

200 r

0 1 1 1 1 1 1 1 1
0 3 6 9 12 15 18 21 24
Displacement (mm)

Figure4.21 Load-displacement cunsfor [0/90] weave fabric tests

After the crack propagation ended, single or multiple delaminations were seen on the
specimen, starting at the curved part and propagating to the &fter the load

drop, load carrying capacity of the specimen decreased substantially to almost 30%
of the maximum load and at that point the experiment was stopped. Both
experiments yielded similar stiffness values and maximum load values of 38.8 N/m
and 743 N, respectively, with a 20%ariation. Thegeneral pictures of the specimen
mounted on the fixture are seerfigure 4.2.3The specimen jusiefore the loading

is shown in Figure 4.2.3and the specimen after the failure and before the unloading
is shown inFigure 4.2.3bThe angle of the curvature of the failed specimen with

respect to the nefailed specimen is calculated as’31

64



Figure4.22 The cracked surface of F2 after failure.

(b)

Figure4.23 Photograph ofhe L-beamfabric specimen in the test fixtua) before
startingthe shear loading test arfld) afterthefailure.

Figure4.24 shows the higispeed images of the curved region during the initiation

and propagation of delaminati on. The st

initiates between the 5th and the 6th plies at 12° left from the center of the curved

region and thergrows to both armsHgure 4.24b). During the crack formation,

some fiber bridging can be observed at the crack surfeiceiré 4.24e). The

delamination, then, propagates rapidly in both directions into the arms, leaving the

field of view in 10 es (5 frate@pgigsare As t h
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seen to be oscillating and they are damped after 4 cycles. The oscillation frequency

was calculated from the high speed images as 31.2 kHz in the curved region. A

second crack nucleates at the right arm between the 10th and the 11th plies and
comes into view at 510c¢ sFigaré4t2dg). Thehfiest f i r st cr
seven pictures ifrigure 4.24 belong to the experiment F2, where the camera was

focused on the curved region. On the other hand, the last two pictures, which were

captured when the camera was focused on the lamernf the specimen, belong to

the experiment F6. The major challenge of the experiments is the ratio between the

capturing area and the recording speed. In higher frame rates, the capturing area is

getting smaller (for detailed informatib@h. 3). Becausef that, two different

experimental results are merged in the solutions.

The crack lengths are measured from the images until the crack leaves the field of
view. The crack tips are located by the naked eye, seeking the last black pixel of the
crack areaThe crack tip locations that are measured from the crack nucleation point
as a function of time, for both the right and left crack tips, are showigure4.25.

The data of the specimen used in the experiments F1, F2 and F6 are combined in
Figure4.25. However, the right crack tip could not be traced after a while because
the arm leaves the field of view due to the rotation of the speciméigune4.2.5, it

can be seen that the right and the left crack lengths for the specimen F2 follow the
same pattern. The crack length evolution of the experiment F1 exhibited similar

behavior to tht of the experiment F2.
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Figure4.24. High speed camera images of the (4g@pric CFRP Ebeam
laminate:(ag) 15. 7 mm by 17.5 mm field of view
interval showing delamination initiation and propagatiexperiment F2), @) 32.0
mm by 16.4 mm field of view in the vert:.

delamination propagation (experiment F6)

67



N
o

I
35 I
I
30 |
€25 | :
£ |
o 20 |
& I
%’ 15 | I -8-F2 (Left)
@ | .
S 10 4{5 I ©-F2 (rigth)
s | * I -m-F6 (left arm)
. : A-F1 (right)
o0& - - -
0 5 10 15 20 25

Time (g3)

Figure4.25. Crack ength as a function of time ftieleft cracktip (solid synbols)
in the curved region (Experiment F2) and the arm (Experimeérarfdheright
cracktip (open symbols) in #ncurved region only (Experiments F1 and.F2

In the first image of the crack, the left crack tip is measuré&iGsmm and the right

crack tip is measured as 3.41 mm. In the following two frames, the crack propagation

in both directions has unstable growth rate. In the last picture, just before leaving the

field of view in the cuwthagdan upeadtrendfoat 10 ¢ s,
both experiments and crack tips. For a tir
second experiment are superposed in the plot, where the camera is focused on the left

vertical arm. The crack length difference between the twocemsive images

increases up to 9 mm at this part. When it is compared with the curved region, the

progression rate has higher values. The left and the right crack tip speeds are

calculated from the crack length data, using backward difference method.
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Crack Tip Speed (m/s)

Time (s)

Figure4.2.6. Crack Tip Speeds as a function of timetferleft cracktip (solid
symbols) in the curved region (Experiment F2) and the arm (Experimgah&the

right cracktip (open symbols) in #ncurvel region only (Experiments F1 and)F2

The crack tip speeds as a function of time are givdfigare4.2.6 for the right ad

the left crack tips. IngecimenF1, delamination initiated at 1200 mfsboth crack

tips whereas in specimdi2 delamination initiated at 600m/s. But both experiments
increased up to 2000 m/s at the end of the curved region. The crack tip speeds in the
vertical arm were calculated for the specimen F6. The crack tip speed values
increased from suRayleigh to inérsonic speeds around 2000 m/s at the vertical
arm. In the third experiment (Exp. F6), the crack entered the field of view in the
vertical arm at 2200 m/s, went up to 3200 m/s, and then slowed down to 500 m/s

before arresting.
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Figure4.27 Micrograph ofa [0/90] fabric specimeim general view.
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(b)

Figure4.28 Micrographof a [0/90] fabric specimen with closg of cracked
regions(a) Cracked surface near the legs (b) Cracked surface near the middle part of

curvature.
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The tested specimen (F2) was cut through the width direction and the surface to be
inspected was prepared for the microscope. The process was reportettbin 34.
Micrographs were taken through the cracked surface and merdesplay the crack

in the curved part. IrfFigure 4.27and Figure 4.28, the micrograph result for the
fabric specimen is shown. Before explaining the craukation details, some
comments about the general view of the cracked surface are summed up in the

following;

-The whole area contained in the field of view of the microscope was captured and
stitched to see the crack that was discussed, usingshiegdcamera pictures. For

this purpose, 60 microscope pictures were stitched.

- The dark parts in the laminate are® $iBers and the light parts aré fibers. As it
wasdiscussed in the method part, the laminate has 12 plies and the waviness in the
laminateis due to the 5SHS weave of the fabric material.

In the upper part dfigure4.2.8, it can be seen that the delamination is located at the
5™ interface. The 90° and® group of plies form the texture of a single ply. Because

of this, the light and the dark areas are counted as a single layer. The delamination
had been in progress between the 90° and 0° interface. At the mid part of the curved
region, another crack, wdh was placed one ply above the main crack, was seen.
These two cracks move parallel to each other through the curvature. The second
crack goes into the 0° plies and displays different behavior compared with the first
crack. In the mid part of the curveegion, the crack naaders in the 90° plyRigure

4.27). But away from the mid part, the crack is parallel through the interface of 0°

and 90° plies.
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4.3. Experimental Results of[0] Uni-Directional Lay-up

The second layp to be investigated is the -1aered O uni-directional L-shaped
specimen. The layp details are reported in the method part (Ch. 3). The load
displacement curves of the three differfijt; experiments under quasiatic shear
loading are shown iffigure4.31, aftera linear elastic loading behavior, a load drop
occurs at failureto less than 15% of the maximum value. An instant high level
breaking sound was heard during load drop. After the crack propagation ends,
multiple delaminations were observed pogirtem. After the load drop, the
specimen lost all its load carrying capgc In Figure 4.31, the loading stiffness

shows a large variation.

1400
= Specimen 1
1200 / Specimen 2
1000 + = Specimen 3
Z 800 -
8
S 600 -
400
200 -
O g 1 1 1 1 1
0 5 10 15 20 25 30
Displacementmm)
Figured31 [ Qs peci men | oad di spl acement curve

In Figure4.3.2, the high speed camera images of the Specimen 1, captured during
delamination initiation and propagation, are shown. The time interval betiveen
two pictures is 1.613 ¢s, and the total
are several observations as a result of high speed monitoring. An initial crack occurs
in the midpart of the curved regiorF(gure4.3.2b). After the initial crack grows to

17.5 cm, the second and the third delaminatiéingu¢e4.3.2c) start simultaneously

and they are placed symmetrically with respect to the first crack tips. Secondly, the
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multiple delamination process is observed for whole part of the curvature through the
thickness Figure 4.3.2f), which explains the loss in the load carrying capacity. In

Figure4.3.3, a general picture of the failed specimen is shown after the failure.

t=4.839>s

®

Figure4.3.2 High speed images of Specimen 1 taken at 620000 fps

The right crack tip location as a function of time was determined from the high speed
pictures, starting from the nucleation poifigure 4.34a). The average crack tip
speeds are calculated using the backward difference methogigure 4.34b, the

right crack tip speed is shown together with the material wave speeds (the shear
wave speed (§, Rayleigh wave speed gand dilatational wave speeds parallel and
perpendicular to the fiber directions/(GC2?)). The first calculated speed (1033 m/s)

is already close to the Rayleigh wave speed of the material (1224 m/s) and then
reaches the intersonic speed (2401 m/s) as the crack tip under mixed mode, which

was discussed irf].
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Figure4.3.3 Picture ofthe[0] UD specimen after faile.
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Figure4.34 (a) The right crack tip progress during delamination propagation (b)
Cracktip speed history for the initial crack of [@kpecimen under perpendicular

loading.
75



4.4. Experimental Results of[90/0] Cross-ply Lay-up

4.4.1. [90/0] Crossply Lay-up with 17 plies and 10 mm inner radius
The same experimental procedure was conducted of ehjtrt o T crossply

oriented laminates. IrFigure 4.4.1, the loaddisplacement curves of the three

different specimens are seen; there are three or four sudden load drops corresponding

to the delamination initiation and propagation which is aecgifit delamination
propagatiorconcept than the other specimens. When the failed composite specimens

were reloaded, they continued carrying the applied load with a slightly lower

stiffness. After reloading, it is seen that the maximum load before théoaextirop

reaches to 75 % of the shamaged speci mends original |l oa
During the loading, lowevel crackling sounds were heard, which are thought to be
corresponding to the matrix cr a@®Riohg. The fic
the maximum load. But, theffect on the loadlisplacement curves of these small

cracks isnot observed in the loadisplacement data.
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500 F
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100

0 1 1 1 |
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—90/0-3
—90/0-1
—90/0-5

~

Force (N

Figure4.4.1 Load displacement ahe[90/0] specimens curve under pendecular

loading.
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The high speed camera results for the Specimen 3, taken at 465000 fps, show the
failure details. In this case, a much more different failure mechanism was observed.
In the first load dropRigure4.4.2a), a single delamination nucleates near the inner
radius, 138 left of the mid part. This single delamination propagates all the way
through, until the end of the first load drop. Sirthe specimen is loaded after the

first load drop, a second delamination occurs when the load reaches toF&&ré&l

4.42b, albeit with a lower dfiness. Upon further loading, the stiffness of the
specimen slightly decreased and the specimen can still carry load up to 430 N. Then
the third and the fourth delaminations ocesrshown irFigure4.4.2c. This failure
mechanism has also been explained in secdloh The longitudinal stress
components are maximum at the inner part of the curved region, which causes small
matrix cracks at the 9Qorierted plies. Although, the shear and the normal stresses
are maximum at different locations, the dominant stress type of this failure
mechanism is longitudinal stress because of thidiBérs. The reinforcement part of

a composite material consists of fisefhe primary mission of the matrix part is to

hold the fibers together and transmit the loads. Generally, the material properties of
the adhesive materials are lower than the reinforcement material and this fact causes
weaknesses in the longitudinal ditien for this caseln Figure 4.4.3, a general
picture of the failed specimen is shown after the failure.

The crack tip positions and speeds were calculated from the first five pictures of the
delamination process, with respect to the crack initiation point showfigure

4.4.2b. The right and the left crack tip locationss determineds a function of time

in (Figure 4.4.4a). Approximately the same amomtt of propagation through both of

the arms was calculated. With the crack initiation point taken as the crack origin, the
crack tip speeds are separated as the right and the left crack tip speeds with respect to
this origin. The crack tip speeds were cddted with the Joint backward
difference method and are plottedrigure4.4.4b.
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Figure4.4.2 [90/0] crossply progressive damage pictures taken at 465000 fps'(a) 1
load drop (b) #'load drop (c) % load drop

\

‘\
N

Figure4.4.3 Picture ofthe[90/0] crossply specimen taken aftéhefailure.
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Figure4.4.4 (a) The right and left crack tiprogresgduring delamination propagation
(b) Crack tip speed history for initial crack of [90/0] specimen under perpendicular

loading.

In Figure 4.4.4b, the cack tip speeds are shown together with the material wave
speeds (the shear wave speeg,(Rayleigh wave speed Cand dilatational wave

speeds parallel and perpendicular to the fiber directiond (G?)). The first
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calculated speeds (391 naisd 270m/s) are smaller than the Rayleigh wave speed of
the material (1224 m/s). The second point data (2340 m/s and 1810 m/s) exceed the
wave speedevels, which provehat the crack nueation part is shear dominated.
Then crack tip speeds reach the intersgpeed of 1330 m/s. The fracture mode near

the crack tip is mixednode as discussed i4q].

The tested specimen was prepared for a microsamatysis, following the steps
mentioned in the method section. The curved part of the laminate with 4 succeeding
cracks was monitored with microscop€igure 4.45). First, the locations of
delamination are determined. First delamination is betweenttam@ the ¥ plies,

which corresponds to the'load drop. The second delamination is in tfepsy,

which corresponds to thé“oad drop. And théollowing delaminations are located

at the 7" and the & laminates through the curvature, which corresponds to 'the 3
load drop Figure4.4.1). Thefirst observation about the failure mechanism is that the
failure modes are different at the center part and at the end of the curvature. In the
curved part, vertical cracks in the first 90 ply are obser¥egu(e 4.4.5a,b). The

crack lied between the fibers, and in the second 90 ply, vertical and 60 degree cracks
are monitored. This fact proves the matrix crack observations. Thus, the cracks
meander the 90 ply instead of causing delamination in the curved parts. The area
undermeandering behavias getting smaller from the first crack to the last crack.
Near the arms, the 90 degree cracks are transformed into the interlaminar
delamination failure Kigure 4.4.5c).Thus, the cracks propagating between tht 90
fibers changed their attitude to the interlaminar propagation, which propagate

through the ©®and 90 interface.

In the sectiort.], the stress fields of the [90/6jossply laminate was shown. In the
simulations, the longitudinal stresses were fotmbemaximum at the inner part of

the laminate whereas the shear stresses were maximum atdthef éhe curved
region and opening stresses were maximum at the center part of the curved region.
By using this stress field analysis, the failure mechanism of the 90/0 laminate was

explainedIn micrographs, the folloimg statements are proven,;

-At the nner part of the curvature, higher longitudinal stress distribution causes small

matrix cracks,in the 90 laminate so the crack starts fraims area. The angled
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cracks and the meandering view shoatrix cracking initiations followed by growth
by coalesence of these cracks.

-This meandering behavior is getting smaller, going through the mid part of the
thickness. At the migbart, the dominant stress was found to beojheningstresses.

Thetransferalbf the dominant stress types causes the attitudeaoks.

-At the end of the curved region, cracks propagate at the interface between the layers
and the crack tip speeds are increasifigre 4.2.6). These facts strengthen the
observation related to the change of the dominant failure mechanism to shear
dominated.
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Figure4.4.5 Micrograph of the curved region of the [906pssply laminate
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4.4.2. [90/0] Crossply Lay-up with 10 mm inner radius and different
thicknesses
In the previous section, a single configuration for the [90/0] laminate was selected in
order to compare thailure mechanism with other layps. The failure mechanism
was found to be different than the other cases. Furthermore, the initial failure mode
that causes delamination starting at the inner part of the laminate was found to be
matrix cracking. The nextssue of doubt about this different failure mechanism
concerns its MArepetitivenesso. It i's con
repetitiveness of the failure mechanism. So, the effect of thickness is investigated. In
Figure4.4.6 , the test specimens are shown with different ply numbers which are 7
11, 21and 25 plies. Theesultsare discussed here and the thickness effect will be
discussedn Ch.5.

Figure4.4.6 Specimensvith variable thickness

In theFigure4.47, 7-ply s p e c i nesellts &rs shown. The first comment about the
experiment is that the specimens lost theghlape during loading. The angle of the
curvature is more than 120°. The flexityil of the specimen causes too much
extension before the failure. Also, the load displacement curve manifests softening
behavior, which causes ndinearity, during the loading. However, the high speed
camera pictures show that the delamination nucleatdse anner part of the curved
region, which was observed previously for theply specimen. Only one crack is

obtained before it lost its all geometric constraints.
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In 11-ply specimens, the flexibility probin which was seen in theply specimen
become less effective. It does not affect the elastic region of thelispldcenent
curves. Only one load drop is observed before the geometry lost its curved shape.
But in this load drop, a single delamination nucleates from the inner part of the

laminate, which shows similarity with the previous cg§egure4.4.8).
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Figure4.4.9 Load Displacement curves dhe 21ply specimens.
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Figure4.4.10 21-ply specimen resultsy=2.38¢s).
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Thethird lay-up is the 23ply specimen. At this pointhicker options than the iply
laminates are discussed. Fgure 4.49, the 21ply specimen loaddisplacement
curves are seen. The initial observation is related to the maximum load difference of
the specimens, which can be due to the manufacturing defects. A small crack is
observed before the experiment in specimen 2, which is shokigune4.4.10, first

frame. Because of this crack, the laminate fails before the expected load. But the
maximum load difference does not affect the stiffness valiso, the multiple load

drop case is seen in the both specimens. The delamination formations corresponding
to the load drops for specimen 2 are showRigure4.4.10. In the first load drop, a
single delamination nucleates at the inner part of the laminate. In the second load
drop, two consecutive delaminations are seen. In the third load drop, a fourth
delamination initiates. All delaminations nucleate at the curved region and propagate

to the arms. This failuredavior is the same with the-ply crossply specimen.

In Figure4.4.11, the loaddisplacement curves of tl#s-ply L-shaped specimens are
shown. Although, the same elastiodulus isseen in specimens, there are variations
between the maximum loads of the specimens. When the specimenanabzed
before testing, the manufacturing defects and small delinking between the groups of
90° plies were seen. This situation affects the maximum load of the specimen by
acting like a precrack. Therefore, the first delamination propagates from these
initial-cracks at the inner layer of the specimdfig@re 4.412). This first
delamination corresponds to the first load drop. In the second load alsszond
delamination initiates very close to the first delamination. And at the final load drop,
the delamination nucleates very close to the outer part. It is noted that the number of
plies affected the manufacturing disabilities in curing. So if theatop the bottom

plies are not bonded well, the failure mechanism can also be affected. This can be

another reason why the third delamination propagates very close to the other surface.
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Figure4.4.12 High speed camera resultstbé 25-ply specimensdi=2.38¢s).
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Figure4.4.14 (a) Left Crack length vs. time graph with respect toctiaek
nucleation point for 7,11 and Ay laminates. (b) Left crack tip speed fqrid and
21-ply laminates.

The 5 or 6 pictures taken with the high speed camera after the crack became visible
were used to calculate the crack lengths. In the first jgictine crack nucleation

point was marked and the crack axes were placed at this origin. In the following
images, the crack length was calculated with respect to this point. The crack, which
lied through the right (upper) arm of the laminate, wederredto as the right crack

tip and the same conversion was also used for the left (lower) arm laintiveate
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Same procedure waspeated for the ,711 and 2ply specimens. The results are
shown inFigure4.4.13a andFigure4.4.14a. When the two graphs are compared, it is
seen that the left crack lengths are higher than the right crack lengths. In the right
crack tip, the longest crack lethg are measured for theply laminate. On the other
hand, inthe left crack tip, the Xply specimen has the higher crack length value. For
both crack tipsthe crack tipspeedsare calculated by using backward difference
method The right cack tip velocity of the “ply specimen ha a higher value for

right crack tip velocity (2460 m/s). On the other hand, the highest value ftafthe
crack tip belongs tol1-ply specimen (2876 m/s)The slope of left crack tips is
generally higher than the right crack tipehe 2Z%plied specimen elocities are
smaller than the-ply and 11ply laminate.The crack length data wenot measured

for the 25ply case. If the high speed pictures are investigated, it is seen that the
crack initiates from a prerack. So, the real crack length was not aeteed
reliably. During the crack length measuring part, the crack initiation locations were
found in the first place. The angulposition of the crack formation points walso
calculated. InFigure4.4.15, the angular position of the crackateation points for

the 11ply and the 23ply speamens are shown. In the fy specimen, the crack
nucleates 1lleft of the center of the curvature and in tieply specimen, the crack
nucleates 9right of the center. For the-ply case, the angular position was not
calculated. Although the nucleation point was easily seen, the specimen lost its

curved shape befe the failure Figure4.4.7).

(a) (b)
Figure4.4.15 The crack initation locations for (a) Xply specimen (b) 2ply

specimen.
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4.4.3. [90/0] Crossply Specimen with 17 Plies and variablénner radii

In the [90/0] crossply laminate, the failure mechanism has been discussed for
different ply numbers (i.e. thickness) ofshaped geometry. Nexte radius of the
curved part is changed and the effect of the inner radius on the failure mechanism
will now be discussed. In ordéw monitor this effect, all the geometrical constraints
except the inner radius were kept constant and 5 mm inner radius test batch were
prepared. Three different tests were conducted under the shear loading and
monitored with the high speed camera. Thadlaisplacement curves are shown in
Figure4.416. There was 200N difference between the maximum load values. But
the stiffness values were in good @gment. A reason for this difference can be the
initial cracks or voidsin the structure due to the manufacturing disabilities. The

variation between the maximum loads is investigated in future work in detail.
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Figure4.4.16 Loaddisplacement curves of 5mm inner radius experiments

As it was discussed in the previous sectiongssply specimen curves have multiple

load drops. The same tendency is seen in the 5 mm inner radius specimens. But, it is
observedhat the stiffness change is considerably high compared with the previous
cases. The load decrease to-1H0 % of the maximum load. After the crack
propagation, the smaller inner radius increases the sharpness of the specimen and

increases the stress centration in the curved area.
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The high speed camera pictures show the delamination mechanisms. The experiment
pictures of the experiment 2 are used for this purpose. In the first load drop, the load
decreases from 500N to 150N and two delaminations nucleated and propagated
successivelyAs it is seen irFigure 4.4.17, the first two cracks are formed at the
inner part of the curved region. The specimen with two cracks cannot cacty mu
load. The second maximum load is less than 220N. The stress concentration of the
curved region is supposed to be higher than the 10 mm iadeers specimensSo,

the damage tolerance of the specimen decreases with decreasing inndbdhdins

the second load drop, a third delamination is nucleated very close to the first two
delaminatios. Although the cracked part is small compared with thieole
thickness, the specimen lost its stiffness after this point. In the third load drop, the 4

and the & delaminations are seen.

doiq peo o€ doigpeo ouC doi@ peoT T

Figure4.4.17 High speed camera pictures for speciméqi22.38¢s).

From the high speed images, the crack nucleation point was determined first, which
is 18 left of the center of the curvaturEigure4.4.18). By considering this point as

the origin, the left and the right crack lengths are measurdgigine 4.4.18, the

crack length data with respect to time are shown. The gnaighof the acks isnot

the same. The left crack size is higher than the right crack size. Furthermore, the
crack tip speeds are calculated by using backward difference method. The left and

right crack tip speeds with respect to time are showrFigure 4.4.19b.The
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maximum value for left crack tip is calculated as 1716 m/s and the maximum value

for right crack tip velocity is calculated as 881 m/s.

Figure4.4.18 The angular position dhefirst delamination with rggect tothe center

of thecurvature.
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CHAPTER 5

DISCUSSION

In this part, the results of quastiatic shear loading experiments conducting with
[0/90] fabric, [0] UD and [90/0] crosgly specimens that presented previous chapter
are compared each other under four headings. In Se¢0B®0] fabric aml [90/0]
crossply experiment results are compare to disauss different prepeg types of
same CFRP with same orientation in terms of microstructure, loi&placement
curves and the failure mechanisr@ the other hand, tHay-up difference ¢ same
type of CFRP prgpreg is discussed in Sec. 5.2. For this purpdke, load
displacement curves and failure mechanismh®f0] and [90/0] oriented laminates
are compared. In Sec 5.3, the thickneffect on failure mechanism of cregly
composite laminates discussed. In addition to the baseline ply number o7 171,

21 and 25 ply specimen results are compared. In Sec 5.4, the effect of inner radius on
failure mechanism of crogsy L-shaped laminate is discussed by comparing 5 mm

and 10 mm inner radius specimens ofply baseline.

5.1. Effect of the Material

In arcraft industry, different types of carbon fiber geegs are used in the
reinforcement of the composite laminates. The two main types girpgs are the
unidirectional and the woven fabricated qpregs. In unidirectional (UD) p#eregs,

the majority of fibers run in one direction only. The angle represents the fiber
direction. In woven prgregs, a group of fibers are combined to get an even
reinforcement. The woven fabrics are produced by the interlacing of warp (0°) fibers
and weft (90°) fibers in eegular pattern or weave styl8q. In this part, differences

in the failure mechanism caused by using UD-gregs or weave p#eregs are

discused.

For this purpose, the-thaped structures are manufactured with the [0/90] UP pre

pregs and the [0/90] 5HS weave ypregs. To get the same laminate thickness, the
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specimens are manufactured with different number of plies. The [0/90] UD laminate
has17 plies and [90/0] laminate has 12 pliesFlgure5.11, the texture differences

of the UD and weave fabrics are seen from the thickness perspi@cthicrographs.

Figure5.11 The texture differencbetween thé&abric and UD laminate for 90/0

orientation

The first comparison is related to the ledidplacement curves as shownHigure

5.12. The woven fabric (orange colored) resists higher loads than UD laminates
(blue colored). In fabrics, a single load drop occurs whichrresponds to
delamination. On the other hand, the UD 90/0 laminates have multiple load drops.
Another significant difference between the curves concerns the load carrying
capacity after the failure. In the woven case, the specimens do not resist to.loading
But in the UD 90/0 case, the cracked specimens can carry load up to %75 percent of
the maximum loading. The damage tolerance of the UD laminates is higher than the

woven laminates.
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Figure5.12 The loaddisplacement curves tfiefabric and UD specimens.

The high speed pictures of the specimens are showigume5.1.3 andFigure5.1.4.

In the woven fabric laminate, only one delamination nucleation is observed. As it has
been shown in the previous section, the delamination propagates béted8rand

the 6" plies. When the fracture surface is investigated with the microscope, it is seen
that the crack follow the 5SHS weave structure. Because of that, the crack is not seen
as a clear interface in the high speed camera pictures. Althouglobserved as a
single crack, the crack appears to be branched and multiple cracks are seen in the
micrographs. The weave pattern prompts to the fiber bridging during the crack
propagationFigure5.13).

micrograph othecurved region.
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of thecurved region.

In the UD 0/90 laminate, the high speed camera pictures show sequential
delamination growth. The detailed explanation for the failure mechanism has been
given in sectiod.4. But, as a reminder, the crack growth starts at the inner part of
the curved region, at thé“3nterface. The cracked specimen keeps carrying the load
and a second delamination initiates at thérerface. The subsequent deiaations
propagate in the Bload drop, at the %7 and the & interface Figure5.14). The
stiffness of the specimen decreases after each loadodtdhe specimen still carries

load as far as its capacity. After the experiment, the failure surface was investigated
with the microscope. The locations of the delaminations were obtained by this way
(Figure5.14). Also the crack types are classified. An example of the micrographs is
shown inFigure5.14. Three types of cracks are monitored. The first one shows the
delamination while propagating, induced with the matrix cracking in the 90° ply. The
second delamination propagates in the O®idayand the final delamination goes
straight between the 90° and 0° layers, which is called the interlaminar. From these
observations, it is concluded that the weave of the fiber bundles can change the
delamination mechanisneventhough the loading, bouady conditions, dimensions,
orientation and the material are kept intact. The weave fabric texture prevents the
complex failure types when it is compared with the UD material. But the UD
material can be more damage tolerant in the 90/0 orientation.
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5.2. Effect of the Lay-Up

In order to discussed the orientation differences and the effect on failure mechanism
of composite specimen under shear loading. The results of the [0] UD laminate and
the [90/0]crossply laminate are discussed in this section. Accordintpéoresults, a
dynamic delamination process has been observed for the both cases. This condition
proves that the layp differences do not affect the dynamic failure of the composites
but they affect the load carrying capacity. Higure 5.21, the [0]7 laminates can

carry up to 850 N, while the maximum load of the [90/0] cigsaminate is 500 N.

The difference between the maximum loads can béamqu with the difference
between the longitudinal modulus of the composite laminate which makes the
laminate stronger in the longitudinal directiomable 3.3.2). Therefore, the [0]
laminate is stronger than the [90/0] along the loading direction until the initiation of
delamination. After the delamination process, the load carrgaqacity of the
laminates iglifferent, eitherln the [0] laminate, there is a single load drop where the
structure loses most of its load carrying capacity. In the [90/0] laminate, three small
load drops are seen until the loss of all load carrying capacity. After the load drop in
the [0], the load aaying capacity reduces to one tenth of its initial value whereas in
the [P0/0] plies small decreases are observed after each loadTdlop. r esul t s s

t hat t he del aminati on process i s di ffe
del aminati omopi mreneoblseaded in the failu
whereas sequenti al del amination at each

| a mi nFayurext 8.2 a( nFigure4.42) .
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Figure5.21 Load-displacement curves of [0] and [90/0] specimens.
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Figure5.22 Failure mechanism of [0] UD laminate
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Figure5.23 Failure mechanism g@®0/0] crosspiled laminate

5.3. Effect of Thickness

In previous section, the effect of ply orientation in same thickness has been
discussed. Ircrossply case, aifferentfailure mechanism has been determined. At
this point, the next question is whether same failure mechanism is seen in specimens
with different thicknesses or it is unique for the one combination of plies. For this
purpose, [0/90trossply laminates were anufactured as 7, 11, 21 and 25 plies with
same manufacturing technique. The other dimensions were kept same with the

original specimens. The resuttsmpared with the 1ply [90/0] laminate.
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Figure5.3.1 Load displacement curve of specimens with variable thickness
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The first comparison is related toad displacement curves. One lahsiplacement

for each group washosen andhe loaddisplacement data wermdrawn together
(Figure 5.31). Increasing thickness increases theximaim load of the specimen.
However, thickness does not affect the maximum load after a gdiatmaximum

load values of 21 an@5-ply specimens are very close to each other. Therefore,
thicker laminates argetting stiffer which linit the flexibility of the part.Although,

the maximum load values of 21 and -p¥ specimens are very closehe
displacement alues at the same loadateas&0%.On the other handhe flexibility

is a problemn thin laminatesThe maxmum load of 7ply specimen decreases up to
16% of the maximum loadl7-ply specimen whilehte displacement value ofply
specimen corresponding to maximum loadtwo fmes bigger than %ply case.
Similarly, 11-ply specimen has 25 mm displacement idirection before the first

load drop wherea%7-ply specimen has 17 mm displacemeédhe of tle important
outcomedor 17-ply crossply experimentds multipleload drop baracteristicThe
multiple load drop in loaddisplacement are seen in 25,-@§ specimensAfter
reloading, it is seen that the maximum load after the crack reaches 75 % of the un
damaged specimenbés original | oiaalionforar r yi ng c e
the crossply laminates can be the load carrying capacity of the specimens remains
unchanged after the crack formatiotn 7 and 1iply specimens, one load drop
occurs.The flexibility of thespecimenss affected the load carrying capacityp tb

first load drop, the specimens are very close to lose their curved shapes. After the
first delamination growth, the stiffness values of these specimens are getting lower

and they do not resist the loading.

The loaddisplacement curves of experimerggee normalizedn accordance with
stress terms. The load is divided Byar determiningthe bending stress in a beam
and the displacement is divided by the tangent of the angle between lateral and
longitudinal displacemerdf the curved bear(Figure5.3.2). Therefore, lte effect of
thickness is eliminatedThe normalized stiffness of the specimens with variable
thickness and maximum stress values are f@amslame. But, the failure behavior of

the specimens after the first load drop do not look fan(iiegure5.3.3).
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Figure5.3.2The angle between laterahd longitudinal displacement with respect to

load application.
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Figure5.3.3 Normalized bad displacement curve of specimens with variable

thickness
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Figure5.3.4 Comparison of initial delamination failure high speed pictures of [90/0]

crossply specimens.

103



The high sped images of laminates have been shown in sddli@in detail. For
comparisonpne of the images for each lamina@responding to initial load drop

are closen In Figure5.34, it is seen that the first delaminations nucleate at the inner
part of the curved regio As discussed previous sections, the high longitudinal
stresses at the inner part of the laminate cause matrix cracks lay80that initiate

the first delamination in the inner part of the laminate. It is concluded that, the failure
mechanism of [9@] crossply specimens under shear loading do not depend on the

ply number of the laminate either the load drops are multiple or single.

5.4.Effect of Inner Radius

In L-shaped composite laminates, the curved part is found critical \sheer
loading. In theexperimental workthe inner radius of the specimens is considered as
a variable and two different configurations have been prepare@xfgeriments

which havebeenchosen 14ly laminate with 5mm and 10 mm inner radii.

In Figure 5.4.1, the loaddisplacement curve comparison for 5 mm and 10 mm
specimensre shownlt is seen that the slope of the ledidplacement cungedonot
depend on the inner radiusthis result corpareswith section5.3, it is observedhat

the effectof the thicknesssi greater than of inner radius on the stiffness of the
laminate.The multide suddenload drops during failure are also seerbimm inner
radius case. The only bidifference between these two casesload carrying
capacity after failure. In [90/Gjrossply laminate with 10mm inner radiuthe failed
composite specimens wergloadedand theycontinued carrying applied load with a
slightly lower stiffness. But in this cask,is observed that the stiffness change is
considerably high compared with the previous cases. The load decreas&5@4l0

of the maximum load. After therack propagation, the smaller inner radius increases
the sharpnessf the specimen and increases stress concentration in the curved area.

Therefore, the load carrying capacity decreases.
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